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THEME

At present. for calculating the flow in turbomachines, averaging in time and location is applied and corrections due l
unsteadiness are incorporated after%%ards. The results are not satisfactory, We are miss at a turning point for the
understanding of the unsteady flow in and around the turbomachinery and it is hoped tltat in future unstcads flowA
calculations could he applied directly. The putrpose of the meeting was to bring together specialists for unsteady floss
calculation methods and experimentalists for turhomachinerv. The main issue should lie in the basic phyvical understaniding
of unsteady flow effects in the turbomachiner) surrot'tdings and their description. 2D) and 3D calculation method, for
inviscid as well as for viscous flows were incorporated.

A I'h~ure aetuelle. lecealcul des ikoulements dans les turbomnachines se fait par application dejla movenne spatto-
temporellc. les rectifications demand~es pour compenser les effets des phenom~nes instationnaires tant apportces
ult~rieurement. Les i sultats ainsi obtenus ne sont pas satisfaisants. Aujourd'hui. nous sisons un moment ddcisil pour cc qui
est de Ia comprehension des 6eoulements instationnaires i travers et autour des turbomachines et noius esperons qua l'asenir
les caleuls des 6coulements instationnaires pourront tre appliques directement. L'objet de Ia reunion fut dc rassembler Ic~s
sp~cialistes en mati~re de calcul des 6coulcments instationnaires ct les exp~rimentalistes dlans Ie dornaine des turbomaciaes.
Les discussions ont porte prineipalement sur la d~finition p. iysique de base des effets des ecoulements insiationnaires en
environoement turbomachine Ct leur description. La r~union a examine egalement Ics mcthodes de edleul bidimensionnelles
et triditnensionnelles des 6coulements visqueux et non-visqucux.
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EVALUATION REPORT

by

J.Fafrn

1. INTRODI-kTION

Pu rel y empirical at its start, the design and realizatioin of turbomachinc, bcainic nio re vid mio re raional ized sl thr
Designer was able to use sophisticated iheories and high performance computers.

flowesrr. this is true for the design point oif orperation onlk. for which iheory and numerical computation maN Ic,
considered as perfectly operational. Ifa proof is needed, one has just to consitler the decrease in size intl weiehtand the increasec
in power and efficient: of the present time let propulsion engines, as compared to earlier dlemrens

On the other hand, the off-design operation oif turbomachines and, even more, ihe iinstead,, phenormena that takc place
during the transients. and event during the %teads operatioin of the machine. is less well known and did not ilt ain. upJ-1 -n1 1 A The

same degree of adsancement than the steady state operation

As a matter of fact, a distinction has to tit made betwei~en the s ariotis nonrr-siciadi operaii, itsfit rhiinrachiniie

the most spectacular iines cirresptrid to the Irighli off-desii oiir~iting cirdioits. Mii elLC siie lttl fli:rs

rotating stall or any iither undesirable behatiour of the eniginec can be obsersed.

less deteriorating, for the perfo rmance% or the st ructiire. are the '~lac ilie ractios iris. sslih Ina%. h~ it es r. I te , Ns ci
the design point of operation:

finall, .the unsteadiness oif the flow during supercritteal oiperatirng cioniini ns cisc rise toi titidesi ribl p rcssii c
fluctuations, which the designer has to aviiid.

At the present time. there is nit sufficiernl reliable experimental inscsticatliin tit untcard% fioss Il ill tI I)s),I niachiiis ihiell. a
a round isolated at rfiiils much si phisticatcd research "as alreadi, conduct ci Ili 'itch recittles lItti. hcc~i, 11IlI it lie hul t '
possible only to compare computational codes between" IiheMslVVs.M iT& Ittii, liti the mutt sunitii ot fo ifith task rlupuici

This is the reastin for w hicht PEP, the Priipulsiiot aiid Fiergetics Panel tit M~ rARI) has de--isled to 'ri ie a ,eie I I,,I
Conferences tin I Isteady Phenometna in Turbomachincs in order to comnpaire thle dc viee ilt lrttccrriiii III (tic, retnt 01 ind

experinmental research conducted in this field not (,tit tin the NAT( oiiirics. hill d-s if) Si11T11d ci Ind itst\isr i -'i
indl~iusswork in close cooperation with those of the NATO ciiunrics

This report gives a crntical Suii -Y, of the content if the papers presented tluritic tli. rtiueihc in inlet cisepitclilia
pints of iterest and rIndications for future research 'ond desclopmeii thuwuili hue ittil iii ;I h,> ii -01 <ill Ii 1

rtpriiseour know ledge of unsteady aer"odynamics intt iirbi rnaclriiesand .rs d their hi rilt ng e lt

2. (RITI( AI. SURVEY OF THE PRESENTATIONS

2.1 U nsteady AcrodYnamics (if Blade Cascades

It is quite unexpectetd that in most oif the uJIrstatts plenirmCita studies fut Wtrhitrraclinres. tferi ii titu;I1tu III,
coritirniatiot ibetween theotry aird experiment, atl least itutsrldc .[t filditnarri ,I resetrel t in ioiicasiisrti ii, 1autlii isis "'
excluded] from the sciope (if the meeting.

I heuries are thereti re ciomrpared lirtweeti thenisels es arid til Irs Mi C tamely Ie case it the picseinatri it A. Mle ;itu
KJ lernirt (M. *tU . (iermany) whir did r hesitatir st udv rie if the motst difficltpI llih III 10tIIirr'llritCt V lie ll
flutter. Alrarentlv. this problem is solved itt the case iif isolated airftoils itt in the case itf Iratl row, lie ercit 11iii1ttI'
Cornfiguratiouts. dueI iio the blade interaction antd inter-blade phase aingles. triakes it rcallk mrore diftficurlt Ini concrltiui It thre
authors is that for the present time blades. the weight of which is much higher thtan the atritrlxun iteal lirees aeti, 1ii on i. lil
the energy baltance methods are stifficetitly accurate toi define the vibrartitoit frequencies ofl (lie blatdes Bitt lo t hturc cnii rc
with light weight. hollow blades, new\ methods airc reqiired and tire rgernsallis nmethoi d pri poci sl 1,t ih .i, iiiIns ctt ni ire
appriipriate for the determination of the critical blade frequencies.

In the meantime, the expertimental investigati in contductedh by' A IMiles. FI I.li atissirit ) sclialli It i I . I ,uaiu
Switzerland) Icoimfrirts the designers who are accusttr,td to tlte superposition method. uisintg resutils iobtained Ii stitplefic
eas,.either by theoryiir by means if expecriments. These authors have iteilit annular bladle cascatle, i.e. a fixetd bladle rots a,
similar as% possil toi an tietial rtor. withorut the uliffietiltv (it experimntiing a iris\ tic cascade. and basec shorwn that In t11,11s
eases results ohiai. ed with iricateut vibrating mid, coeruld he also obtaitned 11 v %uirrpo sitig srtrtple s brinting nit tile, It is
certaiinly it relief for research its well ats ft r intdustry. w&here this iresult wurs takeit pr in.



I hes ci t ruIt, p resnted bsI I P K.. and I IF.0( IaIlus KW, Ifl L, Aache n. ( rerrian I were Obtained ,i I more snIiled
test tkO5 .I .I iraitt bladle ad.is.'al Iu ,i the Othler tranei hate iee i sukcc-sIllIs toilparcl ito comiipuititionail iesuli' (it file

a' czthi r, Aluh it tic Itho) iro resol s es on I\ I lie noii-s scout. its diiitensainal Ir LuIer equ i lins w hercas the flow is 5 iscoius
allt nwii. 'tri less liree ditrieisi .ial) the cliedi b flasle gcritieir (i the uiisieads [lit" pheiii iielia Ii blasde Laach% I~ ell
citptasised aind the us.e oit flat plate cacdsrejected.

iputair ti On blade CascadesI in a cipesil.i~e. us noss bs means tit he coupling bet mc cc-i trean aind
hi undakr\ laser has been presented h% NI.( iaiai s. P61r-hOi JuX-Ljas iit ani.( .1- LeBal~eur(ON1 P- A. France) I the Fetid iiiir ede
eh,,esl cprarom. liubbl cii iha a, ser cpic b. isiltar liver that reattaches hirither di- iiarcan. wascseei, l studied
I operlninial results coimiforting thcorN hase beetn Obtained. up 10 now. oni isolatedi flai plates oni, and the audience Is brigitte
fori ilre co"irilcteco'itpiris.i bet ci stee Ili. r, and ex perience. "sOridering nariel\ if in the bladle cascaile the separated Ili- i'Carl

realls reattach or nii

souch .i the. r\ IN Ini ads artee it experimntal result% and it might be interesting toi compare it io) ihe work tf I sic Ru ek.
lit F1J atari~. Ands ( ht I hirsh I\ rile I nisersiteti. Firussels.ielgeitnl whJo gaser a much detailed experimental anatsts of the this.
atnd the ii uiidarN j\ las c iii a osetLltiii isolatesl aciofoil, kith large: amplitude oF oscillation. 11we sepraiton atnd r'Cial~ine'tt
'IF the boundars law cr nca r The leash ni Cdue: i, mtidiarto io shai the abovse paper "as expecting. ht twcwr the Mach uinher is %cr\
0, and iti is nit sure it all tiat such resulis can hie gcettralised ti real tompressor or turthine hladi ug,

It is skirprnsin& thi sit inati auth. ,rs slid liii unilerstanil the differetnce betweeti isotlated airloils atid fixed utr rotatit blaile
c~asce flits i ' ani the ease tit K NI1 f-. tster I Stuttgart Iut ercsity. G erniani, I wohit climputes the flits arotund at cambered
isolateil lladc ii [thort e askirti hirtiseli it, Ii iic eeaseof aI cascadel, the higher pressure graldicUii ssiiuld nit leadt t siiOtng Flirt
sepa runiii On the bilade prsre side

2.2 Blade Ro% Interaction

t ic ofi ihe maior uriseltres it this uteelite isis the fact that sesecriF papers sito ciu osidetrtte lie effect (i dic IIritIcti ii

between iwi i diaceiti blade riow,

lit amt real tirirnachine. ritlideOt a sinigle btlde triw. ,tie Of the lilasd rows is attacked bt\ a it tilotilt ti1t". iris! the istako.s
tit the shioik-iuaics Issue(] Irorrt the titlilic edc tit thle upstream hlaste ritw iiileraets with thle dits srcatt Oneic u liprcssiie
wasc Or it s n shocrks issued Fri m the leadintg edge iOf the dmits itreanitrow, ileals it, Iteract with the tipsireatli rile

Furthermor re. Onme (if these blade ris is usualls a mis tug one, and therefotre these irttracti.ill result i tite ile endett
pressure fluctuattirtn

A, a nmatter tf f tact. tutu Isnokii. at the present tine. it Ithese pressure tluctuattittis t uprise: Or dc ternit ateI ili
pt-fi~ranee O it a Ottpressir ir a turbitre. sint-e ipparett Ili the case if at heliciijitcu titrl. the briutisar\ lIte spaaT..OIii
htndered hot the hits utisteadiness aind. parad..xtealii.mproises the perfiormance.

f F twes r. lii be in the safe sitc. R I FHendierso n I(Pernt Si rie Unitersitio. U Aan J.1 itillForti ek ti-he ( Ipen t 'tii ersi is. I
itss sd a thcort. fur ininiising the tlis. utISteadlittess ite iblate Itrw [itierts huh. Ill iOrier iii Oda i Crs tlast, tie tre.Cs! situtatr..i

if the hlades

Ihis couplinig between aerod\ttanuical ftorces ands blad~e structurv has lie tIhu nights, tlesc h\, IF Jotuitert and Vs R. ncheti
(SINN A. F-rante) whti. using ads anceut com.nputattional coides but h fir the avier d) mimics ti the btastrtgs, anst Fur the strti ti!a
fuirces. eiompart the sibratiun uta slaluir blading under the effect f ithe wakes i usses from the upsi rear ritl. Tti research can
lie cuitusistrest as fits starling p.oitnt (if itI long d~urat ioni research protgramn that w otutit cs ettualls leas to i ahtetir uldtatiutst g Or
these inlericiun effect.

Ftis even inure difficult toi undersiandt what happens% when the milvinghtuade roiw induces hock wases that sweep the siii
blade sucttiin sideAeclever experimental set-up devi~ced at O xtuird F nivcrsulv bN A.BJutnstn I lreselttt at (anitrtilite
I nuserstis I 'KI. NI.j igbs, IRitls Riivee. 'KI anid M1 i( lcfictd!~ )u.Futrd F, iiversiti reprouctes the passage itf a sti'cc wise,
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Summary

The effect of unsteady nerodynamic loads on the natural modes and fiequencies of iinshrouded blades of aoial flow
turbomachinery is investigated. it is shown that significant shifts in eigenfrequencips and aerodynamic coupling between
different modes do not occur for blades with a large mass ratio. Even for compressor and turbine bladinns of recent
design, it is generalb, possible to neglect the effect of unsteady aerodynamic forces on the vibration characteristics.
Therefore, the Energy Method is applicable f- the theoretical flutter investigation of these machines. However, for
future light-weiqht designs, e.g. hollow fan blades or blades made of fibre-reinforced 7dactics, the effects of unsteady
airloads on the vibration characteristics will be larger. In these cases, the Figenvalue Method will have to he employed
for flutter prediction as well as for the calculation of elgenfrequencie and natural modes.

N-menclaZtre

k reduced frequency

I se generaliced airload coeffirient

m mass per unit area

'.4 gencralived mass of s-th in-vacuon ilenmode

n outward directed unit vector normal to blade surface

p, unsteady pressure amplitude

Pe pressure amplitude due to e-th ciqenmode

Q qenecalived unsteady nirload

o,rC,r coordinates of blade surface

e, q indires denoting in-vc-o eiqenmodes

t t im-

"ref v - oity at a reference radiuis
7 local deflection of blade surface

loiaritthnic decrement of I-th eigeomode

p. rmass ratio

ps qneralived mass eatio of s-th in-varuo ciemoide

,1 circular frequency

W I ircular frequency of lows: in-vacuo eiqentnde

Q]I  circuar frequency of l-t
t
i eigenmnde

up, genraliced cnordinatp

to-saran eiqnmdoie

ref density -it a reference radi,

lot rodqielion

Prerise lknowledge of the vibratinn chfaracteristi s of the dres is of paramn, t importanee in tie desiqn of anial flow
tucrhbomachinpry. Figenfrpriencies bnve ti be ltined ti ,n .nqinp iirder rpsonanres, whirs might cause fitiqie faiure.
and hlade vibrations must he shown not to lie rcited by self-inturcet insleafo aecodynanic orres,. -inqi itoslale
oscillations called flitter.

FigenfrPguenries, rigenrenifes and flutter staiility rn lie oalidated frnm the lilancp of dynauic fr ces actinq Upnn
tIue idaes, i.e. inertial, Plastic and instendy aerodynamic forceq 'see fig. f). A flutter prediction method tking into
aront all three kinds of forces is called F iqenvlire detohnd. The unsteady aeroinamic forces are often neglerteil in
tfa balance of forces, i.e. cigenfreqciencies and eigenmodes arc ralcilated as if the hladinq would work in vart,num. This
permits a romplete dpcnupling of the calrulatir of eigenfrPqiJPncies and Pigensodes from the flutter calculation. The
flitter ntabilitv in this ease is determined by calculating the energy that is transfered from tde flow to the vibrating
blades hy unsteady rerodynamir forces. Thin methnd is called Energy telind. When etoplonino this method for Ittiter
prfdirtion, psqihle couplinq of different in-varci eiqenmndes by unsteady aerndyoniric forces as well ns modifications
of aiqenfrqiencies are nenleofted. The aim of tfie stitdv presented herein is to compare the results of the two dif erent
flittier predirtinn metthods in order to assess the range of applicability of the simpler rnerq Method.



In the following chapters, the equations of motion of a blade, taking into account inertial, elastic and unsteady
aerodynamic forces, will he presented first. The solution of LIese equations will be formulated as an eiqenvalue
problem, and general expressions for eiqenfregiecies and aerodynamic damping will he given. iubseyiently, the
expression for aerodnamie damping used in the Energy Method will be derived as a limiting case t, the general
expression derived hefore. To assess the effect of different parameters, comparisons of flutter calrulations based on

Figenvatue- and Energy Method will be performed for a simple two-deqrre-of-freedom (TnOF)- flat slate cascade
model. romparison of Pigenfrequenoy and aerodynamic damping calculated with Fnerqy- and Figenvaliie Method will

also he presented for a wide-rhord-fan and a propfan rotor, in order to asess the order of magnitude of differences in
cases of practical importance.

Frguations of 'lotion - Figenvalue Method

For the problem urder discussion, it is convenient to approximate the motion 7(x,rQr,t) of a blade by a finite modal
series, the advantage of this choice being that no inertial coupling does occur among different degrees of freedom.
Assuming harmonic motion,

S

where for each mode,_ is the in-vacao vibration mode and w the generalized coordinrte of modal motion. Neglecting
structura dampin , th equations of motion for these degrees of freedom can be deduced by considering Lagrange's

equations:

_ 1 2  W 2 ( Q s-I . S
S2iS

Here, Ms i m(x r9, r) S j(x,rer} dA

A

is the ge.neraized mass

and Q a fP' K f(x,r6,r) dA

A

is the generalized unsteady airlroad.

(, is the eigenfreuency of the s-th in-vacri genmode, w is the hlade mass per unit area, p' is the unstnad% static

pressure aoplitide on the blade surface and i is the outward dir :ted unit vector normal to the blade surfacc.

Assuming a linear relation hetween static pressure and mplitude of motion, p' can he expressed as

p' , v . , e ,S
where p is the pressure amplitude acting upon the blade during oscillation in the c-th cignuonde. sing eq. '5,. th

generali ed unsteady airtoads ran be espresrett as

S

0 a v f/P. ii 1x.r9, r) dA

or, with

L A. "J-P." T Ax.rO,r) dA 'it

Os £'X
2.  15 DGSwhererandeV Sr. de

where R:e, ,nd Vref re density and relati, - ' ow veloritv at i reference rediis.

Thus, the equations of motion (2) ran he written as

S

Mlii w
2) p a V

2

a a re re L.ae W.

Introdurinq the ahlueviations r , -- ' Rref Orafl) X= (W u/W)' and k WOefVref, the equltions of ucOtion reaJ

S
(A- ) 1 2 ,. • W r,"o

1) psk (wlc) e,

Or (A -AJ) 5 jO

where I is the unit matrix and A is a matrix with the elements 2 L 2S

j /W P k N (/1

LS for ets (t2)
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The vibration characteristics of the blades under consideration of the unsteady aerodynamic forces can be deduced
from these equitions. The eigenmodes are 'escribed by the eigenvectorm of the system of equations (11); the
eigenfrequencies a2. and the aerodynamic damping 61 of the different eigenmodes can be calculated from the
eigenvalues of eq. (I) according to the formulae

Re reX/

As the eigenfrequencies .. are not necessarily equal to the eigenfrequencies cw of the in-vacuo eigenmodes, the
unsteady airloads can be seeh to influence the vibration characteristics of the blade.

9

Energy Method

For large values of , the elements off the leading diagonal of,& will be small when compared to the elements on the
leading diagonal. In these cases, the eigenvalues of A can be approximated by the elements on the leading diagonal, i.e.

SL____ RefLj im Ass I
2W 4 2 Pk1 W' 2 22 2

Again, if As is large, the above equation is approximately equivalent to

I,, # .i •MA~
X s 22 2 (14)

Here, the imaginary part is small when compared to the real part, and Y5i
5 

can be approximated by

VT.= F. e't 2  
a sI- (cos(fV/2) i.nsOnP/2J) (15)

: v1 f.( 7 e ?P12 )
,here

Im (L) Im [(1)
Re k 2

%1 n introducing this result into eq. (13), the eigenfrequencies are found to he almost unchanged from their in-vacuo
vaiue by the presence of the flow around the blades:

The same, of course, holds for the eigenvectors.

Taking into account the results obtained above, the following expression can he deduced for the aerodynamic damping:

m Im IL.M J -2 q, (1
1 z 7 r .-- -2 ,1 . T r_ . r e

Re \ -A 2 I kk 2 q,,

This is identical to the expression

64 KEa (20)

qiven by F.G. Carta (1) for the aerodynamic damping. Here, W is the work done by the aerodynamic forces on the
oscillating blades, and <Es is the mean kinetic energy of the bladf when oscillating in the s-th vacuum eigenmode.

For large values of M , thus, an eigenvelue calculation as described in the previous chapter is not necessary. As
eigenvectors and eigen requencies are almost identical to their in-vacuO values, the aerodynamic damping can be
determined from eq. (201) after the aerodynamic work W's has been calcu'ated.

M as., Ratio

As has been shwn in the previous chapter, the Fnergy Method is applicable for large values of 1 . However, as the
value of M depends on the way the eigenvectors are normalized, /u is not suitable for an a priori Idecision about the
applcahility of the Energy Method. For that purpose, it is more cnnv nient to use the mass ratio

/ m#-&9 (21)

which is roiJghly proportional to / . Here, n d is the blade mass per unit span and Q,, and c . are gas density and
chord, rospertively. ". can be taken at a referrAee radius, or as blade-height averaged v~Je, re.
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The effect of/A- on the applicability of the Energy Method will be discussed in the following chapter, along with the
effects of some other parameters, by aid of a simple two-degree-of-freedom (TDOF-) flatplate cascade model.

TDOF - Flat Plate Cascade Model

The cascade model used for the parameter variation is shown in fig. 2, along with its geometrical parameters. The
cascade consists of flat plates with a translational degree of freedom normal to chord and a torsional degree of freedom
about the elastic axis. 

5 
s there is an offset between center of gravity (c.g.) and elastic axis (e.a.), coupling between

bending and torsion occurs even for the in-vacuo eigenmodes due to inertia effects.

In fig. 3, 6 pM* of the predominantly torsional eigenmode is shown for different mass ratios as a function of relative
flow velocity at M = 0.0 . As can be seen, the differences are small if the cascade operates far below flutter speed.
When the flu4ter speed is approached, the curves diverge. The differences are small for very large mass ratios,
e.g./A* =7.10 or 14- =,/Z 10 , which indicates that the high mass ratio limit has been reached, for which the Energy

Method is valid. Similar calculations have been performed for different Mach-numbers. The relative effect of the mass
ratio on the flutter speed at these Mach numbers is shown in fig. 4. It can be seen that, when increasing the Mach
number from 0.0 to 0.5, the sensitivity to mode coupling increases. If a 5% error margin in flutter speed is considered
acceptable, the Energy Method would be applicable if/k. > 160 for M = 0.0 , and if IA*> 560 for M = 0.5. For supersonic
relative flow, the range of applicability of the Energy Method extends to far lower values of iA*. However, it should be
pointed out, that these results are by no means generally valid. A change in the ratio of bending to torsional stiffness is
only one further parameter affecting the applicability of the Energy Method. In fig. 5, valid for M = 0.5, it is shown that
the sensitivity to mode coupling is the larger the closer the eigenfrequencies for pure bending and pure torsion are.

Although the example discussed above is quite instructive, the results are not generally valid. As it is impossible to
derive general conclusions from such parameter studies, any A priori decision about the applicability of the Energy
Method has to be based largely on experience gained from earlier calculations. Two example results for turbomachinery
bladings believed to be more or less typical for modern configurations shall be presented subsequently.

Results for Wide-Chord-Fan and Propfan

Example calculations for real turbomachinery rotors have been performed for a modern Wide-Chord-Fan built from
titanium and a CRISP-blade built of CFRP (carbon-fibre-reinforced-plastic). The fan is operating at supersonic relative
flow velocities, and the radius-averaged mass ratio at the flow conditions investigated is approximately =0. The
CRISP-blade operates at tip Mach numbers close to 1.0, and the radius-averaged mass ratio is approximately A-=40. In
both examples, the generalized aerodynamic forces have been calculated with D.S. Whitehead's FINSIIP code (2;,
applied in a strip-theory manner. For both blades, the components of the lowest three eigenvectors are shown in the
complex plane in figs. 6-11. As can be seen, mode coupling is small for the titanium fan blade, but is relevant in some
eigenrodes of the CRISP blade. These trends are similar for the eigenfrequencies and the predicted aerodynamic
damping, as is shown in tables I and 2.

It should be noted, that the results presented are valid for an operating condition which is far from the flutter boundary.
Calculations indicate that no unstalled flutter has to be expected within the respective flight envelopes, so that no
effects can be studied close to the flutter boundary. From the results obtained in the previons chapter, however, it may
be expected, that the differences between Eigenvalue- and Energy-Method become more substantial when approaching a
flutter boundary. Nonetheless, the differences are expected to be negligible for the titanium fan blade, whereas for the
CRISP-blade the differences are expected to be relevant. In this case, any flutter calculation has to be performed with
the eigenvalue method.

Conclusions

The range of applicability of the Energy Method for flutter prediction of axial flow turbomachinery has been
investigated. The Energy Method was shown to be the limiting case of the Eigenvalue Method for high mass ratio.
However, a study performed with a flat-plate-cascade model showed other parameters to have an equally important
effect. Thus no generally valid rule for the h priori decision about the applicability of the Energy Method could be
derived. Results for real turbomachinery rotors, however, show that the Energy Method is applicable for wide-chord
titanium fan blades, whereas the Eigenvalue Method has to be applied for blades made of CFRP. It is believed that
these conclusions are more or less generally valid.
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Egure 2: TOOF - Flat Plate Cascade Model
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Eigenmode , ' -

I'ss

1 -0.8 %

2 -0.2%

3 .0.03%

Table I Fan Blade - Difference of Eigenfrequencies

predicted with 1index I) and without (Index s)
Consideration of Unsteady Aerodynamic Forces

Eigenmode A - Ws  6 - 65I.s Wus  6s

1 .0.4 % -3.8%

2 +3.2 % -5.5%

3 - 1.7 % -3.2%

Table 2. Propfan Blade - Difference in Eigenfrequencies and

Aerodynamic Damping predicted with (Index I) and
without (Index s) Unsteady Aerodynamic Forces



DISCUSSION

H.Joubert - SNEDI , Villaroche, France
Could the author give more details on the unsteady aerodynamic methcd he is using in order to

obtain the unsteady forces'

Author's response :
As indicated in the paper, D.S.Whitehead's FINSUP code is used to calculate aerodynamic forces

for flutter prediction. The flat blade cascade results shown in the paper were obtained with linear,
small perturbation singularity methods.

W.G.Alwang - Pratt I Whitney, USA
Is there any experimental confirmation of the flutter calculation presented'

Author's response :
The unsteady aerodynamics code was validated by comparison of calculations and experimental

resuits for the Lausanne Standard Configuration (see reference below). The capability to predict

accurately the onset of flutter was confirmed by checking prediction against experience for a titanium

fan blading.

Reference : Bxlcs A., Fransson T 1986

Aeroelasticity in Turbomachines: Comparison of theoretical and experimental cascade results-
Communication N

0
13 of Laboratoire de Thermique Appliquie et de Turbomachines de l'Ecole Polytechnique

Fd#rale de Lausanne, Switzerland.
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NUMERICAL INVESTIGATION Of UNSTEADY FLOW IN OSCILLATING

TURBINE AND COMPRESSOR CASCADES

H.P. Kau and H.E. Gallus
Institut fbr Strahlantriebe
und Turboarbeitsmaschinen

RWTH Aachen
Templergraben 55. 5100 Aachen

W. -Germany

Summary

A method of computing the unsteady two-dimensional, inviscid subsonic flow through
oscillating compressor and turbine cascades is presented. The non-linear Euler-equa-
tions in conservative law form are solved taking into account the time-dependent
geometry. For interior points MacCormack's explicit predictor-corrector scheme is used.
Boundary conditions are formulated by characteristics methods.

A comparison of compUtatluni results and experimental data is given. A study is
perfLormed showing the influence of important aerodynamic and geometric parameters on
the time-dependent forces and moments.

Nomenclature

a velocity of sound U flow values (p, pu, pv. e)
velocity v velocity in y-direction

c chord length x.y coordinates
e energy col coordinates for transformation
E.F flux vectors local normal vector
h bending amplitude dimensionless C =

with chord ir local tangential vector
J Jacobian q =(
k reduced frequency a upstream flow angle
p pressure Y ratio of specific heats
t time V frequency

tangential vector p density
u velocity in x-direction a interblade phase angle

I stagger angle

Subscripts Superscripts

B blade n value at time t
n numerical nl value at time t+At
ref reference value: value after the transformation

turbine cascade: downstream - value after the predictor step
compressor cascade: upstream of the MacCormack scheme

t total value at time t+At
value at boundary after the
MacCormack iteration

Introduction

The reliability of modern axial-flow turbomachines is particularly influenced by flow-
induced vibrations. They may be caused through blade row interactions, turbulence,
stall, inlet distortion and self-excited blade vibrations.

This paper presents a non-linearized method for calculating the unsteady two-dimen-
5ional, inviscid subsonic flow through oscillating compressor and turbine cascanes.

The two-dimensional unsteady Euler-equations in conservative form are solved on a time-
dependent grid, using the MacCormack scheme /I/ at interior points. The boundary
conditions are taken into account by a post-correctiou-method and one-dimensional
characteristics /2/. The moving computational grid is generated once per unsteady time-
step using the Laplace-equations corresponding to the method of Thompson, Thames and
Mastin /3/.

The algorithm has been checked first computing the steady flow through compressor and
turbine cascades showing the local accuracy. The prediction capability of the algorithm
for time-dependent values is shown by comparisons with several experimental data in
bending and simultaneous bending-pitching mode. The algorithm was applied to both
influence wave mode and travelling wave mode. The first part of a systematic variation
of important parameters shows their influence on the aerodynamic forces and moments
coefficients.
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Governing Equations

The unsteady flow is modelled by the two-dimensional, inviscid and compressible Euler-
equations written in conservative form. They are formulated on a cartesian coordinate
grid with x being the axial direction:

a a a
-- U + -- E(U) + -- F(U) = 0 (1)
at ax ay

where

( pu pv

pu'*p puv
u = v E ( U ) = u F ( U ) 2 +pv ) [puv = vi+u

e (e+p)u (e+p)v

They are closed with the assumption of perfect gas:

P p
e = + - (u. + v.)

f-I 2

This system of four partial differential equations forms an initial-/boundary value
problem. It is solved by a combined algorithm, using MacCormack's explicit algorithm at
interior points of the computational grid and a post correction method taking into
account the boundary conditions in a formulation of one-dimensional characteristics.
The following chapter will describe these algorithms in detail.

Mathematical Transformation

To solve the Euler-equations for a time-dependent geometry, a moving computational grid
(xyt) has to be used, where at each time step the physical boundaries coincide with
the grid lines (Fig. I). To avoid space interpolations on these grids, for the formu-
lation of he derivatives a/ax and a/ay a mathematical model is used, transforming the
physical coordinates (x,y) at a fixed time on a new set (C.q). From there the Euler-
equations will be solved in this transformed region. They can be written as

-- U -- -- F = 0 (2)
at a anl

where

U = U/I
A
9 = (U t + E. + PC,) I

F - (U i. + Fi. + G,) I

with the Jacobian

I

J -- - - -. . . .. . .

xe y. - x. ya

Sxpressing all terms in dependence of 4 and q and t the Jaobian can be eliminated from
an P. The equations can be remodelled analytically for and P giving:

a - * U. + p -x

(uy.-vx.))

,0
V. + p x )

(vx-uy,))



with the abbreviations

Uf = x, (ye-v) + y. (u-x)

V. - x% (v-y) - y. (x.-u)

Interior points

This transformed Euler-equation can now easily be solved at interior points by the
explicit predictor/corrector KacCormack scheme.

Predictor step:

-n.lJISJAt i° n [ 6 1 [- i 1 
'ij J - +- F-.J A L in j+ i,8E (4)

ji.j

Writing this equation in a detailed finite difference form it can be seen that A6. AE
and I contain terms with At and An and that the whole equation is independent from
these values.

The predictor step gives a first apgroxiaation U," of the values U.1-2 at time

The corrector step gives a second approximation and includes averaging:

u~ =i l. [n-*l in 7A 5

The time step At is bounded by the CiL criterion /4/.

Using a proposal of NacCormack /5/ the four possible choices for approximating the
derivatives ISE8 and Da/ n are cycled through during the course of a calculation (Fig.
2). This rotation introduces a numerical oscillation with the frequency

I
V - --- ----- (6

4 At

To ensure that the physical phenomena to be computed are not influenced by these
effects, the frequency v. of the blade vibration must have a certain distance from v..
In practice one period of blade oscillation will be divided into 200 or more time steps
depending on the allowed maximum of At. so that

V. a 50 V. (7)

Loundary Points

The NacCormack algorithm yields only the solution at inner points. At the boundaries of
the area (BI to B8 in Fig. 3) a special treatment is necessary. The number of boundary
conditions to be specified is given by an analysis of the physical area of dependence.
For example, pig. 4 shows the situation at the upstream boundary.

- At Bi the stagnation values p., T and the flow angle a are prescribed.
- At 82 the static prLsniare p is assumed known.
- At the blade profiles the Clow tangency condition is used, i.e. 5 1 = c I

where E' - (u.v)l denotes the velocity of flow at the solution point. c (u.v.)
describes the local velocity of the blade and C is the normal vector to the
profile.

- Downstream of the blading, the boundaries B5 and B6 are represented by the slip-
streams leaving the trailing edge of each blade.

- At B7/58 a special periodicity condition is used, which is explained later on.

The algorithm for the boundary points consists of two main steps. First, the NarCorsack
scheme is used, where the unknown space derivatives normal to the boundaries are
formulated as one-sided finite difference approximations. These values are not correct.
because they do not satisfy the boundary conditions, but their Rlemans variables are
already well computed. These values have to be changed in the second step taking into
account the boundary conditions and the Riemann variables. In detail, the following
system of equations in which the * denotes the results of the first step, is solved

Inlet surface (hI):

-(pa)- (ul+,-u) * (p "-p') - 0 (8)

and P. , T. , a as boundary conditions.
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As p." depends from u
"*

, Eq. 8 must be solved with an iteration. To improve conver-
gence, the equation is remodelled to the type p....(p..) - p_. 0 and can be solved
with a Newton iteration.

Outlet surface (B2):

-(a.)- (p--Pp) . (p-'p 0 (9)

v" - '. 0

(pa) (u'*-ou) - (p-'-p-) = 0

with p-* or a nonreflecting equation as boundary condition. The system can easily be

solved.

Solid wall (B3, B4):

-(a . (c' '-c1* (p'* -p*) - 0 (IC)

4aa(p..rp-) + (p-p-) = 0

n lc-- ,) = 0

with F as local normal vector and vertical to Ir.

Slipline (B5. 96):

Downstream of the blades, a slipline leaves the trailing edge of each blade. This model
has been used by Butler /6/, Pandolfi /I/ and other authors. At each point of this line
pressure and normal velocity are continuous while the tangential velocity will show a
jump to simulate the effect of vorticity (Fig. 5).

The describing equations are:

(pa), C. c,--' p-' (pa), F. . P.'

4pa)l F.. c-. - p-- = (pa) . c: - P.

F.. ~ ~ ~ n c.-- . c~

7t c,% _ . c

This system of equations can be reduced analytically.

Periodicity condition (B, B8):

When computing the steady state solution, the numerical grid can be closed at the lines
B7/B8 with a simple periodicity condition. Computing unsteady phenomena, a special
treatment has to be found to take into account the time-dependent fluctuation on these
lines. If one is interested in the real physical phenomena during the transition from
the initial values to the periodic state, the discretisation can not be limited to one
channel. It must be extended over as many channels as are needed due to a geometry
similarity that allows to close the computational domain with the simple periodic
condition. If only the periodic state has to be computed, a distinction can be made in
the treatment of the periodic lines (B. B8 in Pig. 3) depending on the wave mode of
the grid.

To compute the influence wave mode i.e. the case of all blades having a steady position
except one /8/. it is necessary to discretise not only the channel of the moving air
foil but the whole cascade. With only little loss of accuracy, the computational domain
can be reduced to 7 or 5 channels, omitting some steady blades. In travelling wave
mode, all the blades vibrate at the same frequency and amplitude, but there exists a
circumferential constant phase lag between each blade and its neighbours.

A special treatment of the boundaries B7/58 first introduced by Erdos and Alzner /9/
reduce- -he computational domain to a single channel. This special treatment of the
periodicity condition takes advantage of the periodically identical states in the
chamol and Its neighbours having only a constant time delay. This formulation is only
valid for periodic conditions and cannot be used to compute the transition from steady
initial conditions to the periodically fluctuating state reproducing the real physical
phenomena. Besides, for reasons of stability it in necessary to introduce an additional
damping coefficient, which depends on the difference between the values on the periodic
lines at the last time step and those computed at the last period .f the corresponding
time. It drives the numerical scheme to the periodir state and vanishes after the
transition. In addition to the original idea, the derivatives of these values in n-
direction on these lines 87/B8 are stored, too. These derivatives can directly be used



to complete the MacCormack steps at the periodic lines. The entire formulation yields a
stable transition to the periodic state.

Results

Steady Cascade Flow

Before the presentation of results with oscillating blades, computed steady-state
solutions will be presented to show the 2D prediction capability of the algorithm.
Fig. 6 shows the time averaged pressure coefficients for the "Fourth Standard Configu-
ration No. 4" /10/, using a mesh with 51 x 17 points (Fig. I). This grid represents a
typical section of modern free standing turbine blades. It operates under high subsonic
flow conditions. The agreement between measured and calculated results is fairly good,
but in the region of high Mach numbers (Ma - I) there exists a minor deviation.
Fig. 7 shows the comparison between calculation and experiment for a low subsonic
compressor cascade. Due to the inviscid mathematical model the calculation shows a
greater lift than the experimental results.

Oscillating Cascades

The developed algorithm was applied to both influence (IWM) and travelling wave mode
(TWM). Fig. 8 shows a selected result for the introduced compressor cascade bending in
TWM with the frequency V = 132 Hz. the upstream Mach number M, = 0.228 and the inter-
blade phase angle o = 180'. The unsteady pressure was measured in five positions DI to
DS on the pressure side and in six positions SI to S6 on the suction side. The compa-
rison with computed results shows a very good agreement in amplitude and phase, exept
for DI. Unfortunately, the pressure transducer SI was out of order. The acceleration
measured in the experiment shows a second, higher frequency corresponding to the first
torsional mode. Therefore all measured results have a high oscillation. The difference
at point DI is caused by the relatively coarse grid.
For the same profile, there exist experimental data in influence wave mode. Fig. 9
shows the comparison between measured and computed results for a combined ben-
ding/pitching motion with 370 Hz. The prediction capability of the algorithm is not as
good as in Fig. 8. Especially the deviation at the leading edge is increased, but now
the computed results are higher than the measured ones. There also seem to be certain
deviations in the measured results, because there is no physical explanation for the
measured great amplitude at transducer D3. which is located nearby the torsional axis.
On the whole, the accuracy is fairly well, and will increase with a finer computational
grid and a better analysis of the results of the moving pressure transducers.

Influence of important parameters

With the presented method a systematic study of the influence of important parameters
on the aeroelastic behaviour of a cascade has been performed. The most important
parameters are the reduced frequency, the interblade phase angle and the Mach number.
Fig. 10 shows in the upper two diagrams a comparison of the influence of Mach number on
the aerodynamic force coefficients at constant other data for a flat plate cascade. The
influence of the interblade phase angle is demonstrated in the diagrams 2. 3 and 4 of
this figure at constant stagger and Mach number. These results can also be achieved by
a linearized algorithm, such as LINSUB from Smith/Whitehead /11,12/. Nevertheless, the
influence of important geometric parameters, such as thickness and camber, can only be
studied by nonlinear methods. Fig. It shows in the lower right corner real- and
imaginary part of the unsteady force coefficient depending on reduced frequency for the
"Fourth Standard Configuration" in bending mode. Because of the wide range of the local
Mach number of the turbine cascade these results are compared in the other three
diagrams of Fig. II with those of a flat plate at different Mach numbers computed with
LINSUB. Because of the strongly differing geometry of the turbine blade profile and a
flat plate the different course of the curves in these diagrams becomes obvlour.

Conclusion

The presented method computes the two-dimensional, unsteady, subsonic flow. The non-
linear Euler-equations in conservative form are --';- it interior points ith the
MacCormack's predictor-corrector scheme. Boundary conditions are handled with a post
correction method using one-dimensional characteristics.
Results for bending and pitching motion of compressor and turbine cascades show a good
agreement with experimental data.
The aeroelastic behaviour of a turbomachinery cascade mainly depends on the frequency,
the interblade phase angle and the Mach number. Important geometric parameters are
camber, thickness and stagger. To study the influence of these parameters in detail.
comprehensive investigations are planned for the near future.
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Fig. I: Typical computational grid for a turbine cascade
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DIS(t'SSION

N.A.Ahmed, Cranfield Institute of Technology, U.K.
With reference to figure 7 of the paper, there is some discrepancy between experiment and

calculation. Could the authors give some explanation? How much does the choice of the grid system
contribute to this discrepancy?

Author's response :

There are two reasons for these discrepancies:

I) The computation is made with an inviscid mathematical model whilst the experiment is
viscous: the calculations give a greater lift than the tests.

2) There might be a small effect of the coarseness of the computational grid. especially
concerning the modelling of the leading edge and trailing edge regions.

Y.N. Chen - Sultzer Brothers, Switzerland
Now many computational steps are required in order to obtain a periodical flow.

Author's response :
For the case presented, the computation required 5 periods.

Since the frequency was 130 Hz, the ccputation required 4 000 steps per period, hence a total
of 20 000 time steps.

i_
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CALCUL INSTATIONNAIRE EN FLUIDE VISQUEUX

DES GRILLES D'AUBES A DECOLLEMENTS INDUIT'S PAR LES BORDS D'ATTAQUE.

M. Gazaix, P. Girodroux.Lavigne, J.C. Le Balleur

OSi.E.A
B.P. 7Z292322 - Chodion cedex (France)

RESUME.

Une m~throde numdrique d'interaction visqueux-non visqucux instationnaire pour le calcul des grilles d'aubes A bards d'attaques
aigus d6ott6s est pr~enl6e.

La m~thode est fond~r sur l'approche de *Formulation Ddficitaire", darts son approximation de couche mince, avec: moddlisation
peardique des profils de vitesse mayenne. File fait appel A Is technique de couplage fort "Semi-Implicite", temporellement
consistante. Le ddcollement eat forcd au bard d'attaque. La mfthode permet de calculer Ia zone decoll6e situdc en avat, ainsa que Ic
point de recollement.

Des comparaisons calculs-expdrience favorables soot otenues A l'dtat stationnaire, sur une plaque plane en incidence e? sur des
grilles d'aubes. Les premiers r~sultats instationnaires dans le cas d'un mouvement de tangage sont pr6sentls, aussi bien sur des
profils isol6s A bord d'attaque algo en incidence que sur des configurations de grilles d'aubes.

UNSTEADY VISCOUS CALCULATION METHOD

FOR CASCADES WITH LEADING EDGE INDUCED SEPARATION.

ABSTRACT.

The recent progress in viscous-inviscid interaction methods for computation of unsteady separated flows over airfoils, in forced
oscillations as well as in the buffet regime, makre it posaible to develop a numerical method for computations of unsteady flows over
airfoils and cascades where the flow separation or stall is induced by sharp leading-edges. The aptitude of the method to describe the
leading-edge separation in unsteady flow gtves somec hope for the prediction of subsonic flutter in cascades.

The method solves unsteady thin-layer integral viscous equations, in "Defecl-l'ormulation", including two transport equations for
turbulence. The equations are cloaed by turbulent mean velocity profiles which are modelled and discretized along the normal. The
viscous method is strongly coupled time-consistently, by the so-called "Semi-implicit" numerical technique, with a pseudo-inviscid
solver based on potential small perturbations approximations. The numerical technique is able to enforce the separation at a sharp
leading-edge.

A viscous calculation method for airfoils is first shown to predict the learding-edge separation over a sharp flat plate at incidence,
and over isolated compressor blades. Steady and unsteady computations are presented, and compared with experimental resultIs. A
numerical method for internal flows, including conditions of periodicity in space for steady flows, and in space-time for unsteady
flows, is secondly obtained to compute separated flows in a cascade configuration. Steady and preliminary unsteady results arc
shown.

INTRODUCTION.

Lea 6coulements de grilles d'aubes A bords d'allaques aigus, en incidence, sont caracitris~s par le developpement d'une couche
limite lurbulente Sur l'extradus de I'aube qui eat d~coll6e des le bard d'atque, Ie point dc recollement se situant sur Ic profil ou bien
dans le sitlage. Les diudes experimentales montrent que les effets visqueux qui en rtsultent sont Irts importants. En particulier, es
kaulements peuvent dana crtaines conditions etre le sitge d'insabilit6s adrodastiques, ct conduisent au phtnombsei dc flottementl
de dicrochage des aubes de compresseur.

Ces probibnsae de flotlernent, qwi apparaissenit aussi bien en rigime subsottique que trainssonique, d~pendent direelement de
l'Evrolution ithltationnaire de Is ouche limile A l'exradca, et notamment du diplacement du point de recollement. Jusqu'A present, it
n'estslarl pmi Writablement d'outil nuntique pour Ia prtvision de ot type d'Ecoulement, dont Is connaissance cat cepnn
Iximordiale datm Ia d~finition des grilles d'aubes. Les premnibres tdes, menties par des m(thodes itutationnaires de fluide-parfait. se
lont Ovdies insadles pour It calcul dew ca coulementa, oft Ies effets de Is viscoid dominent.

La possibilitd de d~crive des 6coulermnts inslationnaires d~coilda complexes per tue m~thode numdrique d'interaction visqueus-
non visqueux temporellement comistanle, Le Balleur, Girodroux-Lavigne: I, a ddjh did ddmontrde at..i blea t des profils dailes
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en oscillation de lanpage, que stir des profits d'ailes fixes oale I r6gime instationnaire eat induit par IC tremblement a~rodynamique
[1,2,3,4,51. Les progr~s r6otisa ont permis d'6tendre Is mndthode au calcul du d~collement induit par un bord d'attaque aigu. Des
r~sultats prdliminaires d~nontrant Ia faisabilitt de lets calculs, avajent dtjA 61 oblenris dans Ic cas d'un profit isot6 A bord d'attaque
aigu en incidence, Girodroux-Lavignc, Le Balleur, [6].

La m~thode est basic sur Is "Formulation D6ficitaire" proposele par Le Baltcur [7,13,91, simplit dans son approximation de
omuche mince, avec modedisation paramritrique des profits de vilesse mayenne. Hle fail appel. pour te couptage fort visqueux-non
visqucux, A Ia techtnique num&rique temporeltement consistante die "Semi-lImpficite", Le Batleur, Girodroux-Lavigne 11]. Le champ
pseudo-fluide-parfait est calculi par rtsolution de I'6quation des petites perturbationa potentielles transsoniques [ 10.11.

Le d~clement ea numdriquement forc:6 au bold d'atlaque. La mattode permet dc calculer t'6volution dc Ia couche timile
ddcollde et du sillage situ6s; en avat, ainsi que le point de recollement. Des comparaisons calculs-exptrience favorables sont obtenucs
A l'itat stalionnaire. Les premiers calcuts instationnaires dana Ie cas d'un mouvement dc tangage sont prisent~s, aussi bien sur des
profits isolda; (plaque plane en incidence, aube iaoilde sym~trique) que stir des configurations de grilles d'aubes.

I- DESCRIPTION DE LA METH-ODE NUMERIQUE.

La mdthode de calcul d~veloppde ea baste stir une technique d'interaction visqueux-non viaqueux instatiornnaire, cl a'appuie stir
ta techtnique ntim~ique de couplage "Semi-lmplicite" lemporeltement consislante difinie par Le Balleur, G irodroux- Lavigne
[1,2,3,4,5]. La mdthode numdrique omprend essentiellement une ma1hode de calcut de "couctte visqucuse", une mdthode de
"couplage fort", el un aolveur "pseudo.-flide-parfait".

1. 1 M~thodc de calcut des couches visqueuses.

La calcull des couches viaquetises ear fonidd st l'approche de "Formulation Dflcitaire", La Balleur [7,8,91. Cette-ci est utitisde ici
seulement darts son approximation de couche mince, avec rdsolution d'Eqtiations intigrates cc avec: moddlisation pararritrique des
profits de vitease mayenne. Num&iquement, lea profits de vitesse mod~liscls aont discrtlis6s selon Is normale [16], ce qui conduit A
tine techtnique num~riqtie hybride ente mthodc, int~grate et mrithode locale, donmant accts non seulement aux grandeurs inttgraies
viaquetises, mais aui ati champ des vilesses.

D36ignant par x, y un sysrtrne de coordonn~es restpectivement tangent et normal A Ia surface du corps oti A Ia tigne de couptire du
siltage, I lC temps, W7, F, AF, p lea compcsantes dc Ia vitesac, Ia pression, Ia mase voltimique, par u,. v, p. p lea quantit~s
orespondantes du pseudo-tluide-parfait, par T Ia cootrainte de cisailtement, Ics fljtz't..n inisgrates d~ficitaires. de montinuilt, de
quantitd de mouvement et d'entrainement s'6crivenl [9,1,16)

±[pb) + -1p~l) jpv071 0 (1)

jot a x 2 10-0)

* [P?(-4)IP~ PE-1(V , (4)

6-.,P( AO [p - pl(.3 .J) dy

p -2-i tpq 2

Notot. que p et u awl Inaction de y datm Icts deItssusitgrates.
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La fermelure dui sysitme dtficitaire approch6 ci-deasus fait appet A Ia modilisation des profits do vitesse lurbulenla dc Le Balleur
(8,9,16,171, mod~isation diendani dc deux param~*res en bidimrnsionnel, valable pour lea 6coulemnenla attactts et ddoolI~s. Lc
calcul de I'cntrainemeniXt ? js de celte m~ne moddisalion, fail do plus appel, darn l'hypothtsc d'une turbulence d'6quilibre, b
us modtle do longueur do mlange [8J1. 11 peut assl faire appell au modole A dciii demi-Equations de transport dc Le Batleur
(8,161, darn l'hypolhtse d'une turbulence hors-6quilibre (2 6qualiona intigrales pour l'6nergie turbulente k et Ia tension de Reynolds

En d~finitive, les 6quations d~ficitaires peuvent s'6crire, spits transformation, asai bien pour urn couche tirnite que pour us

SilgSOI 2167TCS~~nt I!cj(5  '~ A' 2L -' (6)
1 ar a("~ x LAIJ~)

Aq

*6 2 j1,6
kE

Lassept inoonnuesdii probitme sontl '6paisur do couche limite 6, le paramtlre de formo a -6,/,lea paramrttrea intigraux de
turbulence i, -r, le nombre de Mach rtduilt M- .5(y-I)M' 2 l'enthalpie lotale il, etlla vilosse de transpiration I;. Alin d'obenir le
couplage forl, lts Irois inconnues, A, fig, IT, doivent ttre ouplies sa variables orespondanles dii probitme pseudo-fluide-parfait:

hh, ,A-m V - v (7)

Use rdsohution dtcoupli du sysitme viaqueux: (6) eat d'abord realisdo, soil en mode Direct (6eouloments atlactits), en imposant
t -m In h, - h, soil en mode Inverse (6coulementa d~coll~a), en imposant I -v, fi, w Ail. La commutation Direct-Inverse permet

dana bous lea cas de r~soudre lea 6quations par urn technique de marcho en espacc, mbne en prisence de courants de retour.
L'inluence aval-smont darn lea rtgions d~coll~cs, qui eat Eliminte per Ia r~solution en mode Inverse, eW r~cupdr6e dana l'dtape de
ouplage fort. LA discrttiaion nurodrique ulilisdo eat imnplicite en espace et en temps I I

1.2 M61hode num~sique do couplage fort.

La mtthode do couplage fail appel A Ia technique numdsique remporeltonsenr ctaisistante dife "Sermi-I-iplicite" do La Balteur,
Girodroux-Lavigne Ill. La m~hode est une technique do relaxation, construite spits d~termination de I'op~rateur num~rique
'viaqueux' qui agit dana Ic probleme do couplago. C-el opdrateur, qualifE do "foniction d'influence numdrique visqueuse" eat dtduit
dui systme visquoux (6), spits r&olution d~couplto en mode direct ou inverse, par Elimination des inconnues purement visqueuses
6, a, k, t. C-ctte foriction d'influence pout s'Ecrire au pas de temps n el am nocud i, I sous )a formie suivanle:

(!'.j ,fij) - a!' L. P]?q ~ ~ 0 a' ~ar j ,~ - (8)

q If'q at, &-,

Tant que le couptage neat paa converg6, lea quantits "luide-parfait" 0/q, fi ne vtrifient pastas relation (8). et conduisest A des
rtsidms R '" (vlq ,fl) non nuls. La mithode de aouplage "Semti -1mplicite" effectue, au sein d'un m~ne pas de temps, sne it~tration de
couplage amn do relaxer ea r~sidus. L'6luation do relaxation A l'itftation v+1 y eat 6crite:

+V ',2Afj "p 8, ai A)" R
q I t , ax 1.

q q qj

Apres urn discettisatioit do typ Gauss-Seidel des lermecs do con~dilionnement duin rmer membre, I'6quation dc relaxation dc
couplage (9) ot Ie pa en y do Ia mtlhade ADl dui peudo-flmido-parfait sont r~sotus en marchant it&ativoment en csarce, d'anont en
aval, juaqu'b convergence dui couplage.

La discrttisalion centrt des rdsidus R ellas corniatanoe en tempo do llftration deocouplage, mento A convergence A chaque pas
do temps, permetbent do prendre en oompte totalemtnt linfluenor aval-amont. donnant amusi Scots am calcul en inslationnaire des
phslombics do forte interaction viaqucuse, dii typo dkllemnrt et interaction clioc-ooucho limite.
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1.3 Pirobltme Pseudo-Fluide-Parfait.

Le sous-perogranme pseudo-fiuide-parfait tat traitit per une technique ADI en petites perturbationsi potentietles transsoniques
instationnaires. asni bien pour lea profils Wailes 111 que pour les griles d'aubcs, (11). Dana, It cas des grilles d'aubes, des
conditions de pdriodicitE spatiales en stationnaire, el spatio-temporelles en inatationnaire. sur lts fronti~res hautes et basses du
doimaine, de calcul. permettent de limiter celui-ci A deux canaux inter-aubes.

Lea conditions asia byittls at Wt niodifl~es pour It couplage par adjonction d'un ternie de vitesse normale sur le profil ci d'un
saut dc vitesse norniale dans Ie sitlage [1].

1.4 Calcul du d~collement forcE aui bard d'attaque.

La mdtlode nurn~tique dineraction visquesix-non visqueux temporellement cansistante II avait jiisqu'A pr~sent 6t6 utilis~e pout
calculer des Eoulements instationnaires, d~coll~s sur des profils Wailes oii le d~collement prenait naissance sur une surface r~gulire,
ci g~n~ralement clans Ia r~gion de bard de fuile osi au pied de choc.

Dana it cas dc profits aside grilles d'aubes minces A bard d'ataque "aigu' en incidence, It d&'ollement visqueux apparait comme
un processus forc6 ct peend naissance stir l'ar~t mame du bard d'altaque. En fail, physiquement, Ie calcul du d~collement dc bard
d'ataque ndcessiterait sin calcul visqueux coilteux stir un maillage fin ii l'chelle du rayon de courbure r~el du bord d'attaquc, ainsi
qusin trailement correct du point d'arret siui A lintrados du profit, actuellement non-accessible du fait des approximations du
psseudo-fluide-parfait.

Une motidisation du dtcollement de bard d'attaque eat alors proposde, en ndgligeant Ie rayon de courbure dui bard d'attaque et en
forcant num~tiquement It d~collement de Ia couche limite extrados au premier nocud de calcul. En pratique, cette moddlisation
revient A imposer lea conditions "amont" du calcul de couche linite, c'est A dire It profit de viiessc letIs couche visqueuse d~coll6c,
qui eat difermin~e ici par 1'60asseur dc d~placement 61, ct Ie paramalre de forme incompressible Ii,., La valeur dc cit
moddlisation repose sur Phypothtse que Ic d~tail du processus local du d~collemeni, d'6chele ti~s petite, n's qu'une influence
r~duitcet Mlngligchble sue l'Eoulement global, dornint par It proceassis de milange et de recollement.

Si on admet que la couche lmmite dWc sous sin angle fini, l'6paissesir de diplacement 61., eat de t'odr de grandeur de la ile
de Ia premi~re maitle de calcul au bard d'attaque. Hi. eat naturellement choisi dana Ia gamme des paramriltres de forme d~coll~s. La
cosicle limite extrados a 616 A plus supposike ici enti~remcnt turbulente aui premier nocud de calcul, ce qui revient A nMgliger
l'61enduc de Ia transition en aval du d~collement. B~ien que I'diendue de Ia transition soil nocessairement faible ern raison du
dkotllement, celte hypothtse d'absence dinfluence de Is zone dc transition reste cependant A confirmer.

Une Etude paramttrique poriant sur Its conditions amont du calcul de couche limnite extrados a ti! rtaliste afin dc metirc en
Evidence leur influence sur Ia solution numdrique obtensie.

Cette Etude a peenlis de inontree que Ia famn du profit de vitesse moyennec d~collE imposE A l'amont, d~terminE par It praamle
de forme amont M., a tWas peu d'influence sue Ia solution. Par oontre Ia solution semble dans sine certaine mesure d~pendre du choix
dui maillage et de l'6paissesir tets farible dc Is couche visquest, darts Is r~gion imm~diatement voisine du bard d'atiaque. Ce point
sembie inontrer que It calcul strait encore plus d~licat pour des solvcurs *Direct" d'6quations de Navier-Stokes, g~'ndalemeni plus
impr~cis pour lea Episacurs die cosiche lmite, notamnment sux bards d'allaque oil lts Epaissesirs sont faibles.

LUtude a cependant mis en Evidetice que des solutions quantitatives corectes pouvaient etre obtensies, A nondiliron d'utiliser des
maillages suffisamment fins clans Ia rdgion de bard d'ataque, )a taille de Is premitre maille de calcul Ax. aui bard d'attaque devant
Wte de l'ordre de 0,001 coede, el de choisir uric Epaissesir 61,, inf~ricurt A Ax. (le rapport 810 /Ar,, Etant d'ordee uni1E), voir figures 1
et 2.

2 - RESULTATS NUMERIQUES A L'ETAT STATIONNAIRE.

2-1 Plaque plane en incidence.

La m~thode de calcul a 6t6 utilis~e pour pr~ttire l1tal stationnaire sue sine plaque plane biseautte en incidenice, Outuac
exphimentalement A I'DNERA/CERT, Bonnet, Iloudeville (I11. La corde: du profit eat Egale A 0i,2m, I'incidence cap~nimcrntale
eat de 4 degrds. Is vitesse de r~f~rence eat de 30mls, ci It nombre de Reynolds est Egal A 4 W&. La divergence de verir
exp~rimentale eat prise en conipte: dana lea calculs.

Lintirti de is configuration r~side prinaipalement clans It fail que ticoulement eat irts semblable A celui rncorl clans lc,
gertles d'aubes & bard d'ataquc aigsi. De plus Ia taille importante de Is maquette peemet dobtenie des rdsultata expdrimentaux plus
comnplets que sur sine aube de petite dimension. comprenarir des distributions depression el des gransies de couche limile.

Ue maillage: utilist comporte 180 points dans Ia direction longitudinale, avec 100 points dispos~s stir It profit de part et d'aue, Ci
40 points Ie long du sillage. Le fluide-parfait compoire 2 x 50 points dans Ia direction normale. lea profits de vitesse discrttis~s dans
les couches viaqucuan utilisent 37 noesids sceon Ia normale. On a done un total de 28-80 noesids pour It maillage visquesux. Lea
fronlitres du dotnaine de calcul clans Is direction tongitudinale out EiE choisies A -4 et +5 cordes. Dana Ia direction normale. cites sorl
situ~ca 6 +/. 0.75 ordes, or qui correspond aux parois haules et basses de In soufflerie.



La figure 3 visualise lea champs de lignes iso-Mach obtenus, par le calcul pour deux incidences, et met en evidence Vftenduc dt Ia
zone d~coll6e qui prend naissance au bord d'attaquc.

LA figure 4 compare avec lea r~sultats expirimentaux trois calculs, utilisant It niveau de turbulence d'6quilibre "habituet" do, a
fermeture turbulente: (16.17], complete respectivement par lea inoddes de turbulence A 0, 1, Ct 2 equations. Des differences
importanites entre lea caiculs et l'"pjience appart.-sent au niveau de Is surviteasei de bard d'attaque ainsi que sur Is position du
recoltement. Par contre lts trois calcuts fournissent des :Aultats tr~s peu diff6rents en ce qui onceme l~coulement moyen.

Lea experences de I'ONERA/CERT semblent indiquer cu'un niveau de turbulence excepticmnellement fort est present dans% Ia
region d~coll6e. Compte tenu de cette donnde et de linsuffisance actuelle des modeles de turbulence, des calculs ont tt realists en

maintenant Ia mime modelisalion et lea mbics equations de transport de turbulence, nisis en augmentant heuristiquemcnt Ic niveau
de turbulence d'6quilibce de Is couche limite. Celle augmentation de turbulence cat obtenue en multipliant A I extrados Ie niveau de
longueur de melange d'dquilibre d'un facteur K, ce qui revient A multiplier I entrainement d'6quilibre par K2 (notona queIa loriucur
de melange locale depend en plus du moddle d'Equations dc transport).

4 Des essais ont conduit A adopter tin coefficient multiplicatif K - 1,1, correspondant At utin ongueur de melange d'6uiibre
I - 0.0916 socrue de 10% par rapport A Ia valeur standard utilis6c dans Ia mithode, I - 0,0838.

Un tr~s ban accord calcul-exp~rience eat sars obtenu stir lea distributions du coefficient de pression A t'extrados de Ia plague.
mrite sit calcul ne reproduit pas parfaitement I'aspect observE exp~imentalement au voisinage imm~diat du bard d'attaque, figure

5. Le calcul pr6i correctemnent Is aurvitcase de bard d'attaque. It niveati de pression en aval du recoltement et au bard de fuite. ainsi
que )a position du point de rcollenent, situ6 6 35% de corde.

Les distributions des 6paisseurs de dtplacemcnt (figure 6), de quantitt de mouvernent (figure 7), du paramritre de forme
incomnpressible (figure 8) A t'extrados de Ia plaque, confinnent cette valeur de K. Lea tpaisseurs de d~placementl el de quantitt dc
mouvement calcul~es scot qualitativement et quantitativenient samilaires, aux valeurs exp~timentales bien que lWgtemer int~ricures
en niveau. Un bon accord acl-exp~rience eat observe sur Ic poramittre de forme incompressible, en particutier dana Is zone de
recollement ct dans Is region de bord de fuite.

La figure 9 visualise I'excllent accord calcul-exp~rience sur tea profits de vitesac moyenne A l'extrados de ta plaque. De m~ine,
lea r~partitions de I 'nergie aindlique turbulente et du cisaillement turbulent, en valcurs mayennes sur I '6paisseur de Ia couche timnite,
reprisrintesasur lea figures 1Oet 11, at comparent trts favorablement avec l'exp~rience.

2,2 Profit d'aube isot~c

Des calcula ont ftA r~lis~s sur tine aube de compresseur isol~e sym~trique et effil~c , pour laquette on dispose igalement de
r~sultata experinientaux d'origine ONER.A. Notin [14).

Le maillage de calcul cat identique A celui utilis6 sur Ia plaque plane en incidence. Lea calcuts ant Wt conduits en utilisant Ia
mtmne constante: d'accroissement de Is longueur de melange d'Equilibre K - 1,1 et Ie modble 6 2 equations de transport.
L'Eoutement a itE calculi powurtn nombre de Mach 6gat b 0.3, et pour des incidences comprises enlre 3 et 7 degres.

La figure 12 repr~scrnte lea distributions du coefficient de pression obtenues pour lea diff~rentes incidences. Contrairement
d'autres m~thades de couplage simplififes, Ie calct pr~dit ici correctement l'effet d'incidenice mis en evidence exp~rimenitalement,
qui se traduit par une diminution dc Is survitesse de bard d'attaque, ainsi qu'une augmentation de t'diendue du d&coIlemnent, pour des
incidences croissantes.

A partir de l'inaidence de 6 degr~s, I deoutement eat d~colE depuis Ie bard d'attaque jrssqu'au bard de fuite, It recottemcnt R se
produisant dan It sittage. Ceci explique Is tendanc A lobtention d'un plateau de prcssnn observ aur Is figure 12 pour lea deux
incidene Ita plus Elev~ea. Cc r~sultat eat encourageantl en cc qui conceine )a prediction du flotterntnt de d~crochage. qui apparait
dana Itcas d'un d~cotlement gOn~ralisd de l'aube.

La figure 13 montre I influence de l'incidence stir itEpaisseur dc diplaccrent, qui paws aui bard de fuite de 1% A 13% quand

LA figure 14 mantre une comparaison calcut-exp~rience pour 4 et 5 degr~s. On canstate que It calcul num~rique a iai tendance A

2.3 Grille dasubea de compreaseur

LA m~thode, a EtA utiliaje pour pr~dire t'6coulement, A & Ett stationnaire dina tine grille d'subes de ownpresaeur. Les calcuts ont
ici ti realities implement dana thypalthse d'une turbulence d'6luilibre (modA~e A 0 equation de transport), lts constantes du
modkle de longueur de melange 61ant morliftes comme dana Ie cur des profits d'aubcs isolds (I - 0.0916)

Le maillage compolte 340 points dane [a direction longitudinate. 83 points sont dispos~s stir taube de chaque c6ld, et It sitlage:
comporte 94 naetids de calcul. 1A fluide parfait caniporte 20 points suivant to hauteur du canal (2 x 10). Avoc tine discretisation dc
37 noetida seban Is normale pour tea couches viaqueuses, le maittage visqucux total eat environ 20000 nocuils. Lea conditions du
calcul correspondent A un nombre de Mach fgat &I 0,704 el A tine incidence de 5.78 degree. iLe nanibre de Reynolds bast sur Is cordc
Cal de 2,19 106. Le cslage de I'aubeecatt y641 etlItpsretatifecat 6gl A 0,8.
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La figure 15 visualise Ic champ des lignes iso-Mach issu du Calcul visqueux. L'agrandissement de ]a zone dc bard d'attaque met
en tvidence: Ia poche de d~collement qui s'Etend sur environ 30% de orde.

Les distributions de pression exp~imentales et issues du calcul num~rique sueit reprisent~es sur [a figure 16. Un accord qualitatif
enoourageant eat obtenu par oe premier calcail de grille d'aube, memoe si des diff~rences subsistent avec lexp~rience sur Its niveaux
de pression. It faut cependant noter que le calcul A it6 effectut dans lts conditions nominates de 1'ex, 6ience, et qu'un meillcur
accord pourrail probablement atre obtenu en introduisant des corrections de Mach et d'incidence-

3 - RESULTAT'S PRELIMINAIRES INSTATIONNAIRES.

Pout tous lea calculs pr~sent~s ici, It calcul visqucux a dt6 effectud simplement dans l'approximation quasi-stationnaire
visquetase, or qui revient b ntgliger Its d6riv6cs 1emporelles des grandeurs visqucuses, les d~riv~es temporelles des grandeurs non-
visquernes 6tant conserv~es.

3.1 Aube isal~e

De, slculs insltatonnaires ant &16 effiectuds pour 4 et 5 degr~s d'incidence moyenne. On impose un mouvemcnt de tangage
harmonique d'amplitude 0.5 degr~s, autour d'un axe A nui-corde. Dants lea 2 cas, on effectue d'abord un calcul stationnaire, Suivi de
plusicurs p~riodes instationnaires. Detux au trois p~riodes suffisent pour obtenir It rdgime permanent. Le nambre de pas de temps par
pdriode est de 256. La fr~quenor r~sluite d'osaillation bas~e sur ]a corde, f - us/U,. est 06gale A 1.

A 4 degrds, le point de recollement statiannaire est situt vets 25% de corde. Au cours d'une p~riode de tangage, on observe sur la
figure 17 que le point de recollement osalle entre 15% et 37%. Les 6volutions du module el de Ia phase du coefficient sic pressior.
extrados instationnaire scot repr~sent~es sur la figure 18. Le module pr~sente un pic dont Ia largeur correspond au d~placement du
point de reoilement. Pouw avoir une- comparsison significative avec Its r~gultats exp~rimentaux, it faudrait cjue Ic Paint de
recollement calcuI6 en stationnaire soil voisin du point de recolletnent moyen exp~rimental. Malheureusement, d'une part
'exp~rience ne fournit pas la valeur du point de recollement, et d'autre part lea rdsultats instationnaires expdrimentaux sent limit~s

quelquea incidences seutlement. 11 a 6t6 choisi ici de ccomparer lea r~sultats de calcul quatre degr~s d'incidence avec Its r~rultats
expdrimentaux A 5.75 degr~s, qui pr~sentent une Evolution du module du coefficient de pressian asser semblable A [a r~partifion
calcu!Ee. On olsbervu une phase d~creassante sur la mnajeure patic; dc la corde, qualilativement vaismre de [a phase mesur~c
exp~rimentalement. L'Ecart en incidence est A rapprocher de t'effet conslat6 en, stationnaire (figure 14).

A 5 degres, Ie point de recollement stationnaire eat situt vers 50%. ILe module etlla phase du coefficient de pression instationnaire
sont repr~sent6s sur la figure 19. La phase eat cette fois d~croissante sur lout le profit, cc qui eat observE exp~rimentalemcnt Apartir
de 6,5 degr&s.

Pour cea deux incidences, si on admet une correction d'inaidence, I'accord calcul-expdrience eat donc correct pour le module. et
plus grouser sur Ia phase. Une cause probable du r~sultat momns satisfaisant sur la phase eat sans doule Areebercher darns
'approximation quasi -stationnaire qui a 616 release pour le calcul des couches visqucuses dans orte Etape pr~liminaire.

3.2 Grille d'aubes

La figure 20 pe~sente lea premiers ;6suttats instationnaires de calcul obtenus en configuration de grille d'aubes, prenant en compte
des conditions aux limites p~riodiques instationnaires [Ill. L'incidenor moyenne eat de 5 degr~s, et on impose un mouvement
harmonique de tangage autour d'un axe silud h mi-corde. La fr~quence r~duile eat fix~e A 1. 11 y a 128 pas de temps par p~riode. I-e
maitlage est identique I oelui ulilisE en slationnaire. Le point de ecotllement varie au cours du cycle entre 20 cl 30 % de corde. IA
figure 2D montre lea distributions du module of de Ia phase du coefficient de pression extrados; instationnaire, pour un mouvement dic
tangcg harmonique autour d'un axe A mi-corde, avec un d~phasage inter-aubes nut.

CONCLUSIONS.

Une matbode num~rique de calcut des 6coutements instationnaires visqucux darts les grilles d'aubes At d~collcments induits par
des bords d'attaque aigus , en sub- ou trans-sanique, eat prdscnt~c.

LA mnahode de calcul, baaU sur une technique numn~ique d'interaction visqueux-non visqucux "instationnaire', s'appuic sur l
mtlhode nurn~rique de couptage "Semi -Impl icito' lemporellement cansistante, prec~demment proposke pour le calcul des
6coulements transsoniquea instationnaires sur profits dWailes. ILe d~otllement eat numdriquemnrt forca au bard d'ataque. 11 esm
moddlisE en inipanant tea conditions aux timilca 'atnont" du cateul de couche timite extrados. La m~thode permet de calculer
'Evolution de Is couche tllei~ partout en avat, el notamnment de dElennincr Ia zone d&;oll~e, sinai que It point de recollement, cclui-

ai pouvant tre bien Wse rejetE darn le sittage visqueux.

tine Etude numdrlque panmatrique, portant sur Its conditions "amont" du catest visqucux et sur Its maillages dans Ia 7one dc
d~cotlenient forcE de bard d'attaque a Wt effectu~e, afin de pr~ciser I 'Ehetle minimate de r~solution.

Des calcuts numdriques, r~alisis aur une plaque plane en incidence placte dans une veine de soufftiene, ant penmis d'ajustcr Its
conatantes du mockte de turbulence, et d'oblenir dons ces conditions d'exceltents accords calcul-exp~riencc en stationnaire lDes
rftuttats de calcut atationnairea, et lea premiers r~sullats instationnaires. en oscillation harmonique forc~e, ant Wt ohtcnus auss Nen
sur un profil d'aubc ist que aur des configurations de grilles d'aubea.
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DISCLISION

N.A.Wimed - Cranfield Institute of Technology, U.K.
Is it correct to state that, according to the theory presented, the choice of shape

parameter (H) and displacement thickness (5.) does not have any influence on the calculations. Since
the shape parameter ( H = &/ & .. ) is a ratio of displacement thickness and momentum thickness, it
could then mean that the value of momentum thickness is also immaterial. Could the authors explain the
physical significance of this assumption.

Author's response

In the calculation method presented, the normalized viscous velocity profile is imposed at
the first station of the grid, near the leading edge. The choice of the shape parameter H is
equivalent to the choice of the initial velocity profile. Of course, as it is assumed that the flow is
separated at the leading edge, a velocity profile with reverse flow, H)2.6 is chosen.

It is observed numerically that the overall solution at the global scale, and the
reattachment length are almost not affected by the choice of the initial profile and of H. The choice
of the initial orofile is however influent in a very small region, close to the leading edge, and
especially for the maximal shape parameter, H..., in this area.

Physically, the flow is dominated by the length scale of the separated zone, determined by
this method. As this length scale is of the order of magnitude of the chord of the blade, the position
of the reattachment point, and the global solution, seem rather independant of the details of the
separation process s. the leading edge, which occurs over a very small length scale.

The numerical method seems however somewhat more sensitive to the initial thickness of the
boundary layer than to the shape of the initial velocity profile. This corresponds to the second
viscous parameter prescribed at the first grid station, for example the displacement thickness 3,.
The valse of this displacement thickness has to be discussed in relation with the mesh size near the
leading edge. This parameter has in general some influence on the solution, but it could be shown that
this influence is minimized if a very small grid spacing at the leading edge is used, and if the
value of S, is smaller than the size of the first mesh interval.

This result, which must be confirmed, would suggest that direct Navier-Stokes solvers must
also require very fine meshes at the leading edge in order to give accurate estimation of the initial
boundary layer thickness downstream of the separation point.
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CALCULATION OF THE UNSTEADY TWO-DIMENSIONAL, INVISCID. COMPRESSIBLE FLOW
AROUND A STRONGLY CAMBERED OSCILLATING SINGLE BLADE

by
K.M.F6rster, Dr.-Ina., Prof.i.k

formerly.

Institut fur Aerodynamik und Gasdynamik der Universit~t Stuttgart
Pfaffenwaldring 21, D - 7000 Stuttgart 80

Abstract

The paper describes some numerical experiments done with a computational
method which was developed recently by the author and his co-workers. Its main
features are an extension of the computational domain to infinity and a moving
arid fixed to the body in question. The first part of the paper describes this
method in some detail. The second part presents some results about the
aerodynamic characteristics of an oscillating blade with respect to the
reduced frequency, to the free stream Mach Number and to the oscillation
amplitude, including an investigation of the hiaher harmonics introduced by
the nonlinearity of the problem.

I. Scope

Aerodynamic phenomena, and especially unsteady ones are characterized by many
parameters and we select a very confined problem only:

- inviscid flow around a
- single blade or airfoil of
- one distinct shape which oscillates
- harmonically and
- perpendicular to its chord.

Nevertheless there are still some free parameters:
- the onflow Mach Number,
- the reduced frequency of the oscillation and
- its amplitude,

the latter being of influence because of the problem's nonlinearity, and our
aim is to examine and present the effect of these parameters upon the blade s
lift coefficient.

2. The computational method

2.1 Design philosophy

Truly unsteady problems are completely hyperbolic with respect to the type of
the governing partial differential equations and they stay hyperbolic in
contrast to e.g. such transient problems which lead asymptotically to elliptic
regimes. This makes them much more sensitive to even sliaht errors in the
treatment of boundaries. So to avoid sources of numerical and methodical
errors as far as possible we developed our scheme (see /I/,/Ib/) according to
the following rules:

- physical boundaries should be rigidly connected to the computational grid,
- artificial boundaries with nonphysical boundary conditions are banned.

To fulfill the first rule, the simplest way is to connect a rigid
contour-alianed grid with the moving body in question. To care for the second
rule means in our case to extend the computational domain right to infinity.
Both concepts will be detailed in the following sections.

2.2 Moving systems

According to the first rule we have to compute the flow in a moving arid whose
motion is identical with that of the movina body and so is assumed to be
known. Then it is a straightforward procedure to transform the differential
equations

Ut + F + a,1 = 0

with the (conservative) solution vector U w I ,, 1'U, fIV, e)
T

(W denoting density, e total energy, U,V velocity components)

__



and F = PU ] G 1£:V with p = (Y-1)(e- (U +V'liii +pl r~uY
,VU pV +p h = ep
Lh!U JLhV V ratio of specific heats

from the original ,n,r-space into the moving one with the coordinates x,yt.

In doing so. however, quite a number of variants is possible: one may choose
for instance between cartesian or polar or other systems, or between different
forms of the solution vector. To present just one example out of many - and by
far not the most abundant one - we aet for a solution vector with the velocity
components of the moving cartesian x,y,t-frame

W ( , u, v, p)T

the system W1 + A W + R W = Q

with A u [u) 001 S .=fv 0Op 01
0 u 0 1/1, 0
0 0 u 0 10 0 vl1/p
I O p 0 u J 0 0 N p vJ

and Q = ith or,0 position and anale of
_ - S + x-' + 2v,' + y4', o = , m9 ving x,y,t-system,

S C+ YG2 -2(: I u~ , VI, I

I w C-cos,',, S-sind'

A careful evaluation of all possibilities has to reaard accuracy and
computational efficiency as well as the formulation of the boundary
conditions; it turns out that the overall optimum choice is, in spite of all
transformations, the original conservative solution vector U (see above).

2.2 The mapping

Now we turn to the realization of the second rule of the design philosophy:
the moving grid in the infinite physical plane must be mapped onto a finite
computational plane - preferably rectangular. For this we design a suitable
chain of transformations:

Bind. Nenr CIrl l UnIl I cile Inversiot, c~rI. etl~n tear

Fig. 1 Transformation from physical to computational domain

The first two steps in this chain, from the physical space around the blade
onto the exterior of a unit circle, are best done by some conformal mappina
(leading in general to a near circle) followed by Theodorsen's scheme to
produce (up to some order of approximation) the unit circle. To avoid this
approximation and to save the computational expense we adopted for the
purpose of this paper a special conformal mapping combining the well-know
Karman-Trefftz formula with an extension, suggested by Jones and McWilliams
/2/, of Joukowski's mappina. With suitable parameter values the result is as
shown in fig 2 (farther below).

Due to this specialization the whole chain of transformations is purely
analytical (with one singular point at the trailina edae) . Consequently the
transformation coefficients which appear in the transformed system of
equations can be evaluated with arbitrary accuracy.

2.3 Implementation and efficiency

The implementation of the method sketched above is straightforward:
The RJ-plane is discretized by a regular cartesian grid and the system "f
equations is integrated in time by a standard finite difference scheme of
second order of accuracy, in our case the bax-Wndroff-Richtmyer scheme. The
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only detail worth mentioning is the treatment of the trailing edge point where
the transformation coefficients are singular. Here we adopted a me

t
hod

developed by Theilemann /3/: the point in question is considered as a field
point -,- updated by .. "ri less" -rheme using a silitable .1Ster C
neighboring points to compute the spatial derivatives.

Due to the relatively small meshes along the surface of the blade (see fig.2
displaying the grid with our choice of ARAf) the time step of the explicit

Fig.2 Comoutational qrid around blade

scheme which is coverned by the CFL-condition with a maximum Courant Number of
one is small too; typically, we need about 2000 steps for one period of
oscillation whereas about 400 steps would provide a sufficient resolution in
time. Therefore we plan to implement a flux-splitting scheme using a purely
onesided algorithm with third-order accuracy which permits a maximum Courant
Number of three and consequently the computation of the same period with about
700 time steps.

3. Results of numerical experiments

3.1 Phenomenological theory

For a very slow oscillation, with a reduced frequency k - ,. c / u (,., fre-

quency, c length of chord, u, upstream velocity) much smaller than one, one

can compute the quasi-steady lift coefficient c 1  by the well-known

steady-state theory which is nothing but the first member of a Taylor
exphnsion:

(o) = c1 (0) u(t) with c (0) = c("0)

or, in the case of a harmonic oscillation with an amplitude ,

c., t = c. (0) + '3c cos (,,,t

In our case of a translational motion with amplitude y., fr and ' are given

by: 0 = atan y.) sin (()'t)/ um) , %, = atany ,,. / u,) N atan y k/c) .

For higher reduced frequencies one expects a chance in amplitude and a phase
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shift, so, following McCroskey /4/, one has to write
c1  (t) = c1.(0) + ,Cl" K cos((,,t + AP)

or, ::.;.ding ancd combi,,n4,

cl (t = ct, (0) + , ,. ( f cos(.'t) - a sin(.t)

f is the amplitude of an oscillation in phase with the motion of the blade, g
is the amplitude of an oscillation shifted in phase by f/2, and the
f,g-diagram is the commonly adopted means for the description of the behaviour
of a harmonically oscillating airfoil.

We extend this concept by considering the possibility that in spite of the
harmonic motion of the body the flow variables will in aeneral not vary
harmonically due Lo the nonlinearity of the problem. Then c (t) can be

described by a Fourier series and we write accordingly

c (t = c, (0) + 1 , fcos(i.,t) - o a sin(i.,t)

thus splitting up the one fa-diaaram into a manifold.

3.2 Influence of the nonlinearity

What we have to do is just a spectral analysis of the computed curve c (t)

directly giving the f ,g, . Of course, somp care is necessary in processina the

raw data (for instance, interpolating for the exact period boundaries, and
correcting for the eventually not yet reached exactly periodic state).

We present the results for an upstream Mach Number M_ = 0.4 which for our

highly cambered blade is rather near the (lower) critical Mach umber
signalling the first appearance of sonic flow in the steady case. The reduced
frequency was given the values k = 0.25, 0.5, 1, 2, 3, 4, 6 and 8, for each
of these frequencies the amplitude was varied according to

y Vc = 0.1 0.2 0.3 0.4 0.5 0.6 0.8 1.0

giving 0 , 1.43 2.86 4.29 5.71 7.13 8.53 11.31 14.04 ard.

The overall results are not spectacular. Let us first examine the influence of
the amplitude upon f, and a in fia.3:

191

0.5 k 3 3 4E 6 M.= 0.4

Zn3

0.5

0.25

Fig 3 f1 ,g1 -diagram for different oscillation amplitudes

The variation- are so small that it takes enlaraei diagrams to show details:
fig.4 displays four of the five rectangles indicated in fia.3:
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Fig.4 Details of fig.3

There i a -Istinct effect of the oscillation's amplitude but it is rather
divers with different reduced frequencies, and it is very small compared with
the effect of the reduced frequency itself and, as we will see later, the Mach
Number.
Let us turn next to the other nonlinear effect: the higher harmonics. We
computed them up to fourth order but, as fic.5 shows, already f, and q, are in

the order of one percent of f ,a, so we did not display the higher ones.

9z

= _-y.-t.o

k 2 0.04

04 0.4 f

C - 0.04 .

k-F

Fig.5 The second harmonica (f2',2 -diagram)
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3.3 Influence of the Mach Number

From this investigation we show only f, gI which, as we have seen, already

give the main effect. The picture, shown in fia.6, is rather impreszi.'e, at
least compared with the meauer one of the previous section.

M-0

..o
k= 0...

4.0.

k=3 l

Fiq.6 Influence of Machi Number and reduced frequency

For comparison wie included the well-known case of A flat plat with M~ach
Number zero (dash-dotted line). The connections of the computed iso-k-lines
for Mach Numbers between 0.2 and 0.4 (broken) to the correspondina points on
the flat-plate-line are dotted - nevertheless they are realistic because they
are based on further computed cases with lesser Mach "umbers which we do not
display because of numerical uncertainties in some places.
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4. Summary

The results of eP-ecnden comr,*ifr studies of the flow around an oscillatinq
blade show that
- the importance of the nonlinearity of the problem on the aerodynamic

characteristics seems small generally,
- the influence of the onflow Mach Number, however, is moderate for reduced
frequencies below three but becomes proaressively larger for hiaher
frequencies.
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I)ISCt SSION

Y.N.Chen Sulzer Brothers Ltd, Winterthur, Switzerland
The author presented an interesting view of calculating the flow field of an oscillating

single blade (in the case of a strongly cambered airfoil). He considers the flow field of the airfoil
as an independent one and neglects the unsteady flow in the wake, correcting this assumption with the
McKroskey method and stressing out that this method applies to small perturbations only.

On the other hand, Yon Karman and Sears considered very early an oscillating plate with
small amplitude oscillations by taking into account the wavy wake with positive and negative
vorticities distributed alternately along it, arid established a corresponding f - g diagrame

Recently, del Hak and Ho measured the flow field around an oscillating airfoil (i.e.
undergoing dynamic stall). The emission of a Karman vortex has been found in the wake, during an
oscillating cycle.

Thus, shedding of a wavy wake with Karman-vorticity distribution for weak oscillations, and
an established Karman vortex street in the wake for a strong oscillation are obvious.

The inclusion of the Karman vortices in the wake may therefore contribute to the refinement

of the calculations.

Author's response

te way von Karman and Sears considered the oscillating blade can not be compared with the
point of view of moder, Computational Fluid Dynmioe

von Karean presupposed the existence of vortices and then - of course quite correctly for
the case of incompressible flow - established their connection with the flow field.

Our more general method makes no assumptions whatsoever about the structure of the flow
field and just solves the differential equations for the given Doundary conditions. Hence. eventual
vortices are a consequence rather than a presupposition. They do of course come out (even in the case
of Euler equations, due to numerical viscosity), but %ether they show up or not depends on the mesh
width of the computational grid.

We could easily trace them already under conditions of massive stall where their diameter is
roughly three times the mesh length, but in the case of the shedding of a small vortex street from the
trailing edge , our grid is much to coarse to resolve such a small scale phenomenon. Nevertheless
their effect upon the whole flow field is taken into account, and one possibility to prove their
existence is - next to the variation of the lift coefficient - would be to show the variation in time
of the instantaneous circulation around the blade, but we did not yet eutract this from the result
files.

B.H. Becker , Siemens AS, West Germany

Since the paper deals with isolated blade, the results cannot be directly applied to
turbomachinery cascades. Could the Author comment on the possibility to use nevertheless his results
to explain, for instance, the pressure fluctuations near the leading edge where the effect of other
bludes might be small.

Author's response
Mr Becker's assumption that the flow in the vicinity of the leading edge of our single blade

;ill be similar to the flow in a cascade is certainly correct. In both cases the pressure fluctuations
near the leading edge can be traced back to the migration of the stagnation point, which in turn is
caused by the variation of the angle of attack. This is clearly displayed in the isobar sequences in
the numerical computation file made using the method described and could quantitatively be extracted
from the result files recorder during the computations.



Aerodynamic Superposition Principle in Vibrating Turbine
Cascades

A. B6 lcs, T. H. Fransson, D. Schlafli

Ecole Polytechnique F~d6rale de Lausanne

Lausanne, Switzerland

Abstract

In unsteady aercdynamics the superposition principle states that the unsteady aerodynamic perturbations generated
in a vibrating cascade are the same as the sum of the perturbations generated by vibrating single blades. This

principle has been subject to controversy in the past; today it has been verified experimentally by different authors for
torsional vibration modes in linear compressor cascades in subsonic and incompressible flow.

The present paper describes experiments on turbine cascades performed in an annular non-rotating test facility in
order to validate the above mentioned superposition principle. Using an annular test facility eliminates the problems
with lateral boundaries encountered in linear cascades: the annular cascade flow is truly periodic both for steady and

unsteady flow. In the following, we present experiments

performed with three different cascades, vibrating in a translational mode, simulating a bending vibration

that cover supersonic, transonic and subsonic flow

that cover the entire interblade phase angle range possible with 20 blades

The blade sections of the cascades are typical for the last stage of gas- and steam-turbines. The results obtained show
that, within the limitations of experimental acpuracy, the superposition principle is valid, ie. from experiments with

single vibrating blades the same conclusions can be drawn as from experiments with the whole cascade vibrating at

constant amplitudes and interblade phase angles.

Nomenclature

Symbol Explanation Dimension

A Blade amplitude mm
Bn Blade number "n'
c Blade chord length mm

ch Unsteady force coefficient in direction of bending vibration

ch Zpi A (s/c)i

cp Unsteady perturbation pressure coefficient

p(xt) - 1Pw-Pl
h pwl-p,
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cvi Aerodynamic work coefficient per cycle of blade vibration in travelling wave mode
01 Pressure transducer number i" on blade pressure surface
f Blade vibration frequency Hz

Dimensionless ( with chord ) bending vibration amplitude

k Reduced frequency k = 2w

M Mach Number

p Unsteady perturbation pressure mbar
S, Pressure transducer number 'i' n blade suction surface

13 Flow angle deg
A Ixc' Normalized blade surface element normal to vbration direction
y Cascade stagger angle deg
ri Natural frequency of the blades $

Interblade phase angle. c is positive when blade "nil" leads blade "n" deg
Op Pressure phase a gle. Positive when pressure leads blade motion deg

- Aerodynamic damping coefficient in travelling wave mode

-n = -IM (Ch) for pure bending

Subscript

Inh Bending motion

i Pressure transducer number i
ic Influence coefficient
Is Blade lower surface (=suction surface)

ps Blade pressure surface
s Isentropic
ss Blade suction surface
twin Travnlling wave mode
us Blade upper surface (=pressure surface)

I Upstream flow conditions
2 Downstream flow conditions
1B First bending mode

118 Second bending mode
1T First torsion mode

Superscript

m Blade number "i"
n Blade number 'n"

k Interblade phase' angle wave i..nber

Approximate value

Introduction

Aeroelastsc experiments as well as rumerical predirlions are ohen performed in !he travelling wave' formulation, in
which all blades vibrate with constant interblade phase angles and iden,'cal blade vibration amplitudes (see for
example [BOles and Schlafli, 1987. Carstens. 1984. Carta, 1982. Fras -on and Pandolfi. 1986, Gero(ymos. 1988a.b.

Kobayashi. '988, 1984, Rffel and Rothrock. 1980. Servaty, Gallus an iu, 1987; Verdon. 1987, Whitehead. 19871)
Results from such investigations give necessary useful information to the aeroelastician-designer, but the physical
reasons for the specific aeroeLastic behaviour of a ceitan cascade are not easily identified Furthermore results from
the "traveling wave" formulation are rather difficult to integrate into the structural analysis of a rotor
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A different approach consists of the "influence coefficient" technique, where the unsteady forces acting on a blade in a
particular vibration mode are considered as the sum of unsteady forces generated specifically by each blade of the
cascade, much the same as structural coupling terms in a structural analysis. Crawley (1984] has demonstrated that

the aeroelastic formulations as influence coefficients or travelling wave mode are mathematica!ly identical; Gerolymos
[1988a] has shown that, in a numerical example based on an inviscid blade-to-blade solution, the combined effect of
influence coefficients computed from 7 blades gives similar results as the calculations in the travelling wave mode.

Experiments have recently started to be performed with only one blade in a cascade vibrating, while measuring the
unsteady response on all neighbour blades (see for example [Davies and Whitehead, 1984; Hanamura et al, 1980;
Schlifli, 1989; Szechenyi, 1980, 1983, 1984, 1985]). These responses are thereafter linearly summed up to yield the

total influence on one blade, with this as well as all the other blades vibrating (Szechenyi, 1980, 1984]. From the
purely analytical (linearized theories) point of view, such an approach may be questionable if only a limited number of

blades is taken into account, while acoustic resonances (Samoloivich, 1967; Verdon, 1977a,b] will not be considered.

Attempts to prove the validity of the superposition principle experimentally have been published by several authors

((Hanamura et aL, 1980; B6lcs and SchlAfli, 1987; Buffum and Fleeter, 19881). The results of these tests are only partly
conclusive: The work by Hanamura was performed in incompressible flow in a linear test facility; B6lcs and Schlbfli

presented one single test case in an annular test facility. Buflum and Fleeter performed their study in subsonic flow
and also used a linear cascade for their experiment, where the limited number of blades in the cascade (9) a priori

precludes the detection of the influence of distant blades, if present. Their results presented also show some

unexplained discrepancies, and the possible effect of the lateral boundaries on the unsteady flow in a linear cascade
remains uncertain.

The objectives of the present study are to verify the validity of the superposition principle at sub-, trans- and supersonic

flow regimes on turbine cascades, vibrating in the first bending mode, in an annular test facility.

Fundamentals of influence coefficients

The mathematical formulation of time dependent aeroelastic influence coefficients as the coupling terms between
vibrating blades is well known and widely used for taken into account unsteady aerodynamic effects into structural

dynamic models (see for example (Bendiksen and Friedmann, 1980; Crawley, 1984; Sloemhof,t 988; Hoyniak and
Fleeter, 1986; Topp and Fleeter, 1986). However, the formulation is not as often employed for explaining the physical
reasons for aerodynamic instabilities of cascades, with a few exceptions [Szechenyi et at, 1984: Hall and Crawley,
1983; Hanamura et al, 1980; Davies and Whitehead, 1984]. The influence coefficients will be used as the principal
basis for the comparison of the experimental data below. The fundamentals of the diagrams used for the physical
inlerpretation of the results will thus briefly be discussed here.

For this purpose the "2N+1" blades in a cascade are assumed to be numbered from "-N" to "+N", according to Fig la,

and it is assumed that the influence from all the blades can be linearly summed up to yield the global influence

exorcised on each blade in the travelling wave mode, i. e. with constant interblade phase angle between vibrating

blades and with identical blade vibration amplitudes. This formulation has been given by Szdch4nyi et at (1984] as':

N

c w~) Ch.1c 1
n= N

where

c h Im(i
t) is the unsteady aerodynamic force coefficient in the direction of the bending vibratrion, acting on blade

"m". with the blades oscillating in the travelling wave mode with interblade phase angle a.

C h.ic I s the unsteal,, aerodynamic force influence coefficient of the vibrating blade "n", acting on the blade "m"

The example is here given for the aerodynamic force coefficient in the bending direction but the procedure can be empioyed for any

unsteady aerodynamic coefficient
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* n is the phase angle between blade "n" and the reference blade "m".

e i is the unitary harmonic motion of the blade n.

If the blade vibrate in the travelling wave mode, the interblade phase angle is constant and it is possible to express eq.
(1) as:

Nma - n m i(d . (n-r)a)
Ch.twme = C hic e (2)

n=-N

and thus

m N
-tm y -nm einmla (3)

C hwm _ hic

n=-N

While assuming the reference blade to be blade "m"= blade "0", this expression becomes

5 0.a - n,0 i04
h,twm n=- hN c e (4)

The relation between influence coefficients and the travelling wave forces has the form of a Fourier transform. It is a

special case of the more general formulation given e.g. by Crawley [1984].

The influence exercised by one vibrating blade (reference blade "0": n=0 in eq. 4) on itself is independent of the
interblade phase angle. Fig lb shows an example for the superposition of the contributions from blades "+1" and "-1":
According to eq. 4, the contributions of blade "+1" can be represented as a vector rotating in clockwise direction with
increasing interblade phase angle ;; the influence of blade "-1" results in a vector rotating in counterclockwise
direction with increasing a. The resulting vector of blade forces or pressures describes an ellipse in the complex plane
in case only direct neighbor blades are considered. With the inclusion of the effects of more distant blades, the
resuting diagram becomes more complicated (Fig 1c).

The above discussion has been conducted based on the global unsteady force coefficient, but the same holds for the
local unsteady pressure coefficients on each blade surface. These then allow to establish the relationship between the
response on a certain part of a blade and the vibrating neighbour blades.

Test facility and model cascades

Test facility

The tests on the present cascade were performed in the non-rotating annular cascade tunnel at the Ecole

Polytechnique F~ddrale de Lausanne [Blcs, 1983].

The annular set-up presents the advantage of a "closed" cascade without the lateral boundqries of 3' . ar cascade.

Therefore both the steady and unsteady flow periodicity establishes itself, and no interaction of the flow (steady and

unsteady) with tailboards or other boundaries has to be accounted for. In particular unsteady perturbations can travel
along the cascade without being cut off by tailboards. It s because of this feature that the annular set-up is best suited

for thi experimental verification of the superposition principle.

The flow is created in a radial-axial annular nozzle shown in Fig. 2. The velocity and flow angle profiles in the test

section are obtained by the regulation of the two separate inlet valves ("l". "2") and the two independent inlet guide
vanes ("5", "6").

The velocity profile in the inlet section can furthermore be influenced by two separate suctions immediately
downstream of the preswir vanes. Four independent suctions up and downstream of the test cascade can act on the
velocity profile as well as on the boundary layer on the outer and inner tunnel walls.
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As the annular cascade is "closed" circumferentially the inlet and outlet flow velocities as well as the flow angles adjust

themselves in relation to the pressure ratio. The inlet flow angle in the test section can be adjusted continuously
between -78 and -20* (measured from axial), and the inlet Mach number varied from 0.3 to 1.6.

The flow conditions are measured with two aerodynamic probes ("8") which can traverse over the channel height as

well as in the circumferential direction.

Pressure taps ("10") are located on the inner and outer walls in order to determine the periodicity and the static
pressure in the flow field. The test facility is also equipped with Schlieren optic and laser holography for flow

visualization ("9").

The compressed air for the test facility is produced by a continuously running four stage radial compressor which has
a maximum mass flow rate of 10 kg/s and a maximum pressure ratio of 3.5. The suction of the .,all boundary layers
can be performed with a second compressor (2 kg/s, pressure ratio 8).

Model Cascades

The annular cascades presented here are derived from gas- and steam turbine blades, operating in high subsonic or

supersonic flow regimes. They consist of 20 prismatic blades each. They have a tip diameter of 0.4 m, a hub diameter
of 0.32 m and a blade height of 0.04 m (see Fig. 3 and Table 1 for cascade geometries). The nominal flow conditions

of the sections under investigation are also given in Table 1. The vibration directions are chosen as to reproduce the

first bending mode, and the corresponding reduced vibration frequencies of the real blading are conserved for the

model cascade.

Cascade I Cascade II Cascade III

Machine type Gas turbine Steam turbine Steam turbine

Stagger angle (0) 49.0 56.6 73.4

Blade chord (mm) 78.5 74.4 52.8
Profile thickness (N) 10 17 5.2
Pitch/chord ratio (-) 0.72 0.74 1.07

Upstream Mach number (Ml) (-) 0.34 0.31 0.40
Inlet flow angle (031) (0) 10 -44 -62
Downstream Mach number (M2) (-) 0.95 0.90 1.34
Outlet flow angle (52) (0) -58 -72 -71

Vibration direction (5) (0) 90 61 43

Vibration frequency (fie) (Hz) 210-230 140-150 220-230
Reduced frequency (-) 0.14-0.21 0.08-0.13 0.08-0. 17
Pressure transducers suction side 6 6 5
Pressure transducers pressure side 5 5 5

Table 1: Cascade data

Vibration and control system

The blades are elastically suspended on a spring-mass system, which allows vibratinns in two translational and one

torsional mode, of which only the first translational mode is considered in these experiments. They are forced into
vibration by means of electromagnetic exciters (Fig 4a) [Kirschner et al, 1980. These exciters consist of
electromagnets made out of transformer kits. Part of the plates is fixed on the mass piece of the blade, closing the
magnetic flux across the gap. The blade vibration is measured by inductive displacement transducers or strain gages
on the spring, depending on the cascade. The measurement system is dynamically calibrated with miniaturized

accelerometers mounted at midspan of the blade. The overall calibration precision is of the same order as the

precisi.n of the accelerometer (ca. 2%). The transducers are fixed on an impact ring (6" in Fig. 4a) (which is also used
as a mechanical limit for the blade vibration amplitudes), that is positioned axially by an hydraulic system. An

electromagnetic control system allows to establish and maintain a pre-defined vibration mode of the cascade: Each
blade has its own feedback control loop. The interblade phase angle and blade vibration amplitude can thus be

selected individually and almost any cascade vibration pattern can be realized. The disadvantage of the versatile
electromagnetic system is the limited forces that can be generated by the electromagnets of a given size. The blade



vibration amplitude and phase angles are therefore not rigorously constant in time and between the blades, but
subject to fluctuations that depend on the mechanical properties of the cascade (such as coupling between the

blades) and the vibration mode selected, as well as non periodic flow perturbations. An example of the vibration

amplitude and interblade phase angle for seven adjacent blades is given in Fig. 4b. It is seen that both the blade

amplitudes and the interblade phase angles can be controlled with a high accuracy.

Data acquisition and reduction

Data acquisition

The steady state flow conditions are established by means of probe measurements both up- and downstream of the

cascade and static pressure taps on two adjacent blades, located at midspan. These taps are connected to a
precision pressure acquisition system which permits a quick analysis of the steady state flow during the tests.

For the purpose of unsteady pressure measurements two blades in each cascade are equipped with high frequency

response piezoresistive pressure transducers'. These have a diameter of 6 mm and a thickness of 0.6 mm. The
pressure membrane has a diameter of 3 mm. One of the blades has the transducers on the pressure surface and a

second has them on the suction side at midspar, 
1 - ght of the blade. Th.? 'ncations of the pressure transducers

correspond to locations of steady state pressure taps. All transducers are situated, as for the steady-state pressure

instrumentation, in the same interblade channel (see Fig. 3) and are embedded in the blade and connected to the

surface through taps. This way of mounting preserves a good blade surface, but implies a dead volume of air which

might possibly affect the frequency and phase response of the transducers. However, at the frequencies of interest no

noticeable difference with respect to a flush-mounted transducer could be detected during the calibrations.

The entire time-dependent measuring chain is calibrated with a time fluctuating pressure, with the steady-state

reference pressure verified with a Betz manometer. After calibration the measurement uncertainty of the entire chain is

estimated as ±2% [Schlafli, 1989].

As the pressure transducers are located in the blades, acceleration forces act on them during the blade vibration. The

response of these forces is measured during the calibration, and substracted from the response during the data

reduction.

The blade motion is measured by an inductive displacement transducer on cascade 1, by means of strain gauges

fixed on the spring of the blade suspension on cascades 2 and 3. Either device is dynamically calibrated with respect

to a miniature accelerometer fixed at midspan of the blade for this purpose.

The time-dependent data are amplified, low-pass filtered and recorded on an analog tape recorder prior to analysis on

a PDP-1 1/34. Blade vibration signals and the time dependent pressure signals are recorded simultaneously this way.

Unsteady data analysis

The time dependent data reduction technique is based on a Fourier analysis approach. As can be shown, only
pressure fluctuations of the blade vibration frequency (first bending mode in the present case) contribute to the

aerodynamic work performed on the blade by the unsteady pressures [Carla; 1982]. Therefore only the first

eigenfrequency component of the unsteady pressure signal is here of interest for the evaluation of aerodynamic work
and damping coefficients.

For evaluation, the data are reproduced at reduced speed to achieve a frequency transformation because of the

limited sampling frequency of the Analog/Digital converter. The data are digitized "piecewise" in data frames because

of limited storage space in the computer core memory. The data frames (2560 data values per frame) are transferred

onto a disk file for further processing. This piecewise processing provides a means of evaluating the quality of the

I ENDEVCO Model 8515-50A These transducers, rated at 50 psi. have a pressure hysteresis of 0 1% full scale output, a non-lineanty of

0 25% a non-repeatability of 0 1%



data: each data frame is individually analyzed, yielding a sample amplitude and phase angle for each signal.
Typically, ten such samples (A,, 1,j) are averaged (Fig. 5), resulting in mean amplitudes and phase angles (A, 'D). The

scatter of the sample values around the mean is used to estimate 95%-confidence intervals for the mean, based on
the assumption of randomly distributed samples, represented by the circle with radius AA. The phase angle interval is
defined by A4=tan-' (ANAA). Large confidence intervals indicate the presence of important random components in the
signal.

From the tests in the controlled blade vibration mode unsteady pressures at discrete points on the blade surfaces are
obtained during vibrations of the blades. From these unsteady pressures it is then possible to define an unsteady
blade surface pressure coefficient Ep(xt), which can be written with a harmonic assumption:

cp (X,t) = cp (x) eili*o ) = p (xJ)(h Pwi Pl (5)

where cp(X) is the amplitude of the pressure fluctuation and 4pp(X) is the phase lead of the pressure fluctuation with

respect to the blade motion.

It should be recognized that the definition of Cp is the conventional one [Carta; 1982], which includes the dynamic

pressure (pwl-pi). The absolute magnitude of cI depends thus on the level of the dynamic inlet pressure, which in

turn depends on the cascade geometry and the inlet flow angle for choked cascades. This is the main reason for the
very different scales for unsteady pressure and force coefficients in the cascades discussed below, and must be

clearly kept in mind while analyzing Cp for the different examples presented.

Once this pressure coefficient has been obtained, the unsteady aerodynamic force, ch(t), acting on the blade is
calculated as the sum of the discrete pressure responses multiplied with the corresponding blade surface element. For
each element the absolute time-dependent pressure is taken as constant, including the leading edge and trailing
edge regions.

The unsteady aerodynamic work, Cwh, due to the aerodynamic forces on the blade durinq bending vibration, is
thereafter determined as the integral, over a period of blade vibration, of the force multiplied by the blade velocity The
unsteady aerodynamic damping is then defined as (for pure bending vibration) [B6lcs and Franason; 1936]:

= 2= - Ch sinh =Oh Im (ch) (6)

where Ch is the amplitude of unsteady aerodynamic force and Oh is the phase lead between unsteady aerodynamic

force and blade motion.

From this value, the unsteady aerodynamic stability limit E = 0, is calculated. If E > 0, the flow has a damping effect on
the blades, whereas - < 0 indicates that the flow gives energy to the blades.

The information of most use for the turbomachine designer is thus the unsteady aerodynamic damping, E. However, in

order to understand the details of unsteady aerodynamics it is also necessary to look at the unsteady blade surface

pressure distribution Cp(xt).

The aerodynamic damping E depends on the steady state flow conditions, the reduced frequency k and the interblade
phase angle c. The main parameters of influence for the cascades presented, as the blade vibrating frequency stays

constant, can be considered to be the cascade geometry, the interblade phase angle, the outlet flow velocity and the

incidence angle.



Decomposition of unsteady data into influence coefficients

The fundamental relationship between the travelling wave formulation and the influence coefficients has been shortly
presented above. In the experiment, however, the travelling wave is not realized ideally; there are always slight

differences in vibration amplitudes and phase angles between blades in the cascade. In order to account for this, the
data reduction procedure has to start from the general formulation (see Crawley [19841). The motion of the n-th blade
in the cascade is

hn(t) = hn e i0ne iht (7)

The unsteady pressure coefficient induced on the zeroth blade is therefore:

N
QO'a - n,o ho e (8)c h~tm(t) =~ C hcfe ie(8

h~twm n=-N h,ic h
fl=-N

Each blade can have a different amplitude and a different phase angle for a given vibration pattern. A set of patterns
(e.g. approximate travelling wave modes with diffferent interblade phase angles) is described by the complex matrix-

equation of the form:

[C] = [H] [I (9)

The vector [C] contains the set of unsteady pressures or forces measured for K different vibration patterns (=interblade
phase angles) in the cascade. ine Yeciull jL .n;ai c In fluence coefficiitilb did the matrix [Hl the complex
vibration patterns of the 2N+1 different blades in the cascade for the K different vibration patterns:

F-,01 1IF--NO1
h'twm Fhi-N hl-N+I ... hl N "I ch

'i
.c•O 0 ~~ 2 ,.- -.I$m jh2.-N h2.NN.t ... h2 , N l0()

-0K -.- LhK.,- hK.NI ... h, -N 0J
Lch~tm..J'i

If the influence coefficients are known, this equation can directly be used to determine the unsteady forces in the
cascade for a particular vibration pattern. If, on the contrary, the vibration pattern and the resulting forces are known,
as in the experiments, the influence coefficients are determined by the least-square solution:

[FL] = [[HIT [H]]"' [HIT [C[ (11)

Resolution of this equation requires at least as many independent measurements as there are blades to be

considered ( K >_ 2N+1), but there can be more measurements than blades. The complex matrix-equation can be
reduced to a real form by approriate separation of real and imaginary parts at the price of increasing the dimensions of
the matrix.

Test results and discussion

To demonstrate the validation of the superposition principle, six typical test conditions, corresponding to sub-, trans-

and supersonic outlet flow, are discussed below (Table 2).

Sample case Cascade M2s k
1 I 1.31 0.14

2 II 1.43 0.08
3 II 1.04 0.10
4 t1 1 r07 0.10

5 It 0.85 0.12
6 III 0.77 0.13

Table 2: Test cases presented



in the travelling wave vibration mode, the entire cascade is excited into vibration for the possible interblade phase
angles. In the single blade excitation mode, the instrumented blades and their neighbours (from blade "-4" to blade
"+4") are excited separately. In the comparison between the two modes, the travelling wave coefficients are
synthesized from the single blade influence coefficients for blades "-4" to blade "+4".

Supersonic outlet flow conditions

Test case 1 with cascade I is an experiment with an outlet flow velocity of M2s=1 .31 and an upstream flow angle of
P1=20 ° . The steady flow conditions are summarized in Fig 6a; the Mach number distribution on the blade shows an
expansion and a following recompression near the leading edge, indicating a local flow separation. The continuous
expansion of the flow is limited at ca. 80% of the chord by the shock impinging from the neighbour blade. Downstream

jof the shock the flow is not accelerating any more. For this steady-state operating condition the first three pressure
transducers on the suction side are situated in the subsonic flow, and the fourth one just downstream of the sonic
transition. The rearmost transducer is situated in the region of the impinging shock ("a" in Fig 6a); an eventual
unsteady effect due to the shock should be visible here.

An example for the unsteady blade pressures measured in the travelling wave vibration mode is shown for o=180 in

Fig 6b. The most important pressures are generated near the leading edge on the suction side, and they rapidly decay
towards the trailing edge. The phase angles are close to the stability limit at (Dp=1800 ; the first two pressure
transducers indicate a slightly positive aerodynamic damping, with the two following transducers unstable. On the
pressure side the pressure fluctuations are considerably smaller and they all induce positive damping.

The aerodynamic damping coefficients as measured in the travelling wave mode and reconstructed from single blade
excitation influence coefficients are compared in Fig. 6c. A good agreement between the two methods is observed for
both the pressure side and the suction side. The suction side damping has an almost sinusoidal shape, which is an
indication for the dominant influence of the direct neighbour blades. On the pressure side this is less obvious, but
examination of the influence coefficients in Fig 6d shows a similar dominance of the direct neighbour blades. The
significant unsteady interactions extend from the "-2" blade to the "+1" blade; a good correlation in terms of amplitude
and phase is observed for influence coefficients with non-zero amplitudes. Coefficients with amplitudes close to zero
cannot be expected to agree very well because of the data fluctuations that propagate through the decomposition
procedure and affect the small coefficients more severely than the large ones [Schlatli, 1989].

Test case 2 (cascade II) yields similar results: The steady state flow conditions for the example (Fig 7a) show that the
shock from the neighbour blade is stronger than compared to cascade I, and it hits the blade in the vicinity of pressure
transducer S4. As seen on the unsteady pressure distribution on the blade in Fig 7b, the shock from the neighbour
blade affects the unsteady response both in terms of amplitude and phase (transducer S4 at location x/c=0.6). The
unsteady pressure amplitudes on the suction side are the most important near the transition from sonic to supersonic
flow on the blade; the amplitude sharply drops downstream of this point, but at the shock location the pressure
amplitude increases. On the pressure side, the most important response is observed towards the trailing edge, where
the flow velocity reaches the speed of sound. An almost constant phase angle distribution ((Dp 1800) is observed for
the suction side, with the exception of the shock location, where an important phase shift occurs. On the pressure side,
the phase angle smoothly increases along the blade chord. Another effect of the shock is the increased fluctuation of
the data, represented by the vertic&', bars through the symbols.

In this example, the correlation between travelling wave data and single blade predictions is even better than for test
case 1, as seen in the comparison of aerodynamic damping coefficients in fig 7c. The almost sinusoidal shape of the
suction side damping again indicates that the direct neighbour (the "-1" blade as for cascade I) has the strongest
influence on the measuring blade.

Transsonic outlet flow conditions

The first example for transsonic outlet flow conditions is test case 3 with cascade II. For these close to sonic outlet flow
corditions a normal shock is observed near the trailing edge (Fig 8a), and another, weaker one. at about 66% of the
blade chord. The rearmost pressure transducer is located in the vicinity of the trailing edge shock. The unsteady
pressure distribution for an interblade phase angle of o=180 (Fig 8b) shows that in this case, too, the main
interactions are generated in the interblade channel (subsonic flow velocities on the suction side), but the trailing edge
shock induces a large fluctuation at transducer S5. The phase angle distribution is similar to the supersonic test case
2 with an important phase shift from the leading edge to the trailing edge.



Again a good correlation between the single blade influence coefficients and the travelling wave data is observed (Fig
8c). Minor discrepancies appear for the suction side damping for interblade phase angles near a=0°.

Test case 4 is an example from cascade III, which has a flat profile and a large pitch/chord ratio and is very different
from cascades I and I. The steady state pressure distribution on the blade (fig 9a) indicates a strong expansion at the
leading edge, accompanied by large flow separation. The shock terminating this region does not appear clearly in the
pressure distribution, but is visible on shadowgraph flow visualisations not presented here. The shock is heavily
smeared in the boundary layer. Fig 9b shows an example for the unsteady blade pressure distribution. On the
pressure side, the strongest unsteady response is observed near the leading edge. On the suction side however, the
most important responses are observed near the trailing edge downstream of the recompression zone and the shock.
Data fluctuations (indicated by the vertical bars through the data symbols) are important for the rearmost pressure
transducer, indicating high turbulence levels due to flow separations.

The pressure side phase angles are fairly constant around 0=0, whereas on the suction side a jump in the sign of the
phase at x/c=0.4 is observed. This location corresponds to the end of the recompression zone of the suction side flow
on the profile.

The correlation of the trend between travelling wave data and predicted aerodynamic damping from single blade
vibration influence coefficients agrees extremely well (Fig 9c), as in the previous cases. However, somewhat larger
discrepancies than previously are noticeable in the absolute values.

Subsonic flow

In test case 5 (from cascade II) the entire flow field through the cascade is subsonic. A smooth expansion on the
suction side over the first 30% of the chord is terminated by an almost constant flow (Fig 1 Oa). The unsteady pressure
coefficients in Fig. 10a show a distribution similar to cases 2 and 3 for the pressure side, which is to be expected since
the pressure side flow is similar for c.ict flow velocities. The sucti n 

side pressure distribution again shows the
dominant interaction within the interblade channel; it s quite similar to test case 2.

Again, the correlation between travelling wave data and predicted single blade damping is good (Fig 1Ob): the shape
of the suction side damping curve in this case indicates the relatively important influence of blades more distant than
the "+1" and "-1" blade. Note the similarity of the pressure side damping curves with the test cases 2 and 3 (Figs 7c,
8c).

Test case 6 is taken from cascade I1, where a supersonic region still exists on the blade suction side near the leading
edge, extending to ca 8% of the chord length (Fig I Ia). The first pressure transducer is located in this area, all the
others in subsonic part of the flow. The unsteady pressures in the example for F=1 800 (Fig 1 tb) are, with the exception
of one transducer on the pressure side, almost in opposite phase between pressure and suction surface of the profile;
the amplitudes are important near the leading edge. In this case also, the essential features of the reconstructed
damping coefficient from single blade influence coefficients are the same as the travelling wave data (Fig 11 c).

Conclusions

The superposition principle of unsteady effects in oscillating cascades postulates the equivalence of single vibrating
blades with travelling wave vibration modes as regards the resulting unsteady load, i.e.: The unsteady load observed
on a cascade vibrating in a travelling wave mode is the sum of the influences of single vibrating blades in the cascade.
Attempts to validate this postulate experimentally have been performed by sevepal authors in the past, but without
conclusive results as regards the validity in compressible flow regimes. Furthermore most of their work was conducted
in linear cascades with their inherent disadvantage of lateral boundaries to the flow, which may invalidate the results.

The work presented above validates the superposition principle of unsteady effects in cascades in the following
respects:

* The tests have been performed in an annular cascade, The annular cascade is the only one to be truly pitchwise
periodic. Lateral boundaries as in linear test facilities do not exist and therefore cannot influence the
experimental results. For this reason the annular set-up is best suited to verify the superposition principle.



The tests have been conducted with three different cascades (derived from gas and steam turbines at different
blade sections), operating at reduced frequencies in the range k=0.08-0.21.

The tests cover flow conditions with outlet flow velocity varying from subsonic to supersonic.

The results show in all cases that the superposition principle unconditionnally holds for any flow regime, as far as can
be established by an experimental investigation. Unsteady blade forces and aerodynamic damping coefficients
measured in the travelling vibration mode with all 20 blades vibrating at constant interblade phase angle and constant
amplitude are very similar to predictions derived from influence coefficients determined from single vibrating blades.

In the cascades investigated, the coupling effects decay rapidly pitchwise; blade-to-blade interactions between direct
neighbor blades are the most important cascade effect. The influences from blades more distant than two to three
pitches only marginally affect the global unsteady behaviour of the cascade (stability limit). However, this does not

prove that lateral boundaries in linear cascades may not falsify the superposition under certain circumstances.

In the experiments discussed here no evidence of acoustic resonance phenomena as predicted by theoretical models
was found. In the annular test facility, as well as in a real turbine, the conditions for the apparition of such phenomena
(i.e. homogeneous up- and downstream flow conditions extending to infinity) are not realized. Also, the range of
interblade phase angles with potentially superresonant conditions is very small in the upstream flow (i.e. -80 < Oak res<

00); in the downstream flow it is somewhat larger (typically -10o < Oak res < 900). but the flow inhomogeneity (wakes,

shocks) probably prevents such phenomena to develop in a experimentally perceptible manner.
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DISCUSSION

M.6uillemier - DRET , France

Quelles sont les limites d'utilisation de la thborie des perturbations par rapport aux
amplitudes des vibrations des grilles d'aubes ?

Author's response

The vibration amplitudes in the experiment were in the order of 0.5 percent of the blade
chord. Mechanical failure of the cascade is expected for an amplitude of approximately 1.2 percent
chord length, therefore the author did not try to explore the limit of validity of the small
perturbation theory.
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DESIGN GUIDANCE TO MINIMIZE UNSTEADY FORCES IN TURBOMACHINER

R. E. Henderson J. H. Horlock
Prof. Mechanical Engineering Vice-Chancellor
Applied Research Laboratory The Open University
Penn State University Walton, Milton Keynes
University Park, PA 16802 USA MK7 6AA UK

SUMMARY

A method is discussed for the development of design charts which provide
guidance in the selection of a stage design loading coefficient and flow
coefficient which minimizes the generation of unsteady forces in a blade row due
to its interaction with the wakes of an upstream blade row. Two configurations
are discussed, (1) the forces on a rotor operating in the wakes of an inlet
stator or guide vane and (2) the forces on a stator downstream of a rotor. An
example demonstrating the generation of a design chart for the first
configuration is presented.

23yMI21S

b = wake wit

c = blade chord
C = fluid velocity relative to casing
CD = drag coefficient
C, = unsteady lift coefficient
R = disturbance wavelength
p = pressure
s = spacing
U = blade speed
W = fluid velocity relative to rotor
w = wake velocity defect
w, = maximum wake velocity defect
x = axial direction
y = pitch direction
a = fluid angle measured from axial direction relative to the casing
2 = fluid angle measured from axial direction relative to the rotor

= flow coefficient
0 = stage loading coefficient

= stagger angle
= reduced frequency

Subscripts

m = mean value between leading and trailing edge
2 = exit of inlet stator, inlet to rotor
3 = exit of rotor blade row, inlet to downstream stator
4 = exit of downstream stator
I = inlet stator
R = rotor
S = downstream stator

INTRODUCTION

Unsteady forces on the blades of axial flow turbomachines can occur due to
potential flow effects arising from the relative movement of neighboring blade
rows (Kemp and Sears, 1953), and due to their interaction with the viscous wakes
arising from blades upstream (Kemp and Sears, 1955), figure 1. Kemp and Sears
derived expressions for the disturbance velocities normal to the blade chord,
and applied the analysis developed by Sears (1941) to calculate the unsteady
lift on the blade.

The analysis by Sears (1941) is for an isolated aerofoil, and has been shown to
be inadequate for closely spaced aerofoils in cascades. Whitehead (1960) and
Smith (1972) have modelled such a cascade using a discrete number of vortices to
represent each aerofoil; Henderson and Daneshyar (1972) have used a continuous
vorticity distribution on the central (or reference) aerofoil and single
vortices on neighboring aerofoils. These authors have derived expressions for
the unsteady lift coefficient as a function of blade stagger angle, space-chord
ratio, intra-blade frequency and reduced frequency.

The cascade analyses providc alternative, improved methods of assessing the
unsteady lift for various turbomachinery stage geometries, as Kemp and Sears did
using the Sears analysis for infinite spacing. However, the application of
these analyses to stage design has not been undertaken in a systematic way, and
that is the purpose of this paper. A method for developing design charts is
demonstrated which permits the minimization of the magnitude of unsteady lift
generated on a blade as a function of the stage design parameters (loading
coefficient and flow coefficient). The viscous wakes from upstream blades are
taken as the cause of the unsteadiness, since the blade row axial spacings used

I Im m



6-2
in practice indicate that the unsteadiness due to viscous effects is
considerably greater than that due to potential flow interaction.
The reduced frequency that appears in the cascade analysis merits discussion.
It is defined as the time required for the flow moving past the blades at mean
relative velocity (W.) to traverse half the aerofoil chord (c/2) divided by the
period of the disturbance past the aerofoil. The circular frequency (1/period)
at which disturbances occur is 2vU/2, where U is the velocity at which the
blades moves through a disturbance of wavelength 1. The reduced frequency is
then defined as

.1
Whitehead (1959) used an actuator disc analysis to estimate the rotor unsteady
forces at very low values of frequency parameter, , - 0 (chord c being very
small in comparison with disturbances wavelength 1) and Horlock, Greitzer and
Henderson (1977) have used semi-actuator disc analysis to study the performance
of closely spaced blades at low frequency parameters. But in practical designs
the first harmonic of the disturbance will have a wavelength roughly equal to
the spacing of the upstream row. With a blade spacing of the same order of
magnitude of the blade chord, and U of the same order of magnitude as W., the
reduced frequency will be of the order of magnitude of r. Not only is the use
of the Sears analysis invalid (because of the assumption of infinite spacing),
but also the Whitehead actuator disc analysis for very low frequency parameter
is not applicable for practical cases of a turbomachine stage. The analysis by
Horlock, Greitzer and Henderson (1977) is also limited in application to very
low space-chord ratios.

As a result there is no real alternative to the use of a cascade vortex analysis
for practical design of blade rows with closely spaced blades. Here we will use
one developed by Shen (1980) based on the Henderson/Daneshyar (1972) analysis.
To apply this method to the entire range of compressor geometries would be a
formidable task, so we have restricted the applications to the mean radius
design of a compressor stage with axial inlet flow. We have then considered
cases in which the flow is discharged at different flow angles, including axial
discharge, to a higher static pressure. At the same time we have varied the
flow angle leaving the stator row upstream of the rotor. The calculated
unsteady lift coefficient on a blade is presented as a fraction of the stage
loading coefficient. An alternate presentation could consider the estimation of
the total unsteady axial force on the shaft/hub of a blade row (rotor or
stator), as a fraction of the stage thrust (pressure rise times flow area).

STAGE CONFIGURATIONs CONSIDERED

We have considered two simple stage configurations; (1) an inlet stator, or
guide vane depending on the direction of its fluid discharge, followed by a
rotor and (2) a rotor operating in a uniform inlet flow, no swirl, followed by a
stator with different exit flow angles. Figure 2 shows the velocity triangles
and nomenclature used to describe these configurations.
The ideal stage loading coefficient (0) and the stage flow coefficient (0) can
be written in terms of the fluid angles a and A. From the velocity triangles of
Figure 2

u
tan B3  i, - tan a3

so that the flow coefficient becomes

1 1
- (tan 83 + tan a3) . (tan 8, + tan a.) (1)

The increase in the stagnation pressure through the stage, assuming an ideal,
incompressible flow, is given by

ap.
0- 12- 1 - O(tan B, + tan a2) (2)

The first configuration considered (Design A), employs an inlet guide vane
(stator) and a rotor. As an inlet guide vane fluid contra-swirl is provided to
the rotor, a. < 0, or if swirl is added in the direction of rotor rotation, a2 >
0, the configuration models an inlet stator of a multistage machine. The rotor
is selected to discharge the absolute flow at different angles (a.) to the axial
direction. Figure 3 shows the relation between 0, 0 and a3 for different values
of a.

In the second design considered (Design B) the rotor receives an axial inlet
flow (a, - 0) and adds tangential momentum. From the velocity triangles at the
mean radius and eq.(l)



C,

= CD= cot 82 (3)

The increase in the stagnation pressure for an ideal, incompressible flow is

given by eq. (2).

We shall discuss the unsteady flow for the following blade row arrangements:

(i) Design A in which the inlet guide vane (stator) wakes produce unsteady
forces on the downstream rotor blades; and

(ii) Design B in which rotor wakes producc unsteady forces on the downstream
stator blades.

DEFINITION OF BLADE WAMES

Kemp and Sears (1955) based their estimates of unsteady forces on the
experimental studies of wake flows by Silverstein, Katzoff and Bullivant (1939).
They described the "far-field" wake from an aerofoil (figure 4) in terms of
three quantities -- the velocity distribution across the wake (w), the wake
half-width (b) and center line maximum velocity deficit (w.). These remain the
essential parameters for a description of blade wakes.

In a series of papers, Lakshminarayana and colleagues have provided a
comprehensive database of the wakes from aerofoils and lifting blades in
cascades, e.g. Raj and Lakshminarayana (1973) and Lakshminarayana and Davino
(1980). From this extensive database we have selected the correlation of the
latter authors for the maximum velocity defect (w) in the wake. Using the
inlet stator as the example, figure 4, the maximum velocity defect is written as

0.98 Cz CD
wd - CX ,  (4)

cI
+ 

0.688)

where C2 is the free stream velocity at the stator exit, C. is the drag
coefficient of a single inlet stator blade, and x' = x sec'a2 is measured from
the trailing edge along the free stream direction.

Lakshminarayana and Davino (1980) suggest that the variation of the velocity
defect across the wake is given by

w- = e -° "2  
(5)

where T = y/L, or y/I,, and L. and 1, are distances from the center of the wake
on the suction and pressure sides, respectively, to the point where w = w, /2.
No separate correlations for the length scales L. and 4 are given, but an'
expression for the wake half-width in the far wake is

b, = (L. + 1,) = 1.18 - + 0.688) (6)

where s, is the blade spacing.

It is possible to express the wake in its various Fourier components, as Kemp
and Sears (1955) did for the exponential form of eq.(5). However, their
analysis is very complex and based on adding together the blade wakes from
neighboring blades (each treated as an isolated aerofoil). On the other hand
the Lakshminarayana and Davino (1980) experimental correlations are obtained
from direct measurement of annular cascade wakes.

In Appendix A we present a simple Fourier analysis of the variation of the
velocity defect across the blade pitch (a) using the expression originally given
by Silverstein, et al.,

-- 2 COS 1 1 O
=d Yo2  ~ (+cs) (7)

The resulting Fourier series representation becomes

(2lnb\
w b sin s/ 2wny

. ' cos 
8

The first harmonic (n-1) has the greatest magnitude and therefore controls the
magnitude of the unsteady lift. In Appendix A it is demonstarted that the
amplitude of the first harmonic is simply 2b/s for small values of b/s. The
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amplitudes of the higher order terms in the series decrease gradually with
increasing n. By restricting our considerations to the first Fourier component
we will examine the worst case, the highest disturbance velocity. Therefore

= wd 
(9)

When the Lakshminarayana and Davino (1980) correlations, eqs. (4) and (6), are
used to represent w. and 2b/s, it follows that the amplitude of the first
harmonic of the inlet stator velocity deficit shown in figure 4 is

w- 1 - 1.155 C33 C2. (10)

Since the data correlations used are for the blade far wake, eq.(10) is for
axial blade row spacings of the order of a blade chord or more.

UNSTEADY RITUCTS IN A CONPR.SSOR BTAaG - GMIMRKL ANALYBIS

Figure 2 depicts the flow through a three blade row compressor stage. Stations
1, 2, 3, 4 denote entry to the inlet stator, inlet stator exit and rotor inlet,
rotor exit and stator inlet, and stator exit, respectively. In practice the
consideration of the unsteady flow through a compressor stage during design is
usually limited to two blade rows at a time. This is because it is not possible
to estimate the effect of an intermediate blade row on the wakes passing through
it from an upstream blade row, i.e. the effects of wake chopping and mixing.
Therefore either the inlet stator is omitted and a rotor and downstream stator
configuration results (Design B) or a guide vane with contra-swirl, or an stator
with positive swirl, located upstream of rotor is considered (Design A). The
general notation of figure 2 is for both configurations which allows the two
design examples to be combined to represent a multistage machine.

We define the flow coefficient as 0 = C.U and the ideal stage loading
coefficient 0 from eq.(2). For a repeating entry and exit flow, C, = C,
the loading coefficient is defined in terms of static pressure rise
0 = (p, - p1)/pU

2
. We consider first the case of a inlet stator and rotor

combination (Design A) so that unsteadiness is produced on the rotor ' -
interaction with the inlet stator wakes.

The amplitude of the first harmonic of the unsteady rotor lift is given as

4 = rpWcRw..[CL sin ER - CL. coS CR] e"R' (11)

where W. - C, sac Be and the mean flow angle defined as

(tan B. + tan 8,)
tan B. = 2 (12)

The angle ER is defined in figure 1. The terms CL and CL are the unsteady lift
response functions for chordwise and normal gusts' respectively. The
calculations to be presented later use the analysis by Henderson and Daneshyar
(1972) and modified by Shen (1980), to determine the terms CL and CL, . The
expression for the velocity deficit entering the rotor is givFen by eq. (10). We
then express the unsteady rotor lift coefficient as a fraction of the stage
loading coefficient

iIF - 2.31vC C2
HR [

2
0c1 - ICL. sin e, - C, coa c.] (13)

With W, = C, sec B, C2 - C, sec a., and o - (tan a
3 

- tan a.)/(tan B. + tan a.), it
follows that

HR = 2.31 r CD, ant a os -sin e. con (14)\tan a, -tan a ' , [CL -

From figure 1, CR - 90 - ( R + a2), where R is the rotor stagger angle. For
zero mean incidence and a circular arc camber line, a. a = atan[ (s, +B3)/2].
Hence

(tan P. + tan a cos p -

HR = 2.31 7 C, \tan a3 - tan a cos a, (Ccos ( % ) - C11sin (0. + a,)] (15)

The unsteady response of the blades to the upstream wakes is a function of the
frequency at which the interaction occurs. For this configuration the reduced
frequency is expressed as

.R - (sin tR + cos (, tan 02) - - (sin 8. + coo 8, tan a.) (16)S! e



The intra-blade phase angle r. = -2rsm/sj relates the spacing of the blade row
under consideration and the wavelength of the disturbance, or upstream stator
spacing.

A similar analysis can be undertaken for Design B, the rotor and downstream
stator which leads to stator unsteadiness from the impingement of rotor wakes.
The unsteady stator lift is now

= wPC-sW2 .,[CL sin Cs - CL, cos 6s] e 'S
5  

(17)

where C. = C. sec a. and tan a. = (tan a3 
+ 

tan aj/2. The disturbance velocity
is now given as

w, = 1.155 C D W
3  

(18)

where C5 is the rotor drag coefficientand W3 the "free stream" velocity relative
to the cotor blade exit. The unsteady stator lift coefficient can be expressed
as a fraction of stage loading 0

Hs = ,= # [ sin es - C s s] (19)
-ipc~zc~e ]J

With W3 = C, sec B, C = C, sec a, and 0 = tan a3/tan B2 with axial flow at the
rotor inlet (a, = 0), it follows that

/tan 2 cos a, ~

HR = 2.31 7C a - [C sin CO -I ,os tNC . (20)
D-\tan a3,O Pos3  Si'C

From figure 1, es = 90 - (S + 33) . The stator camberline is assumed to
be a circular arc and that there is no angle of incidence. This means
that the stagger angle is equal to the mean flow angle a., so that
a. = = atan[(a3 +a,)/2]. Hence

(tan 2> coin a, ~

H . 3 1.3CDC0 ta na 2/ CL, COm (a, + 03) - CL, sin (a, + J93) (21)

The reduced frequency parameter becomes

rc S  cs
= - (sin F, + cos , tan B,) = - (sin a. + cos a. tan 0,) (22)

SR S
R

and the intra-blade phase angle T, = - 21s,/s R.

An alternative presentation of the unsteady response is to relate the unsteady
lift force on the blades in a row to the overall total axial steady force on the
stage. For both Design A and Design B, the overall total axial steady force on
the stage, transmitted through rotating a,0 stationary rows, is

F, = (p, - p,) w (r
2 

- r2) (23)

where rh, rt are the hub and tip radii.

The first harmonic of unsteady axial force on a stator blade (Design B) is
approximately

E(rt - rh) sin s = wpC,(r. -rh) cs sin Cs w,.-, [Csin C, - Ca cos c,] e St (24)

so that the ratio of blade axial force to stage axial force is

2.317PC.c5W3 sin F5 C5,
R, = 21 U r. (C,, - C,2) (CL, sin C- C, cos c.] e"

3
S (25)

where r. = (rh + r. )/2. The axial force on all the stator blades is
proportional to

(l + e"U + ezl 
, 

U + . . e. +e

U 
8 , N R

where w. = 2Y- e-, Uv e
"  

where = A,.

N. and Ns are the number of rotor and stator blades, respectively. The term in
the square brackets may be summed to give

= i 1 ,r (26)

e j LI - e" '.j
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Hence

2.31 CNc, 1.0' tan -

= 2r. cos, ICL Co ( S + 03)- CLMsin (CS + 0,)) (27)

Similarly it may be shown that for Design A
=2.31 C,,c, )k 0 tan -

2. C C a Cos ( + a2) - CLsin ( R + a2)] (28)
2r. cos

where

e'2"'

=[e-a-- .
(29)

CALCULATION OF UNSTEADY RESPONSE

To provide an indication of the influence of the design parameters on the
unsteady response, calculations have been made for Design A configuration. The
following stage geometry and operating parameters were selected and calculations
performed.

T lkE 1 - DESIGN A PARAMETERS

Parameter Value

sdcR 0.5, 0.75, 1.0, 1.5

a2  -20 deg

a3 0, 10, 20, 30, 40 deg

sI/s. = Ny/R 0.7

Calculations of HR have been made for the Design A configuration, inlet stators
and rotor, using eq.(13) and for a range of values of 0 and 0. The resulting
values HR are presented as a function f 0 for constant values of 0 and a. fcr
each of the selected rotor space-to-chord ratios in figures 5, 6 and 7. These
results were then cross plotted to giv, contours of consant H. on a plot of
versus 0, figure 8. These contours indicate the values of o and 0 to be 3elect
to minimize the unsteady rotnr response for a given value of s,/c.

CONCLUSIONS

The analysis presented is an attempt to define the interaction between two b1ade
rows of an axial flow turbomachine in a manner which permits the selection of
design values of 0 and 0 to minimize the unsteady response of t. e downstream
blade row. Calculations for a configuration of a rotor operating downstream of
a set of inlet guide vanes indicate that there are values of 0 and 0 which
result in zero unsteady force on the rotor. While there are many assumptions
roquired to obtain these calculations, it is felt that the results do identity
operating conditions leading to minimum unsteady response.
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Appendix A: Fourier Analysis of the Wake

consider the expression given by Silverstein, Katzoff, and Bullivant (1939) for
the variation of the wake defect w = C_ - C in a direction normal to the wake
centerline, y.

wd = - 1 + Cos (A-1)

The magnitude of the unsteady lift on a blade is a function of the amplitude of
the wake defect which interacts with the blade. Since the thec.ies used t5
describe this interaction assume that the blade response is hartonic, the wake
must be decomposed into a Fourer series and the contributions of the separate
haronics examined. Note that eq. (A-l) describes the wake when -b < y < b, but
that w = 0.0 when -1 = -s/2 < y < -b and b < y < I= s/2. The Fourier
representation of the wake profile becomes

w * nwy

w, a0 + a, Cos b (A-2)

where
nwb

sin

a.= a. = ( [ ]T (A-3)

If we assume that the wake fills a certain portion of the blade passagc, then we
can calculate the Fourier coefficients and examine their relative magnitudes.
For example,

b/1 = 0.25 b/1 = 0.50

a. = 0.1250 0.2500
a, = 0.2400 0.4240
a. = 0.2122 0.2500
a, = 0.1715 0.2550
a, = 0.1250 0.0
a, = 0.0800 0.0610

From these calculations we observe:

(1) The magnitude of the first harmonic a, is the largest and th2 higher
harmonics dcf-ay quite slowly.

(2) For small values of b/I the magnitude of the first haimonic can be
aoproximated as b/1. For example, when b/1 = 1/4 a value of a, = 0.24
was calculated demonstratir g an error of 4 percent. As b/1 decreases
so does this error.

We conclude that if we assume the magnitude of the wake defect to be equal to
the magnitude of the first harmonic, this represents the case leading to the
maximum predicted level of unsteady lift. We will also assume that the a, - b/i
which gives,

b b
W, Vd ea /

2
wd o

since I equals 1/2 of the blade spacing s.
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I)IS('USSION

W. dni - University of Darmstadt

The proposed method makes use of experiments carried out by Pr.Lakshminarayana, Penn State
University, for measuring the velocity decay and the wake width of rotating compressor blades. Most of
these experiments are done in the low speed compressor rig and thereby the question arises, whether
the method is applicable on high speed compressors, for example a fan stage

2

Author's response :
The calculations presented in Figure 8 of the paper were done assuming incompressible flow

within the blade row being analyzed. The wake correlations by Lakshminarayana and Davino were obtained
at low Mach numbers and the theory used for the prediction of unsteady forces on the blades assumes an
incompressible flow. If wake correlations and an unsteady force predictor are available which include
the effects of compressibility, they could be substituted fr- the ores used in this paper. For
instance, Smith (see reference below) describes a flat plate airfoil theory which includes the effects
of compressibility. The authors are not aware of a database from which wake correlations have been

done for a compressible flow. As a first approximation for high subsonic flows, the Lakshminarayara
and Davino correlation could be used with a compressible flow airfoil drag coefficient.

Refererce : Smith, S, "Discrete Frequency Sound Generation in Axial Flow Turbomachunes' Aeronautical
Research Council, Great Britain, R&M 3709,1972.

Y.N.Chen - Sulzer Brothers Ltd, Switzerland

Figure 8 of the paper shows that the stage loading increases with the decrease in SR/CM from
1.5 to 0.75. But curve S,/C, 0.50 has a reverse trend compared to the others. It drops steeply in the
range of flow coefficients W Would the authors give a physical explanation of this special trend

1

Kriebel, Seidel and Schwind (1960) showed in their stationary circular cascade that rotatirg stall
occurs earlier at cascades with very small blade spacing due to the shedding of very strong Karman
vortices. Is there any relationship between the steep drop mentioned and the early occurrence of
rotating stall?

Author's response

The reason that the curve representing a s/c = 0.5 has a different trend than the large
alues of s/c presented can be attributed to several effects. First the theory by Shen is mathematical
limited to sc0.5 and stagger angles (60 deg.. Therefore the calculations are near these limits and
are starting to reflect numerical inaccuracies. In addition the low value of s/c eans that the
blade-to-blade interaction is large as the comentator suggests. This can lead to significantly
different unsteady response. The theory by Shen is linearized and cannot represent rotating stall.
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ETIIDE AERODYNAMIQL'E DES VIBRATIONS FORCEES DES AUBES
DE STATOR DE COMPRESSEL RS 4XIAIX

par

H.Jouberv cv V.Roneherti
S.N.E.C.M.A.
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RESUME

Les autos oe stator des coinpresneurs axoiadux soot sournisos U des f luctuat ions de vitesses Id1es a,
sillages desaubes mobiles leo prdcddant. L'6coulement instatiunnairo oul rdsulte de cette intoraction roc
tor-stator modult des excitations adrodynainiques qoi pousont proxoquor ,rse augmentationi do ad f~ti~e i
bratoire des autes et niectre en pdri I'irtdgrit6 du mote.

Pour 6tudier ces podfnomnibes, an code de calcu
1 

band our la r6solution des equat ions s
iss au point. Les fluctuations do conditions anioint snt molli ods U 'aide de corrdlationrs
partir d'essais. Les preosions instationnaires calculeos U ]'aide ox modele soot ensuite itott tc I.
on code do calcul m~cunique perniettant detiie len contraintes dynaniiquen au sein de lutrcr~ed
* aune -

L'infloenco des grandeors adronynamiques tellos quo los portes lions la -oue 'vobl, Pnt

tel leoquo 1 Osparement inter roLe ou I'ilotluence du. nomore d'aunes du stator a k6 curio ito
dits la conception adrnmdcaoique den- comprosseurs, rertuins choin do din'ensloooerent poorii
pour 'minimiser los contraintes Out~ laubage.
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Stator uaole rows of axial compressors are depeodasil from veIncity ;-d-''1111
of toe previous upstream blades row. Toe uristeidy flow result insi Pro'- thi, i '
ten aerodynamic exc itations whirr say init1,Iate it ing flilt uI: sI&s It Si Ir. ho sO -

In or dot to take into account these phesoss-na, a nmer coal moael bison or too .:iooi 1 a
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-ical model which estimate toe dynamic stress ins ide toe aane-stroKt0,'O

The -var iat ion of aerodynamic values such Is pressure mcs i toe ml ode and or'li rc .1 I ir

to' -stator spacing or fluctuation oP the number af II, sInis ot stulor 000 -'es
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1- METHODE DE CAtGUt

Hormis dons le can de la premil-re rose doun coanpresseor, Ins outues de turbomanlainen ne sont pan ohi-
mentdes par on 6coulement axisymdtrique. Gas hdtdroqadeitds d'al imentotiom sont dues ass si ilaqes des au-
boqes amont qoi indoisent des efforts instationnaires dont le premier harmomigue de la fridguence ent i6got
as prodoit do sombre d'aubes amont par la vitesse de rotation. Si cette frdgoence mu on de sen multiples
est proche d'un des modes prop-es de 1 'aubaqe alors celoi-ci poorra se mettre o ibrer et si l'amortis-
sement structore] nest Pas 055ez imiportant oane rapture prdmatorde de 1 auhoge se prodoira.

1.1.- Modtule adrodynamique

Biem qoe len silloqes suient d'origine vsquesse, les efforts adrodymomigues qujits engendrent pev-
vent 4tre calcolds a l'aide d'un moatule do type floide parfait (rAP 7).

Les eqoations d'Ealer compltuten nont Ocrites Sor oane moppe de coorant

Eqoation de coitinuit4 apbr &ebrW. +8e6W, 0

Equation de quontitiJ de moovement
86rw.. +bre± ) aebw~w, e(oart dr
at +- e6 W9 +r 4"

+er~ apbrW W0 + 8)6)eq,+j) (w+sb
at a- as a

Equation d'6nergie 3ebE a(?E,p)brw. 3) eE+9)6W9  d"r

tguation d'6tot P + s
Le domains de colcol est limitki P n neal canal interoube, le ooillagn en H comporte SO0 15 pointy

(figure m
0
2).

Le schdma numariqum de r~sotutiom nut do type euplicite. it fait opeel P one formulation du trpk: oa-
lumen finis. It apportient P to clause den schdmas de Lox-Wendroff, sa or~cision cut di second maore en,
espare en en temps (ndf 8)

Afin d'6viter len oscillations namdriqoes en presence de forts gradients Line dissipatiarL rnjmiiaur
du second ordre est ojootdn au ncbk~na nomdrique (rdf.9).

Len conditions aus limites nont trait~es P 'aide de to thdorin des relations de coipatinil itH r
10)

- Sur to frontiere amont [AAs ] la pression totate, to tnoicrotvre lotate olosi que 1 'angle de 1 'ecotr'ovnt
nont imponds.Ces grosdvvrs sont issues dane moddlisotiun do sitloage devl touae amaont. L3 tarn>&tatian ass-
tytiqon repose sur to thdorie de Prandnt, 1 'ajastement den coefficeints a USA r~atisA P a1ide de inesres
effeclades surore grille d'ashes de compresseur.

- Sur tes frontitires omont [AB] et [A'S'] oine condition de coopure nut impaske. Afis de limiter le domolort
an calcul P oin nstu canal interoube guetle gum suit to frdguvenc de 1 'excitatian, to condlition 1o roC-
linoitO P trainers to frontitimn cut realiude P 'aide dune hypothtise de pdriodiciti spittil-tIeriport eo
(rdf.3).

Sur le profit [BC] et [B'C' ] use condition de gliusement cut IMpos e.

-Sjr ten frontitires oval [CD1] et [C'O' I one condition de sit latle issoci r "e Pai liyp'it h-:sr do perluioci S1r
spot i0- temporeI le assure la contin ilt6 de a pres sion, de to "1 is'.r jFI 'vQ ue et de- 1,1 . I truse norm.,'e.

-A t 'oaval to.I fronti1tire [DO'], D6 ann cond it ia-n an, non rkif I ex fi> inpcstii-.

Oprtis inr prem ier b atcii s tatiLonna ire, 'in ( al 1 u irst atia nnairTe esut , ovavi i rondin Lot qk i? ib Ii r,
per lodes. Leu press ions instat ionflaires orteneos sue le profit ,oirt d~coinpastie s en se6 io a.'t- e, :7..

alcail vs
t 

effer tub pour plsoers coupes nt Inlo uItt s(tit -i'',s iue' ;oO men iienrte pihir.
2es pressions instationnairv-s en csagan point du rearesseorw- n ilo, 5 intr,,Trs vans r le ai dI i r.-
pasre akarniq~ip.

L a pmss%- e ArI m~aI- lm !a strt Ii :,- '' 'it ins, oaiuteflini's '' a r .- at
ri ttIato null), i , Iitr',' e itt ha--n -iaet014' Wi' aj 'l~i n'ivi

J, 11' ' rtdMI tr v4m
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2 - PESULTATS

Une dtode par amhtrique a 61t6 condui te sur an redresseur comport ant 120 ashes et sosmi s A 1 exc ita -
tion dela rose mobile comportant 64 aubes.

Laubiage du redresseur atant encastrii en pied et en t6te les calculs adrudynamigues ont 6t6 rdalisds
unigunisnnt sur la coupe oddiane. Los conditions de fonctionnoment statiommaires sont leo suisantes

01 = - 22.60
MWI = 0.470
32 =- .90
MW2 = 0.435

La rdparcitios du nombro de Mech (fig. 3) fait apparaitre use sursitosse as bord d'attague intrads
ds fait d'une incidence mdgatiue du profil, en effet le point de fonctionnement pour leguel toss ins cal-
culs out 6t4 mends est placd en hors adaptation.

Le sillage du rotor amont induit sur In rodrosseur ann fluctuation do Pangle de 1'dcoulemnnt amont
an l'ordre an + 2' 0 - 20' par rapport A 'angle mopes (figd4).

Le module du premier harmonigun des preusions instacionnairos (fig. 5) prdsente des niseaus compa-
rables our I eatrados et I intrados do I asbe. En renanche Ins phases (fig. 6) sont assez diffdrersos, le
gradient de sitesse stationnairn induit des gradients do la phase des pressiono instationnairns. Ainsi
los zones as bord d'attagun do l1e'ntrados et do 1' intrados prdsentent des dOolutions rapidos do phase tan-
dis gun sur la partin asal de 1 intrados la phase nut proche do zdro et udoolue pas.

Le calcul an la rdponun mdcamigue induite par cns fluctuations do pression instatiosnairo permot do
ddtormimor la contrainte manimum rencontrdo cur 1 aubage (fig. 7).

Influence do la distance rotor-stator

Sur Id figure n
5

8 est reprdsentdo I 'doolution du maximum do rontrainto asoc la distance do Lord do
fuite du rotor au hord d'attague ds stator. Lorsguo la distance not dosblde, la costr ainto no diminue quo
an 20 %.

Ce patambtro napparait douc pas conuno ddtorminant dans Ia reponoen iscanligun an 1 aubago.

Influence des portes do la rose anont

Leo perlos dn prossion locale an la roue mobi le amonl opt .n offet notlonient plus nirad our los
cost ra stos.

Ainsi lsrsgue col los-c i passenl d'une odleur do 7 % ) 3,5 % la cctitrainto dininuje do h0 %. La-ip'-
so do I 'usage a coo oariations do portos osl quasi-lindaite dues le donarino Oludi6 (fiq,9)

Lotte Oludo montrm I'importancr' us niveao do ]a conception do wriimisor los pets non P,1 r'so',t
pour 1 potension do performTanices dtui~es isais dussi pour assurer Ia Ic-roe nioanique do cerftames'os

Influence du nc-more 0 'ashes.

CetL "' 'd a 6tO r~al odre on modifianl le nomnbre laubes du sLtr iMal-; in ,o)sPo irifleis i'Amos
aubes, par consdguont In p's relasil et dc-nc Ia hnargo stationnaitore s ., a 'squout do, aij ao ntro
I amont ec In tond datlagun a 6tiS consorvOd. L, ''''ml do Ia reposse mdcai:.i- '5?'tt0'; I ,0 *n'l s

sormbre d'ashes opimuni do sorte Quo Ia contrainto soit minimal in i ii.

3 "' LSA L IONS

*rrsntledes dtodes offecludes ,;ur leo inter-ai Ions mi- rotsu po''I tt, 'IC i, .r n

I nfl once des oil lagos oar Ie csmporicnent m can ique de, isqe

psirrmietrs dkdes, parumsbltrigos ant poii do deqaqet 1 importin Sro fei'i ta!h c-iz do limos-

J di li-Olin 'tec5 codes d' rilco.I d.iiui , O] a consiepht dimruOl d, i'.cpe55 5i

i- l..,s lirir.....-.. c' n -w, 1 r j-i, la SNF(-mA F' 1- ir
5
. ''' i Pies rtc pot,],to0



7-4

REFERENCES

1/ Lubomsky J.F. "Status of NASA Full-Scale Engine Aeroelasticity Research" AIAA Paper 80-36906- 1980

2/ Lynn E. Snyder and Donald W.Burns "Forced vibration and flutter design methodology" AGARD 0 GRAPH N°298

3/ Joubert H. "Supersonic Flutter in Axial Flow Compressors" Unsteady Aerodynamics of Turbomachines and
Propellers Cambridge, England U.K. 1984.

4/ Gerolymos G. "Numerical integration of the 3D unsteady Euler equations for flutter analysis in axial
flow compressors" 33nd ASME Amsterdam, 1988.

5/ Lecordix J.L., Vincent B., Henry R. Mechanical Evaluation of the aeroelastic behaviour of a fan blade
Sth ISABE Cincinnati june 1987.

6/ Quiniou H., Etudes thoriques d'A~roflasticitO dans les compresseurs adronautiques. Bulletin SFM

Octobre 191/C.

7i Giles M. "Calculation of unsteady Wake Rotor interaction" AIAA paper n'87-0006.

P/ Ni R.H. "Multiple Grid scheme for solving the Fuler Equations "AIAA Journal, November 1982;

9/ Lerat L., Sides J. "Calcul numrique d'6coulements transsoniques instationnaires" T.P. ONERA n'1977-19.

10/ Viviand H., Veuillot J.P. "Mkthodes pseudo-instationnaires pour le caicul d'6coulement transsoelque"
'.P. ONERA o°9S-4



7-5

Exitation force

D nmiq-e A F (mouvement doe laoube)
forc To structurer

Amortissement Atrismn

q+Ciq + K Fa sin-t F (mu~mntc00oue

Figure N0 I Reponse, m~canique aux excitations adrodynomiques

Figure N* 2 P 'tillge B0X15 points



7-6

Mach
extrados

intrados

1.00-

0.80-

0.60-

0.40/

0.20-

0- low xlC

0 0.2 0.4 0.6 08 10

Figure N* 3 :R6portition de nombre de Mach stationnaire

Angle

-

-10i

- 15-

A- 20

1 25.

-35-

1
- 40

-45.

-PAS/2 + PAS/2
I -50 1_ip

Figure N
0

4 - Fluctuation do l'cingle amon



Pression

20000-

15000-

0 0. 1 0. 2 0.3 0.4 0.5 0.6 0.7 0.8 0 9 1 0

Figure N* 5 a Extraclos

Pression

20000-

15000-

10000-

5000- 

~

0 0 10.2 0.3 04 V.D0,6 0 70.80 91 0

Figure N l b lntra.~os

Figure N* 5 :Rdpartition du module du premier haimonique do preusion



Ptase

180-

90-

9O -y--j --i X/C

0.1 0.2 0. 0.4 C.5 0.6 0.7 0.8 0.9 1.0

-90-

- 180

Figure N0 
6 a Extrados

Phase

180

0. 07 0.8 0.9 1.0 XC
90

0.1 0.2 0.3 0.4 05

- 90-

- 180.

Figure N* 6 b : Intrados

Figure N* 6 : R6partition des phases du premier harmonique de pression



C max

1.0

0.5

F requence

Figure N* 7 : Reponse mecanique de l'aubage

Contrainte / contrainte nominale
120

1 00

0 80-

0 60

0 A0

0 20

0
10 20 25 30

Distance (mm)

Figure N' 8 Evolution de la contrainte maximum en fonction de
la distance inter-roue



7-I,

Contrainte / contrainte nominnle
1,50

1 30-

1 10.

0 90

070.

0.50

030 ,
0 2 4 6 8 10 12 14

Coefficient de perte

Figure N' 9 Evolution de 1a contrainte maximum en fonction du

coefficient de perte de la roue amont

Contrainte / controinte nominale

1 20

1 00-

0.80-

060.

0 A0-

020-

0,
90 100 110 120 130 AO 150

Nombre d'oubes du stator

Figure N* 10 : Evolution de )a contrainte maximum en fonction du
nombre d'aubes du redresseur



DISC'tISSION

A.Klose - M t U Munich, Germany

(1) In order to calculate vibration amplitudes you have to know the mechanical damping. Do
you calculate this mechanical damping or do you use values given by the experience,

Author's respone :
The mechanical model uses an experimental value for mechanical darping.The aerodynamical

damping is obtained by means of an Euler code calculation.

(2) In paper by Servaty and Gallus, the authors use MacCormack's scheme to solve the Euler
equations whereas you use the Lax-Wendroff scheme. Could you give the reasons'

Author's response :
To solve the Euler code the MacCormack or the Lax-Wendroff schemes are used alternatively.

MacCormack is preferred for supersonic flows and Lax-tWendroff for subsonic flows.Furthermore, Lax-
Werndroff scheme seems to be stronger in order to take into account high angles of attack. Some
comparisons have been made between the two schemes and there is no significant difference.

(3) Did the authors make any comparison with experiments'

Author's response :
Up to now, no comparison has been made with experiments.

M.L.G. Oldfield - Oxford University, U.K.
Can the unsteady prediction code presented predict unsteady separations near the blade leading

edge' It is very likely that the strong wakes would cause separations on a real blade.

Author's response :
The code presented is an inviscid code, so it is impossible to take into account with this

method the separation that could take place rear the leading edge.
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tUNS EADY BLADE LOADS DUE TO WAKE INFLUENCE
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Mtinchen GmbH Turboarbeitsmaschinen
Iachauer Stralte 665 RWTH Aachen
8000 Miinchen 50 Templergraben 55
Germany 5100 Aachen

Germany

Summary

An algorithm for calculating unsteady blade forces and moments due to incoming wakes is presented. The mathematical
model describes the unsteady two-dimensional flow through compressor and turbine cascades. Only inviscid transport of
the wake is considered.

The non-linear Euler-equations in conservative law form are solved by a combined method. Maccormack's explicit
predictor-corrector scheme is used at interior points. Time-dependent boundary conditions are formulated by means of
a characteristics method.

Fundamental studies and several test cases are presented to check the algorithm. Comparisons with experimental
results are discussed as well.

Nomenclature

b width t time, spacing
c chord length u velocity in x-direction
e energy U flow values (9, 9u, 9 v, e)
F, G flux vectors v velocity in y-direction
h depth of the wake xy coordinates

unity matrix coordinates for transformation
I Jacobian ratio of specific heats
p pressure 9 density

Subscripts Superscripts

a ambient n value at time t
D wake n.l value at time t a At
C cascade value after the transformation
P profile - result of predictor-step
t total value result of corrector-step

- fluctuations

Introduction

Design of modern axial-flow turbomachinery bladings has led to highly loaded, slim and comparatively long blades.
These blades are more sensitive to flow induced and self excited vibrations. The great number of papers dealing with
this subject that have been presented during the last years demonst-ates the importance of these problems, see e.g.
/and /2/.

Tf', paper presents a method for computing the wake influence on turbomachinery bladings. It is part of a research
program that aims at calculating the unsteady blade loads on oscillating cascades due to wake influence and
aerodynamic damping. An extensive description of the algorithm used and results for aerodynamic damping are given in
a companion paper /3/.

Within this contribution some basic remarks concerning the choice of a suitable numerical method for handling the
problem of wake interaction and comparisons with linearized theory are given. Furthermore the influence of the form
of the wake prescribed at the inlet on the pressure distribution is shown.

Governing Equations

Although the wakes are generated by viscous forces experimental results show that their transport is mainly an inviscid
phenomenon. Therefore the problem of wake interaction may be modelled by the Euler-equations which correctly
describe the transport of vorticity and the entropy-production due to shocks:

e r U . Fl U) * 7 (3(U) 0

Im N /QIM mn,/

and 
' O (u

2 .v
2 )



This system of four partial differential equations is solved by a combined method usinq a difference method at interior
points and a bicharacteristics method at the boundaries. The physical region (N,y) is mapped cnto a computational
domain (1,q) by means of the numerical transformation of Thompson, Thames and Mastin 4). Subject to this
transformation the partial differential equation system (1) can be written (see /5/):

aL aoe 1 (2)

where

A A A 1 a an an
FJ- F-(Vj Pj G ) G = u~ U i. 17 ay

with the Jacobian J= .a an an 
7_ T- y X

Choice of a numerical scheme

Several methods may be employed to solve the partial differential equation system (2) numerically. In the followinq two
well-known schemes t an implicit and an explicit one) are briefly described and compared with each other using a simple
test case.

Q',', -;'l~ Leme;

A well-known representative for an implicit scheme is the ADl-method of Beam and Warming !6/ prcsnted in 1978.
One advantage of the implicit scheme is that a greater time step may be chosen than allowed by the 'Fi-criterion /7/
for explicit methods. The stability and usefulness of this scheme has been shown in many applications (e.g. /R/, /q/,

/101, /11/). In the following a brief description is given.

The partial differential equation system (2) is linearized yielding

4 4

- Alli -- BMU = 0

with the Jacobians at ai

0 1 0 0

A -- U 3-Y)U (1-Y)v Y-1

-uv v u 0

YeU (I Y)(u'.v')u I e -(3u' v 1-)V Y

-- 6-- T -2- +v' ) (-ru ru

0 0 1 0

-uV V U 0

B-
3
-n , -(1-)U (3-,)v y-1

and 4 .- a I --.--uB - Ie -I(3i+uB

au

Using the trapezoidal formula and splitting the difference operators into the two coordinate directions re,,:ts in the
following solution scheme:



rA X A ) (1 a)A

A~, t a 'n) .U nr r I -

(For details see /6/ and lit).

Due to the approximate factorization a third order term is neglected (ref. /12/). This does not disturb the second order
accuracy of the scheme but A damping term of higher order has to he added to guarantee the stability of the method.

MacCormack scheme:

The explicit predictor-corrector scheme has been introduced by MacCormack /13/ already in 1969. In the meantime it

has been applied to a wide range of problems. Examples for some recent work can be found e.g. in /14/ and /15/. The

two steps are:

Predictor-Step: x ttr ;ni 1 M f nii~i j] - -
1~ j i+1-6,j " i-6,j i,j*1-c i, j_,:

C ocector-Step: n-- -U _t [ n nt -

,l i,j i+, i-1+6,j - i,j c i,j-~cJ

i* ,j i i' * 1].jAxeraging yields the value at the new time lexel n x 1: a 0 , 1 2

.-

Fletails of the application of this numerial scheme are described in /3/.

ID-Test case

To compare the two methods outlied above the unsteady flow in a finite duct has been calculated as a first test case

'tiq. 1). At the upstream boundary total pressure Pt and total temperature Tt are prescribed. The flux variables in the

duct are also determined by these stagnation values since the downstream end is closed by a diaphragm. At time t 1 0

the pressure p
0 

(Pt is imposed at the right boundary and causes a centered expansion wave propagating upstream. At
the left boundary this wave is reflected as a weaker compression wave that moves downstream and reflects in opposite
sense from the right boundary. This process of expansion and compression is repeated until a uniform steady flow is

reached throughout the duct. This starting process has been calculated using the two methods described above. The

result is shown in fig. 2, where *ach of the two schemes is compared with a characteristics method. The first part shows
that both, MacFormack scheme and characteristics method yield a smooth -, -- hi;n the st-dy ?t - iOn

fin the other hand, it is demonstrated in fig. 2 that the Ream-Warming scheme needs an additional damping (here an
explicit fourth order term has been added) to achieve a smooth curve without wiggles. Nevertheless, the steady state
solution is reached with this scheme as well. (Since for both schemes boundary points are calculated with the

charzcteristics method ths example shows also that it is possible to combine such two numerical methods.)

2F)-test case

To examine the influence of the numerical damping a simple two-dimensional test case as shown in fig. 3 haa been set

up, where a velocity distribution in y-direction is prescribed at the left boundary. Starting with the known steady state

,ales for uniferm inflow th- development of the flow in x-direction is calculated by MacCormack and Ream-Warming
schome. ilaviop reached i converged state the velocity distribution in y-direction is checked at every axial position.

Fiq. 4 shows the result: the velocity defect prescribed at the inlet decreases almost linearly when using Ream-Warminq
alorihm due to the artifical dissipation. Since no additional damping is used with Macflormack scheme the velocity

,'lstribiutiri remains nearly constant as it should be for an inviscid calculation.

Bloundary conditions

A*cnrding 
t
n the restlts of the comparison presented above the numerical algorithm for computing the 2-dim.,

:nstpad,, subsonic fin uses I'Aacrormack's scheme for calculating the flow variables at the interior points. The

bounaries arc treateu by the icharacteristics method according to Putler /16/ and flelaney /17/. The application of
thi alnrithm iss described in detail in references 11, 1l.

Following houniry conditions are prescribedf(f Fi. . 5):

At the inlet the wake of the preceding cascade is described by a circimferrntial distribution of flow velocity. A

syr metrical distribution according to a gaussian curve in the rotating frame of reference has been assumed. from
!he giv-n cocity the rorreponi g distribution of total pressure, total temperature ind flow angle is ca.rulated
and used us hundary condition at the inlet.

At thp downstream boundary statir pressure is assur" '"nwn.

i- t -,, ; L, o,.c ltion is uned at the blade profiles.
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Downstream of the blading, the boundaries R5 and R6 are represented by the slipstreams leaving the trailing edge of
each blade. This model has been used by Butler /16/, Pandolfli /19/ and other authors. It requires that the pressure
and the component of the velocity normal to this line are continuous, whereas the tangential components will show a
jump representing the concentrated vorticity.

The periodic boundaries (R5 and R6) are handled by a special treatment presented by Erdos and Alzner /20/ in 1977.
Taking into account that each channel experiences the same states with a constant phase lag the computational
domain can be reduced to a single channel. This method has been used in the calculation of oscillating cascades by
several authors (e.g. Fransson /21/) and is described in more detail in /3/.

Comparison with linearized theory

To validate the method outlined above a cascade of flat plates is considered. At the inlet boundary a sinusoidal wake is
assumed. The amplitude being small enough this configuration (cf. fig. 6) can be analysed using the program LINSUB
developed by Whitehead /22/ based upon the theory of Smith /23/.

A comparison between the results of LINSJB and the present method (El LER) are shown in fig. 6. The results of the
EUILER-method are non-dimensionalized in exactly the same manner as done by LINSLJB, using the product of the mean
density, the mean speed, and the maximum wake velocity normal to the blade. To be able to compare phase results the
wake definitions at the inflow are specified such that the canterl~ne of the wake passes through the blade leading edge
at the beginning of the period. The agreement between the results obtained by the linearized theory and by the EULER
method are quite well with respect to amplitude as well as phase lag.

As a second example a configuration accordinq to fig. 7 has been calculated. The pitch of the wake being twice the
pitch of the cascade (tD = 2*tq) this example is also a test case for the special periodicity condition. The results of the
two methods are compared in fig. 7. Amplitude of differential pressure and phase lag agree fairly well.

Results for a compressor cascade

The results for a flat plate cascade being quite promising the method has been applied to a real compressor cascade.
First calculations /24/ indicated that the mesh size had to be refined significantly to get a proper resolution of the
wake. Usinq a computational grid with smaller cell size it was found necessary to add a little amount of numerical
damping to the tMacCormack scheme for the sake of stability. A fourth order damping term according to Jameson et al.
/25/ was introduced. The effect of this damping on the development of the wake is shown in fig. 8 using the previously
presented test case (see fig. 3). With a damping factor of C = 10

-
4 the wake depth reduces only by 1.5%.

As a first example the effect of a sinusoidal velocity distribution prescribed at the inlet has been calculated. The
computed pressure distribution is presented in fig. 9. On the pressure side the amplitude f the ",nairic pressure
continuously decreases. while nn the s(o, n 5ide a varying amplitude is observed with a lcgl minimum at x/hP 0.4 and
local maxima at x/bp.0.25 and x/bpr 0.6. A 3D-plot of the prpss' re distribution on suction and pressure side is given in
fig. 10. The temporal shift in the pressure signals indicates that the influence of the velocity defect iv convected
downstream with approximately mean flow velocity.

The pressure amplitudes shown in fig. 11 are due to a gau%sian velocity distribution prescribed at the inlet. Compared
with fig. 9 (sinusoidal wake prescribed) the pressure amplitudes are larger and a local maximum appears on the pressure
side at x/bp a 0.6, too. The 3D-plot of the pressure fluctuations in fig. 12 shows the influence of higher harmonic's, as
expected according to the gaussian velocity distribution.

For the calculations presented above an H-type computational grid with 253x65 points has been used. rompared with a
mesh consisting of 76x25 points the calculated dynamic pressure amplitudes are approximately twice as high on the
refined grid. Nevertheless, measured pressure fluctuations /26/ are even larger so that further mesh refinement is
necessary.

Conclusion

A method for computing wake interaction effects in axial turbn-arhines is presented. The non-linear Fuler-equations
descrihinq the two-dimensional, unsteady, compressible, inviscid flow are solved by a combined algorithm. Macror-
mack's predictor-corrector scheme is used at interior points while boundaries Are handled hy means of a hicharacter-
istics method.

Using a simple test case MacCormack's scheme and the ADl scheme of Ream-Warminq are compared with -arh other.
5ince the explicit method requires less damping the depth of the wake remains nearly constant.

The algorithm is compared with line3rized theory for a flat plate cascade. Results are very good ind demnnstrate the
feasibility of the special periodic;ty condition that is used te restrict the corrputational domain to one channel even for
diffeent cascade and wake pitches.

The calculations for a real compressor cascade indicate the influence of the wake profile prescribed at the inlet
boundary. Though a mesh with 253x6

5 
grid points has been used comparison with experimental results shows that further

mesh refinei.,ent is neczssa~y,
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UNSTEADY AERODYNAMIC PHENOMENA IN A SIMULATED WAKE
AND SHOCK WAVE PASSING EXPERIMENT
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Cambridge, England Derby, England Oxford, England
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SUMMARY
A detailed study of the propagation of nozzle guide vane trailing edge shock waves and wakes

through a turbine rotor passage is present ed, using experimental data from a transient cascade tunnel
with a rotating bar shock and wake generator. Both unsteady and mean blade surface pressure

measurements, together with schlieren flow visualisation were used to unravel the complex sequence of

refraction, reflection, and re-reflection of the moving NGV shock waves, together the effects the) have

on both the unsteady and time averaged blade surface pressures. The effects of the wakes are

similarly described. As well as contributing to the fundamental understanding of the inherently

unsteady turbine aerodynamics, this paper shows the phenomena which must be predicted b, an'

successful unsteady computational fluid dynamic prediction of the flow.

NOMINCLATIRE
(as Axial chord (m) p Static pressure (Pa)

VI Mach No. P. Total pressure (Pal

MP Model point r Radius (m)

ft-l Flow Mach No. relative to moving bar Re Reynolds number

P Pressure (Pa) A Streamwise direction (ml

I4TRODUCTION
With the striving for greater efficiency and performance from modern gas turbine engines the

need for a clear understanding of the unsteady processes which occur is increasing. The flow

perturbations are intrinsic in the operation of an) turbine, they are associated with the periodic
chopping of the wakes from an upstream blade row by the next row. With the increasing use of
transonic exit flows from stator and rotor passages the importance of the shock wave passing is also

becoming more significant. The effect of these perturbations on the aerodynamic performance of the
passage, the thermal loading of the blades and the blade profile losses needs to be understood.

Much of the previous work in this field has used unsteady bade surface heat tcansfer

measurements to study moving wakes and shock waves in turbines, either in cascade ll.3.3....t or in a
rotating turbine Large rapid surface pressure fluctuations were also seen 13) and it has been shown

that these cause correspondingly large fluctuations in heat transfer 110.111

The present work concentrates on describing in detail the propagation of nozzle guide cane

shocks and wakes through the rotor passage as detected by measurements of time resolved and time

averaged surface pressures together with flow visualisation using schlieren photography. Analsis ol

these results reveals a complex sequence of NGV shock wave movements and reflections throughb t! c

blade passage, and these along with the wake propagation, can be related to features in the measured
unsteady pressures.

EXRMTL CONITONS AND MM2D
The tests were carried out in the Oxford Turbomachiner) Group [151 Isentropic Light Piston

Tunnel (ILPT( l13,14,151 fitted with a linear cascade working section together with an NGV wake and

shock wave simulation system Ill. The ILPT is capable of modelling full engine Reynolds No , Mach No

and Gas to Wall temperature ratios. The inel is a transient facility and is capable of maintaining

constant flow for between 03 and 2 0 seconds. The I.PT was fitted with a n passage transonic turbine

rotor blade cascade (Fig. I). as used by IS,10,11. The blade represents the mid-height profile of a

transonic HP turbine. The rotor dimensions and test flow conditions, which are the same as would be

expected in an engine in terms of Mach number and Reynolds numberbut not temperature ratio, are
shown in Table I

The stationary NGV ring of the HP stage of an engine will produce wakes, and recompresuion
shock waves if it is transonic. These will be convected into the rotating rotor blade row as periodic

flow fluctuations To simulate this phenomenon in tho ILPT. the rotor blade cascade remains

stationary, while the periodic wakes and shock waves are produced by moving circular cNlinders in a

parallel plane upstream of the cascade leading edge (Fig IY The test configuration is that described in

[10,11]. In most of the teats there was no upstream turbulence grid. Two configurations of bar were
used:
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(a) 16 bars at the NGV pitch to model the engine situation;

(b) 2 bars to give isolated shock and wake passing events.r Table I Epenontafl contppa
Inlet Mach number 0.38 Blade inlet span 50.0 mm
Isentropic exit Mach number 1.18 Blade pitch 34.3 mm
Bar relative Mach Number Mb,,I: Blade chord 41.2 mm

Schlieren tests 1.165 Blade axial chord 34.8 mm
Transonic tests 1.13 Inlet angle 48'
Subsonic test 0.75 Flow Total temperature 290 K

Reynolds number (based on blade 1.0,106 Total pressure 170 kPu
chord and isentropic exit conditions) Bar generator rotational speed 17,001 rpr
Hade angle t0 Bar diameter 1.6 mm

For the surface pressure measurements, two rotating bar speeds were used: the first simulated
a supersonic NGV exit flow with Mb,,] = 1.13 and the second a subsonic eit flow with Ml,,.,, = 0.75.
For the schlieren tests a slightly higher supersonic Mb  1.165 was used. The wake propagation though
the passage has similar characteristics at all three values of M,_.,

The bar generated flow field is dependent upon the bar relative Mach number, Mb-e1. which,
with the bars mounted radially from a rotating disk, is a function of the radius or the row generating
segment of the bar from the axis of the disk. Consequently the flow pertur'ations being detected by
the blade mounted instrumentation will vary slightly along the span. In these experiments the pressure
tappings were distributed across the blade from 30% to 70% of the le.ding edge span (Fig 21. The
nominal Mbr.t of 1.13 varied from 1.08 to 1.18 over this 401/% of t-e span, and consequently the wake
angle varied from 74.50 to 77.50

. 
There is also a small timing shift associated with the spanwise

position of the surface mounted instrumentation. Time averaged pressure distributions were measured
with two blades. (Fig. 2) with small pressure tappings connected via short flexible tubing to Sensm
pressure transducers, type LX-1620D.

As the
rotating disk and turbine were mounted on the back of the working section, it was therefore necessary
to use a double pass schlieren system.

The unsteady surface pressure measurements were made using three different blade
configurations. The first used three Kulite XCQ-OO-SOD pressure transducers mounted flush with the
blade suction surface. These were then transplanted Into the pressure surface of another blade for the
second series of tests. Tests were carried out with this blade in both the upper and lower blade
positions, giving leading edge data for both at the top and bottom of the instrumented passage. Finalk
a flat pack Kulite LQ9-080-SOD was mounted in the pressure surface to measure fluctuations closer to
the trailing edge.

The cylindrical pressure transducers. XCQ types, are normally supplied with a protective screen
covering the diaphragm, to give it increased durability. The diaphragm has a natural frequency of 60(
kHz, but the screening limits the frequency response to about 20 kHz. A single transducer was
supplied without the protective screen, but with RTV sprayed onto the diaphragm for protective
purposes, this reduced its natural frequency to ISO k[iz, but still gave a much better frequency
response than the conventional models. The positions of the unscreened transducer are indicated bv an
- in Fig. 2. The LQ9 transducer was supplied without protective screens but with RTV coatings and had
a similar frequency response to the unscreened device.

UNSTEADY WAKE EE-sT
Time Resolved Surface Pressure Measurements for Mbr.1=O.75
Typical raw unfiltered wide bandwidth pressure measurements recorded on the suction surface

at MP. PI6. x/cax = 0.39 are presented in Fig. 3. The data recorded in the 16 bars configuration tests
shows evidence of overlaying of phenomena associated with adjacent bars. The overall effect of the
NGV simulation is for the pressure trace to have a regular wave shape, with the same period as that
of the bar passing. Examples of this data which have been phase-lock (i.e ensemble) averaged over 30
cycles are shown In Fig. 4. The data recorded in the two bar configuration tests show evidence of
separate identifiable events (Fig. S) Each trace, which represents one complete period of the bar
passing, has been ensemble averaged over four periods for the pressure surface and leading edge
measurements and two cycles for the suction surface, with the latter data filtered with a 30 kHz
Hamming window filter.

The transducers used in these tests were mounted at different spanwise positions on the blade.

This was necessary due to the physical shape of the transducer bodies. The maximum timing variations
associated with this spanwise variation In instrumentation position is approximately 20 P3. while the
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range of Mbrsl over this radius is from 0.722 to 0.772, this variation will lead to a variation of 7% in
the maximum wake velocity deficit and of 14% in the pressure signals associated with it.

A large drop in surface pressure, labelled "A" and "B", in Fig. 5, for the pressure and suction
surfaces respectively, can be seen in the data. It is first detected in the instrumented passage at the
leading edge of the upper blade. The measured signals indicate that the phenomenon causing the
pressure drop moves along the pressure surface towards the trailing edge at less than the local
freestream velocity. It is detected on the crown of the suction surface approximately 70 ps after it is
first seen on the leading edge of the upper blade. It should be noted that the results for the two
surfaces were recorded on different runs so the accuracy of the timing synchronisation is limited by
the build to build variation in the mounting of the bar position detector. This makes the
synchronisation accurate to only 1 40 Vs. The transducer in the leading edge of the blade and that at
MP Pl6 on the crown of the suction surface are both at mid span on the respective blades so there
are no spanwise synchronisation errors. It takes 280 Vs for the bar to move through on rotor passage
pitch so the phenomenon causing this drop in pressure moves across the passage, even allowing for
the maximum synchronisation error, faster than the bar itself, indicating that this is caused by a

pressure wave rather than the wake.

A large pressure rise was seen on the suction surface, this is labelled -C- in Fig. S. It was
first detected at the crown of the blade and was seen propagating towards the trailing edge of the
blade. There were no pressure transducers mounted on the blade surface between the crown and the
leading edge of the blade so its existence could not be tested between these two points. The
propagation velocity of the perturbation was approximately M = 0.25, lower than the local freestream
velocity, suggesting that it was propagating with the wake. Its appearance on the suction surface is
coincident with the expected position of the wake calculated from the timing of the pressure drop at
the two leading edge pressure transducers.

There is a small pressure rise which is measured on both surfaces of the passage, labelled -D"

in the Fig. S. The effect is first detected at the leading edge of the upper blade, from where it
propagates back along the pressure surface towards the trailing edge and across the passage to the
suction surface. Its propagation velocity on both surfaces is well above the local freestream velocity. It
is detected on the blade mounted pressure transducers long before the arrival of the wake, careful
analysis of the data has shown that it is detected while the bar is still in the slot in the tunnel
sidewall.

There is a further rise in pressure detected on the blade surfaces, labelled *E- in Fig. S This
occurs after the passing of the wake associated effects, first appearing near to the back of the
pressure surface. The pressure signature propagates forward along towards the leading edge of this
blade then from the crown of the suction surface towards the trailing edge of the lower blade. The
propagation of this effect along the suction surface of the passage is at the same time interval
relative to the leading edge of the upper blade as the first pressure pulse detected, -D". It appears to

he a pressure wave which first contacts the pressure surface near to its trailing edge.

Schlieren Photoezraph Results
There were no schlieren tests carried out with an Mb,,, of 0.75. but the wake propagation

identified in the results taken at Mbr, = lbS can be analysed with if careful consideration is given to
the differences. The tests carried out with the higher Mbcd! will have a wake that is both narrower
andi of ,wallpr veln.-ify ,ieflrit than one produced by a bar with Mb, = 0.7S

The position of the wake in the rotor passage can be identified in the schlieren photographs, as
shown in Fig. 7 for the two bar test case. As the wake propagates through the passage, it appears to

become narrower on the pressure surface and wider on the suction surface. This is caused by a
combination of two effects [171. Firstly, non uniform passage velocity field slows the flow close to the
pressure surface and speeds it up close to the suction surface. Secondly there is the effect known as
the "negative jet", where the highly turbulent wake fluid is convected from the pressure surface to the
suction surface. In the tests carried out in the lb bar configuration the wakes from adjacent bars
merge togethvr and this makes analysis of wake propagation behaviour from this data impossible

Wake Prfs~agation and Pressur- Wave Effects
The momentum associated with across passage convection of the wake ("negative jet") causes a

temporary rise in pressure on the suction surface of the blade and a corresponding drop on the
pressuJre surface These effects can be seen in the experimental results in Fig. S. The drop in pressure
measured on the pressure surface labelled -A- and the pressure increase on the suction surface
labelled *C- is caused by this phenomenon. The results have also indicated that there are various other
phenomena which should also be considered. Many of the effects detected with the surface pressure
transducers are weak pressure waves or expansions which propagate across the passage and intersect
the surfaces. As the waves are only weak then the theory of linear superposition can be applied during
the analysis of the pressure
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A drop in surface pressure. "B". is measured on the suction surface of the blade. This

phenomenon was unexpected. The reduction is caused by an expansion wave which is detected

propagating from the leading edge of the cascade. The expansion will travel through the passage at

approximately sonic speed relative to the local flow, while the wake will be convected with the flow.

So the drop in pressure caused by this expansion and the rise associated with the "negative jet", which

are overlayed at MP. PI5 (x/cax = 0.28, Fig. 5(f)) will move apart further along the blade. The signal

measured at MP. P19 (x/cax = O.65, Fig. S(h)f shows that the two effects have separated.

The pressure rise. D, detected on the blades in the figures propagates through the passage very

quickly, at a much higher velocity than the wake propagation. It enters the passage at the leading edge

of the upper blade, propagating as a pressure wave and appearing to be washed out as it moves across

the passage and towards the trailing edge of the lower blade. It is first detected in the passage at the

leading edge of the upper blade, bOO lis before the bar synchronisation timing signal, this represents a

time before the bar is even level with the upper blade. If the bar was moving at a supersonic velocity

relative to the local flow then we would expect to see a bow shock wave in front of it. In this case

however the Mbr. is subsonic, so there will be no bow shock wave, but there will be a weak

potential effect travelling upstream of the bar and it is this pressure wave which is detected as the

pressure rise in the passage. This effect will not occur in the full engine case, although it will occur

in the 16 bar test cases.

The final phenomenon detected in the pressure signals is another rise in surface pressure,

labelled "E" in the figures. This is detected on the pressure surface after the large pressure rise

associated with the "negative jet' phenomena has been detected on the crown of the suction surface. A

pressure wave is formed on the suction surface of the passage by this large rise, it then propagates

out from there at sonic velocity relative to the local flow field. It moves across the passage appearing

first at the trailing edge of the pressure surface, while the remainder of the wave moves closer to the

surface. The surface pressure rise appears to move along the blade very quickly. It will be reflected

off the pressure surface back across the passage. Moving at sonic velocity relative to the local flow it
will be convected downstream as it crosses the passage, showing similar propagation behaviour to that

of first pressure wave, labelled "D". The pressure signal from the wave becomes smaller in amplitude

as it propagates across the passage.

The propagation of these pressure waves is similar to the propagation of the unsteady shock

saves, described later, A) of the pressure waves will be reflected across the passage. but thev will

also become weaker, so although the waves are there they may not be detected because the are either

too weak or their effects are swamped by other pressure effects

16 Bar Test Results

The analysis carried out so far has been on the two bar data and it must be shown that the

same effects occur in the lb bar tests for the results to apply to the engine case. A programme was

written which would overlay the results recorded in the two bar tests with the relevant phase shift.

which, assuming superposition of the pressure signals, would predict the lb bar pressure results from

the two bar data The results of this are shown in Fig.b and are comparable with the II( bar results in

Fig. 4.

The agreement between the two signals is very good in terms of amplitude, but the highei

harmonics are not repeated with the same level of accuracy. The same phenomena can be identified, eg

the sharp spike seen in the suction surface data. but the relative phase of these effects is different. It

is thought that this is because of the variation in bar speed between different runs. The time base -,

stretched so that the relative phase of the bar passing is correct. but in doing this the sonic velocit7

is changed. so although the phasing of the major changes is correct, the propagation of the sonc

waves is incorrect.

UNSTEADY SHOLK WAVE PASSING E FCTS
Analysis of the NGV trailing edge shock wave propagation through the rotor passage was based

on a series of schlieren photographs (Mtr..A 
= 

1.10, and blade surface pressure me.,surenents 'Afl-

1.13) The data is presented first, followed by an analysis of the shock ware beha, nr

Review of Schlieren Dta

Typical examples of the schlieren results are shown in Figs 7. 8 and 4 The if- bar test data

shows the typical overlaying of effects from adjacent bar passing events In the 2 bar test case the

effects from individual bar passing events are almost completely isolated. There are. however, some

very weak residual shock waves visible in the lower passage preceding the arrival of the bow shock.

Propseation of a Siniie Shock Wave Throuh a Rotor Psssae
An understanding of the shock wave propagation was derived from the results of more than 150

schlieren images. A shock wave propagating in a flow field will move at a velocity slightl above the

local sonic speed relative to the local flow Hence, if a plane shock was moving in a uniform flow



field then its shape would remain constant. In a rotor passage, however, the flow field is non uniform
so any waves which are moving through the passage will become distorted.

As a shock wave, "a" in Fig. 10, passes the leading edge of a rotor blade it appears to refract
around that point forming a tightly curved shock wave "b" which can be seen in Fig. 8I. This is due to
the high pressure gas from behind the Incident shock wave forming a Mach wave as it expands into
the low pressure region in the passage which has not seen the Incoming wave. The formation and
propagation of this Mach wave is almost completely independent of the strength or angle of the
incident wave. The shock wave propagation seen in the passage is dominated by these Mach waves, so
the results of the shock wave tracking for the bow and recompression shock waves produced b) the
bar are very similar. The analysis presented here is for a single wave and applies to both bow and
recompression waves.

The intersection between the Mach wave and the pressure surface, is initiall normal to the
blade, producing no reflection. As it moves along the pressure surface towards the trailing edge the
wave becomes distorted due to the non uniform passage velocity field with the fluid further awa from

the wall moving faster than the fluid close to the wall. The wave becomes oblique to the local flow
and forms a weak reflected wave at the pressure surface "c" in Fig. 10.2. It is clear in the schlieren
photographs (Fig. 9) that this interaction is not a simple reflection as a third wave is formed further
behind the reflection.

The original shock wave, moves across the passage to intersect with the suction surface of the
lower blade at its crown. The centre of the wave, -d", is reflected off the blade, leaving the end
segment. "e", to propagate down to the end of the passage. The intersection of the original incident
wave with the blade. "f'. continues to move from the crown towards the leading edge of the lower
blade, as seen in Fig. 10. As the shock wave moves past the stagnation point and into the next
passage, the intersection with the blade surface ceases to form a reflection, leaving only the Mach
wave to hit the pressure surface with no reflection. A bifurcation is formed between the original
incoming wave and the wave which had been reflected off the suction surface, this is labelled "g- in
Fig. 10.1, where it is seen with the incident wave first entering the passage, and can also be seen in

Fig. 8 associated with the recompression shock wave.

As the reflected wave. -d", formed off the suction surface moves across the passage it appears
to become weaker and distorted, appearing to rotate. Again this is due to the non uniform passage
flow field. It initially hits the pressure surface of the upper blade, near to its trailing edge. as labelled
"h" in Fig. 10.3. It then propagates across the passage towards the upper surface and out from the
leading edge plane, as seen in Fig. 8. As it moves forward there is evidence of a bifurcation in the
wave, as labelled "k" in Fig. 10.3. This is the result of the bifurcation, "g-, formed around the leading

edge of the blade having been reflected off the suction surface of the blade with the incident wave
The intersection of the reflected wave with the pressure surface. -h-, ioves forward from the trailing
edge as the wave propagates across the passage causing a re-reflected wave to form. as labelled "" i

Fig. 10.4.

This re-reflected wave starts to re-traverse the passage. Its intersection with the pressure
surface moves much faster towards the leading edge, in absolute terms, through the low velocit) floe
tz,.; the wave itself towards the suction surface. As the intersection propagates around the leading
edge of the blade a tightly curved wave forms around the stagnation point, labelled m" in Fig. 10S
and shown In Fig, 8, the end of the wave will start to propagate along the suction surface of the next
passage, although by this time the wave will be very weak and hard to identify.

The main re-reflected wave. 1", moves across the passage, almost parallel to the pressure
surface, as shown in Fig. 10.5. It hits the suction surface of the lower blade close to the passage
shock wave. 'p". As the remainder of the wave comes closer to the suction surface the intersection
move& forward towards the crown, forming another reflected wave, as labelled "n" in Fig. l0.(,. As the
Intersection approaches the crown the shock wave appears to become stronger. The re-reflected wave

moves forward through the passage and out through the leading edge plane, while the next wave
propagates back across the passage to Intersect with the pressure surface near to the trailing edge
once more.

At this point in the shock wave cycle the data available from the schlieren photographs
becomes impossible to interpret accurately. This is because the waves have become weaker as thev
repeatedly crossed the passage. It is clear, however, that the waves continue to be reflected across the
passage for a relatively long time after the bar passing event. in the 2 bar tests there is evidence of
the shock waves still In the rotor passages when the bow shock wave from the next bar arrives, as
shown In Fig. 7(b).
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The shock wave propagation within an engine rotor passage will be similar to that seen in
these tests. In a full stage, however, when the shock waves propagate out of the leading edge plane of
the rotor they will be reflected back into the passage by the suction surface of the upstream NGV
[16). In the cascade tests the weak shock waves propagate out of the leading edge of the cascade and
continue upstream into the low velocity flow,

Interaction between Different Shock Waves and the Wake
There are many examples of the shock waves passing through each other. Typically, when the

reflected bow shock wave is propagating towards the pressure surface, it crosses over the
recompression shock wave, which is being refracted around the leading edge of the upper blade. In all
of the cases studied the waves cross with no indication of any interaction. This suggests that they are
all weak shock waves. The interaction between the waves and wakes appears to have little effect on
either, other than to reduce the definition of the waves in the schlieren images.

Time Resolved Surface Pressure Measurements for .13
The surface pressure measurements presented in this section has been either ensemble averaged

or filtered using a Hanning filter. Typical 16 bar data are shown in Fig. 12. All show the characteristic

overlaying of phenomena. The net effect is a periodic waveform characterised by a number of ve')
steep positive and negative spikes. These spikes are associated with the passing of unsteady shock
waves. In the two bar configuration tests, as shown in Fig. 13 the strongest bar associated effects have
been isolated although there is again some evidence of residual pressure fluctuations in the passage
when the bow shock wave from the next bar arrives. The amplitude of the pressure fluctuations is
more than twice that measured in the comparable tests with no rotating bars.

It has been shown [16) that the wake produced by the bar with an Mbrel of 1.13 is much
smaller in terms of width and velocity deficit ratio than the wake produced by the bar with an Mbre,
of 0.75. The maximum velocity deficit ratio for the subsonic tests was approximately 0.3 compared with
0.1 for the supersonic test rase. The maximum "negative jet" velocity in the wake for the subsonic test
will be M = 0.215, while that for the high speed case will be M = 0.:3, There will. tierefore, be a
surface pressure fluctuation on the blade associated with the wake passing, though it will be
approximately 1/4 of the amplitude of the perturbations detected in the subsonic bar tests. The
pressure wave reflected off the suction surface when the "negative jet" impinges there will also exist.
as will the reduction in pressure caused by the Interaction between the "negative jet" and tle
accelerating flow in the leading edge plane. The pressure rise detected in the rotor passage belore the
arrival of the wake will exist in these tests but in the form of a detached bow shock wave and will
therefore be larger and steeper than the pressure change seen in the subsonic tests. The measured
pressure fluctuations associated with the shock waves are almost an order of magnitude larger than
those expected from the wake. It is unlikely, therefore, that the pressure fluctuations associated With
the wake will be identifiable.

The position and shape of the recompression shock wave will be independent of At,,-. and so
it will remain parallel to the bar. The maximum synchronisation error associated with the spanwise
variation in transducer position will be approximately 10 es for the recompression shock nabe The
position and strength of the bow shock wave is strongly dependent upon the local MA,,_ of the bar.
the errors associated with the calculation of the detached bow nave position make it impossible to
predict the position of the bow wave with any confidence, although the trend is for it to move (loser
to the stagnation point as the flow speed increases. The strength of the bow wave will, therefore, vat%
over the spanwise range of the surface instrumentation. The most accurate indication of the bow ease
strength over the range of Mbe considered is the static pressure rise across a normal shock viae
with that value of upstream Mach number. The range of Mbret forming the waves seen by the surface
iustrumentation is 1.08 - 1.18 1 P/po = 1.194 - 1.45., This is a significant range in shock wave strengths
and must be considered when analysing the shock wave passing effects on the time resolved pressure
signals.

The two large pressure pulses labelled -A' and "B" on the two bar pressure traces, Figs 13.
are the result of the impingement of the bow and recompression shock vsies on the blade surface
The effects of the s)nchronisation errors caused by the spanwise transducer positions is i lear in this
data. comparing Figs. 13(c) and (dl at MPs P3 and P4 (Is/cax - ()21 and 0 3'N respectiveli on the
pressure surface. The latter data is recorded at a point at a radius of 161 nm [ron, the centre of the
disk, while the former comes from a point at a radius of 110 ini In the data the pressure pulse from
MP P4 Ix/cax = 0,39) is larger in terms of amplitude and closer in terms of time to the pulse
associated with the recompression shock wave. The duration of the pulses associated with both waves

increases as the waves propagate along the pressure surface.This is due to the splitting of the wave
seen in the schlieren results, Both waves become weaker as they propagate through the passage as
they are divergent.
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On the early part of both surfaces there is a large drop in pressure "C" between the two

waves IFigs. 13. This is caused by the expansion fan which exists around the bar. The effect is

reduced as the expansion propagates through the passage.

The two waves reflect off the suction surface and re-traverse the passage. impinging onto and

being reflected off the blade near to the trailing edge of the pressure surface first, then propagating

forward. The pressure pulses associated with this are labelled "D- and "E", Fig. 13. In the data for MP

P4 (x/cax = 0.39) the pulse caused by the recompression shock wave "B" and that caused by the

ref'ected bow wave "" lie exactly on top of each other causing a single large pulse.

When the waves impinge on the pressure surface they form a re-reflected wave which is

propagated back across the passage to the suction surface. The pulses associated with this

impingement are labelled -F' and "G"in Fig. 13. The relative timing of the two waves is such that as

the re-reflected recompression wave is impinging upon the suction surface, the bow shock wave which

has made one more crossing of the passage and almost merges with it. Also shown in Fig. 13 is a

pressure pulse "H". This is due to shock reflections from the endwalls of the tunnel, because of an

initial spanwise velocity of the shock waves leaving the rotating bar.

The propagation of the shock waves becomes difficult to analyse later than this point due to

the overlaying of the bow and recompression shock wave reflections, together with those reflected off

the end wall. It is clear that the waves continue to be reflected across the passage causing surface

pressure fluctuations until the arrival of the bow shock wave associated with the next bar.

1i Bar Test Results

The two-bar surface pressure data was again reprocessed to simulate the l6 bar traces. The

results of this are shown in Fig. 14 which can be compared with Fig. 12.The agreement between the
two sets of data is fairly good, although the amplitude of the high peaks and deep troughs are greater

in the superposed 2 bar data. This suggests that there is a weak intpraction between the strong shock

waves and the expansion fan.

TIME AVERAGED RESLTSi
The mean effect of the NOV simulation on the surface pressure can be seen in Fig. I. Data are

presented with no bars. and with 16 bars for two bar relative Mach numbers of 0.75 and 1.13. The total

pressure was measured with a Pitot tube mounted downstream of the rotating bars. as this is the total

pressure seen by the blades. The static pressure ratio measured on the pressure surface of the blade is

independent of the rotating bars at an Mvret = 0.75, but shows a slighht reduction at Albel 11= 3.

However. the effect on the suction surface is much greater. The static pressure ratio rises, indicating

an unloading of the blade. This is due to the "negative jet" effect of the wake contacting the suction

surface of the blade. It is very prominent up to an axial chord of Of, the region of the throat After

this the two lines diverge slightly, showing slight unloading of the blade. The unloading is greater for

Mbret
= 

1.13 than Mbre,=0.
7

S, because of the greater bar velocity and hence greater transverse wake

momentum transfered to the blade.

CONCLUSIONS

Analysis of the isolated wake results at Mbret = 0.75 has demonstrated the existence of a
various phenomena such as the "negative jet" associated with wake passing. A number of pressure

waves which have been shown to propagate across the passage. The first, caused by a pressure wave

moving in front of the bar, will exist in the 16 bar tests but not in a full turbine stage. The second is

caused by the impingement of the "negative jet", which causes a pressure rise on the suction surface

and hence a wave which propagates through the passage. An expansion wave causes a pressure drop on

the suction surface before the arrival of the wake. It is the result of an interaction between the wake

and the accelerating fluid crossing the leading edge plane of the cascade and is likely to influence the

turbine loss characteristics.

Analysis of the data recorded in the two bar configuration tests has highlighted the behaviour

of many previously known phenomena and has also demonstrated the existance of new phenomena It

has also been shown that these effects occur in the 16 bar tests and man) will occur in a full turbine

stage

The time averaged surface pressure measurements have shown that the NGV simulation has

little effect on the pressure surface total to static pressure ratio. On the suction surface, the effect is

to increase the surface pressure and reduce the lift on the blade. The effect of the shock waves on

the mean surface pressure measurements is to unload the blade.

Propagation of the simulated NGV trailing edge shock waves has been followed in detail from

schlieren flow visualisation and pressure measurements, and it has been shown that the complex series

of reflections within the blade passage can be related to unsteady blade surface pressure fluctuations.

The detail of the shock wave propagation model presented forms a test case for comparison with the
results of ('FD codes used to model unsteady rotor passage effects.
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N.A.Ahmed - Cranfield Institute of Technology, U.K.
How repeteable were the results, say e.g. those presented in figure 13' Car, the authors giv2

some estimates or a few figures to illustrate them.

Aut hor' s response:
The results are very repeteable. The curve in figure 13(f; has been low pass filtered with a

30 l(Hz bandwith and ensemble averaged in order to remove random pressure fluctuations and highlight the
features assoc iated with the periodic band passing. Two wide bardw,,dth 0100 KHzI raw data are sr.,.wn in
the figure below. In spite of the added random pressure fluctuation and instrumentation noise, the major
features due to shock wave passing highlighted in figure 13(f) are easily identified and repeat both
cycle- to- cycl? and run-to-run. Similar good repeatability has been seen with 16 bars.

TIME (SEC)

5-

(z

TIME (SEC)

lkaw data traces from runs 6240 and 6241 for 2-bars.

Mbrel 1.13. Suction surface model point 16. iA pressure scale offset has not

been remosedl.
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igure 1. Two-dimensional compressor cascade
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where s.__, and (- are the complex amplitudes of incident eutropic and vortical fluctuations, x is a position vector and t is
time. We use the symbol #..__ to denote the wave number of an incident disturbance. Also, the temporal frequency and wave
nunmber of an incident entropic or vortical disturbance are related by w t -#c__~ .V_,0  where V__ is the uniform relative inlet
velocit.

3. UNSTEADY PERTURBATIONS ABOUT A POTENTIAL MEAN FLOW

While the actual flow through a blade row is extremely complex, i.e., viscous, heat conducting, and three-dimensional, the
physics of the gust response problem in axial flow machines is dominated by inviscid effects -at least for attached flows. Hlence.
we assume that the fluid niotion is governed by differential fortns of the mass, momentum and energy conservation laws for an
iiiviscid perfect gas (i.e., the Euler equations). For small1 amplitude, excitations, the time-dependent flow can be reguarded as a
small perturbation about an underlying nonlinear mean or steady background flow. Thus, for example, we can set

I(x.fI) =V(x) + '(x' t) + CVf) 13)

where V is the ltical steady velocity, and i' is the local unsteady perturbation velocity.

We assume that the mn flow far upstream of the blade row is at most a siiall i reotational pert urbat ion froii a subsonic
uioriimu flow. In addition, sne shocks that might otccur are assurtied to be of weak to moderate strength and have small curvature.
'Ilitis. changes in the entropy and sorticity of a fluid particle as it passes through shocks can he regarded as negligilble. Hlence.

the' f'ackgroiinil floiw will be isent ropic atril i trotatnal: ice.. V = Vil. where (I is the velocity pot1ential. The field equaionis

iat governi the underlying stiady flow follow from the mass and niorntum conservartiot laws and lie :sent ripic rel ationis for
a pef( gas and iart- gistes Iy

V. ltVil) =0 (4)I

12 s-

where .. A.p and 
1

l are the local NMacli rnumrber. speed of som id propagation. density arid iessir-. respectively arid 2 is t he
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Figure 2: Extended blade-passge soino dmain computational grid.

3.1 Entropy and Rotational Velocity Fluctuation

As demonstrated by Goldstein 1161, closed form soluin frtenroyad rotational velocity flucvtuations throughout ant
extended blade-passage region can be determined in termsothdrf (A) stream ('T) functions of the steady background

flow. The former measures the time required for a flui patcet rvrete distance between points on a streamline. For
the present application we define the drift and stream fntosasfolw

AIX) =AO J 4 ~

and

tt(x) =t P J+ pe V) . 10

In equations 19) and (10). x- is the position vector to(i on fitretion - f The reference ('Is I tagnationt
streamline and the axial line 4 e, is a unit vector ponigotfottepge- e, e _ xX /'. , - unit -,i!,or irtituil
to the upst reamt free-stream velocity. dr* is a different ia elmn faclnt long a st reanttlit and dr i, a dtl-rt,tla -1(,rs
tangent to the patlh of integration in (10)j. 1lie value ofAa ie on sdt~ttttiied 1), p,sftrmint i i, itvtia i:'

along the streamline that passes thtrough x. whereas ')ist ineedn of u f It( pi s 'Id t 'anI te th 11iT, it titcral In 10

W'e introducve the vecto~r X -V t = ' (A -- tOeT (I-)"e-w relis a utut %55tir potittg i1 the lii,, I mt,f 
1

11"
itpstrearn fre,-st ream velocity, and the ftitntiotis A - Ifn ,aeidpnet itra iStopitrtir ,I tgauaisteitt
of thle stcAd ' ltavkground flow. FurthIermsore, we I- to ecntnIl n A5 , t) t X - . . it - - It thI,">Ii

aii arbit rar ,v scalar or vecto~r futnction - saY mF of (X -tu V_1 str" e l . I pg I,%, l~-st,;,dYItourt, fltAi

that X is a futict it,, of x - V-,t_ fat lpstreaml of Ilit- idI'

ft

'Ibhe foregoinig cottsitlerat ions ttr'riijt its to awritc iiat,-. lit, o !tn t t- tnt nqy rt t~isporit juia tioti it i 1 wii I :, ,t i-ti,-

hIt ttist rva IT) rtrtdtItIiont M as

.i(x.tl= s -, [X V __tlt)X V t -, 1- sr IITrT( 1 -I!

where sl x) = s -, eui t_ , XIi I letitt onittle amittii (fII i~ lin rs, tlit,~, i
I 'he ro~tationmal velocity tltnct tta Itjn can) Also he entire- itIcnsothdrf atnd t wati lfit n-. I i , st,- v;lsI,, litkrirld

flotw and, lt I tis vase, the prescriltttli tpst rt-anu rot tal l ls rbtin. Iot at t ii, titttint"tttal Irot it iti'al I isis

btackgriotndt flow, the getteral soltiot, to the rotat iitnal itot.%ta~pteutin 71t i, gisn 1i.N

v, =V :- X -AIX -V-_)+V4t 13T,

I he particular solution to Eq. 171 th(at satisfies t he faruseacodtn(2 ca, ITTltaintt-i tY oft tipg

AjX - V-0) ,i X -VI)-4,X -V_ ,tV ,~ /2 1tIl

where - tX -il. )is; givent above and

vi/r-tX - Vt) --- V.,) Xt)



After (onimbin mng (12) through ( 15), we find

',mlx, I) = H[V X A_-, + s_,V~/2exp[?K_, (X - V I)}fl x xpmf (16)

where A_= VR.-, - s-,,V-,~/2 and va~x) is thle complex amplitude of thle rotational velocity fltuctuation.

3.2 Modification to the Goldstein Velocity Splitting

At this point we have expressedl the entropy arid rotational velocity fluctuations in terms of time mean flow dirift and streami
funcmtions. Therefore, these fluctuat ions and ft(,e source tro, jY V -(pvm). in the unsteady potential equation (8) can be
evaluated once the drift and streamn functions. and their derivatives, are determined frosm a solution for the underlying steady
flow. However, as pointed out by G;oldstein and later by Atassi and Grzedzinski [18]. if the backgroundi flow has leading-edge
stagnation points, the rotational velocity will be sinigular along blade anil wake surfaces. Such behavior is a result of tile singular
behavior of the dirift functiotn. i.e., A - a, Inn as n -~ 0, where nt is the normnal distatice from thle airfoil or wake surface, ar
mmI, is a conist ant which describes the behavior of thle flow in thle vicinity of t lie stagnat ion point.

Consider ie l prtumrbiatioti velocity
Vp + Vn . (17)

At assi atid Greedz'immski showedl that if onemi' sed t lie velocitY decompmlosition

where 64 is a pressn re-less oir conve ed pot ential, iie., Do*/1)1 = 0, thien tij~ satisfies thle samie transport equiatiomn [E q. (1)] as
vii. Sitmiilacl v. 6' satisfies th same potential eituationi [i.e., Eq. (8)] as 0. -mmriliermOre., if One chomisi' o carefuillN. v", will li-
regular on tflit- blade nil ivaks surfaces. In piarticmlar. if we set

61= Re fl [z uA_ V_~ +- FI') enl)[iK. Ax IX _10 Hu(] ,(l

tin' rot at ionmal vilsicity. vI, is given Imy

lite { [v -I F + (c2 + V1) + -s V4/21 estmq?. , (X V t 2(h

w here c2 = - I'- , K x A~ e, aiimd 1(I is a fuitictioi which lw~'il mpon. alitiimg ('1li0r thig e Iii ch lot iii 01ct
isam How ili tlin' vicimIt min a stagniatmi poinit. Tlis funmctioni is clmmsem III smli a nay\ that the' rotat ina

1 
selamis ati'l

bladem aiim
1 

wake' sumrfaces. Ili mart iciular. we set

(r-) xa A-_) -e,6cosf?_ ficoit-jI

wfhere I is Ti lh) ~.Ihis choice of F eliomiati's thi' sinigular bem'hasvior mif thi rotational vilmeimv. Iniml-1l v'~It mumo ka
an(I wake' surfaces. Ilimwevir, the pirt mmrlat imim pot enitial soumrce teri p'V ) pvu is still sinmguila r at t uese 5mm rfames.

Equiationis (12) amid (20) relate timeconiplex aimplitumies minItme first ordi r imisleamis vemtrols andi rot atinal veilmi\ limit matimmmi
to themir pri'scrilied amiplit udes,. s-., ammi vui.-,. ammi wave nmmemr. K_... at mulet andm tom t( ie iloii . ifrift fmutmi andm steam
fiunctionm mit I, liteadmly biackgroundii flow. Note thmat vit d'leends upIomi A aiid iii and them first pact ial lmri ati se mm 

1 
lsm' fimnct tin

lIihr'forc it, mlii mteamls vorit v. V x v,~ andm thle soiuirce' irimin, p-(V -"i pv, dependmi alsoi uponim flii scondm partial diricativ
cif ft( i' mmdii-fimiw drift an m iiieam fummctionis. 'I lius, am acurate soiluitmio for i lit' nonilinear iemail bmackgromunmd flowe is a critical

mrer'm tm site tim properly mdmterminimng th li' mmsti'aii effects awssorii tedi with inlet m'nt rimiic anmi vinrt ical mexcitatins.

4. NUMERICAL SOLUTION PROCEDURE

'Ibm thleoreti-al foimmdat mmm for thme pre'Cu l'miCeaiMued analysis imas Ieemi mmmiilined'm We w~'aill proceedi tio discumss the pirocsedure's
usedI to determinme thle cmp~le'x arimpliotm i f mit ut miteady emitropyv, -i, rotationtal ve'lomcity. v]j, amnm soumrmi' t erni. p V p~v1 , I
I tie tmnte-iliifi'remiie nmmerical imodfel miSemi tom Solve' flit. licmmiiar-valme piromlem fur thle imimiplex ampm~litumde of ft(e unsteady

pliti al, 6'. iias been ide'scribemi'i mm liou m woirk. Simice ft(m' only changes required for the gust mrmlmlr'n are thomse mmneile tm
ac~iodiiiati' flit, siomrce term im thn ieild equmatiomn (S) aimm roitatiomial selnicitv illects in t lii fat-i'ld bmounmdary conitiotis. we will
[lmt repiat time mescript ion her', limt simpi~ly rifir them reader tim Refs. 111,21.221 fur ft(e inet ails.

4.1 Generation of Streamline Grid

lit hi' previous sectioim it was shown that tile mmntsteady emitropy and rot atiommal velocity cart hei i'strm'ssi'm in te'rms of tile
drift arid st reafi functinus, A andi ili, mfitm steady bahigromini flow. For this r'aaom it is cmiemiemt tIo ist' ami 11 grid in whmichi
mime set of imesh lies are thle streaumifies of time steady buackgromiid flow for thle nimmimiral ivalmiation (if i lie iiutm'amlv flomw
variables. The first step iii time grid generat ion pirocess is to specify time grid pint I cat sums on t he bmmomimiary mit ft( epmyim-al
soilution diomnaim. i.e., ime sinigle entendedi ilade- passiage region of finite entent shmsti in F~ig. 2. Thei bmoiundaries of t mis ri'gioni
are time suction arid piressure surfaces of the blades, the upstreami and downmstramm axial hines 4= 4T amid the mipstrm'ali atid
downstream stagnation streamilinies. 'Thme stagnation streAniliies locatiims are deterined from time solution fur fte nonlinear
steady background flow.



10-6

The locations of the stagnation streamlines are found by particle tracing, i.e., by integrating the equation
dx
T-7 

= 
v (22)

using a variable-step, fifth-order, Runge-Kutta algorithm [23], from the leading and trailing edges of a blade to the far upstream
( = .) and far diwnstream ( = +) boundaries. The location of the leading-edge stagnation point is determined by curve
fitting the blade profile and the steady potential distribution along the blade using cubic splines. The stagnation point is defined
as the point on this curve at which the steady potential has a minimum value, and is found by bisection. After integrating
Eq. (22) from the leading-edge stagnation and the trailing-edge points to the far-field boundaries, the calculated points on the
St 5'!T' '~ strel,.!i,q -- ve fit isine cn'ic splines.

Once the boundaries of the H-grid have been determined, the locations of tne interior points arc fuu;o2 u n" elliptic -id
generation technique similar to that developed by Thompson et al, [24]. An elliptic grid generator offers the advantages that
relatively smooth grids can be determined and grids for complicated flow geometries, such as those associated with cascades
of thick, highly cambered blades, are easy to generate. Following Thompson et al., the grid lines are described by the partial
differential equations

and = P (23)
and

V - Q. (24)
The "axial" and "streamwise" grid lines correspond to lines of constant E and 1-, respectively. The functions P and Q can be
used to control the spacing and orthogonality of the grid lines. In this investigation, however, we have chosen the function Q
so that R is the stream function t of the irrotational steady background flow, i.e., Q = V x Vp.

Rather than solve Eqs. (23) and (24) for E and 1P as functions of and t5, we invert these equations to determine ( and r
as functions of E and T. It can be shown that

814 k2 O(25)
E2- ____ = (P+Q

a=-' aqis
and

a 0 y D IP + Q-L, (26)

where D is the determinant of the Jacobian of the independent variable transformation, (, F,) T), (,i), i.e.,

D = 0 N 0r (27)

and the coefficients a, 0, and 7 are given by

= _) I +  ( _- 2 ' = L - +  M Y* k~) ~ i = + L' 2! ( 28)

The nonlinear partial differential equations (25) and (26) are solved numerically over a rectangular region in E, us-space
subject to Dirichlet conditions on C and r at the boundary. The values of C and r along the boundary of the rectangular domain
are defined by their values at the prescribed points along the boundary of the extended blade-passage domain. Because the E,
*l-grid is rectangular, difference approximations are easy to construct. In the present investigation, nonconstant transformed
grid spacings are used to control the spacings in the physical plane. For example, by choosing appropriate values of A-2, and
A*,, the streamwise and axial grid lines can be packed near blade and wake surfaces and near the leading and trailing edges
of the blades, respectively.

The difference equations for C and q are solved using a successive line over-relaxation procedure in which the coefficients
a, 0 and -y, and the terms on the right-hand-sides of Eqs. (25) and (26) are lagged, i.e., they are computed just prior to each
line over-relaxation. Also, because the function Q is fairly expensive to compute, and because it is fairly insensitive to small
changes in f and q, this function is updated only every tenth iteration.

A typical grid generated for a compressor cascade operating at an inlet Mach number of 0.3 and an inlet flow angle of 40.0
deg is shown in Fig. 2. The blades are thick and highly cambered, and the cascade has a gap-to-chord ratio, G, of 0.6 and a
stagger angle 8 of 15 deg. The steady flow, which is determined using the analysis of Ref. (19J is used to generate the stagnation
streamlines and to determine the function Q in Eqs. (25) and (26). For the grid shown in Fig. 2, the function P has been sct
equal to 0. Note the clustering of streamlines near the blade and wake surfaces and axial lines in the vicinity of the blade leading
and trailing edges, which is achieved by employing nonconstant rectangular grid spacings, AUE, and At,, in the transformed
plane.

4.2 Drift Function

Because a streamline mesh is used, the drift function can be evaluated by straightforward nunmerical integration of Eq. (9).
The procedure is simply to specify the drift function along the far upstream boundary f f.._. and then to evaluate this function
along each streamline using the second-order difference approximation

+ -71 ., (29
A5 , A.,, + O.5(IV,+ 1,I + IVIl

Since the reciprocal of the steady flow speed, V-', appears in the denominator of the integrnd in Eq. (9), the drift function
will be singular at flow stagnation points. Hence, for a blade having a blunt leading edge this tunction will be singular along
the entire surface of each blade and its wake.



F-igurre :I: Drift and stream contours for two-dimensional steady cascade flow.

T'he cailculated drift and st reamn function contours for t ilt- the( comnpressor cascade, of Fig. 2 are shown Ii Fig. 31 Nostet~
the sinft function contours are orthogonal to the st reamlines far upJstreairn of the blade row. Tb F is ::(,o requi remrent. lout ii
does siniplif * certain parts of the formulosat ion. Note also the( singular b~ehavior indicated lby the drift funo-ction ioontotirs n-ar I),
bolade- arid wake suirfitces

I[lie derivat ives cif tie dirift andt st reaos furict ions at a gi ien grid point art deterTtio-d using the finite dIiff--rs--.ce soptrast-ro
developed IvII Caspar and Veron [21]. B~ecause thle Alrift function is singular along bsladle arid wvake-soirfaces . mv- -ided- hIfn-ro-n--
ariprosIrtatisris are, usedl to evaluate its desrivativSe, at the node-s C)t tit. first sirs;iilins- ;rwav fromo I ieso-s lirfa.-.Ilit
oloricatives, of the- drift function at bsladle atid wakec surfaces art singullar. b~ut are, not seopsi rof lo salats- N oit and s1" -p vi'
sor th, lis urfac-es or itt tIts, field.

As nioted preciously, a nrsrrc-ricalI resolsition soft te I inn-ar. k ariale-co-fficiens I tist easIv. I ioirisar - -aii lsrdk-eioo ht ~s~
the velocitN potent ial is reqorireo - ove-r a sirngle extended Moasde- passage regiorn of finsite- ext enit. dFsc held of eo at IosoiI F(I (,$i. 111i1o

he solved itt cuntinioroors regionrs oft fie floss sutbject iso foolift a rv or jssrroo rrdit sonts wlrioloI are impiose-d atIIIj too-i -aiI oo-o
sof th lr-llasln-. wake atrid shock surfaces. -Also, rtse unsteanlc rioar- fiedlnrrrical solsirioti triit fhe rirarot-hti I.s ,r- field aria lot i(
sssohiti otcs 1ss 251) at finite axial slistarsoss (4 = I, oisisreiars siod downstreamt l~ t- e i oX a. 'IIto- riiloo--ro-IIol looce-lros
f,,r ofotsrrririiing 0' are df-rios-o ins Refs. 1l 1,21.221.

5. NUMERICAL RESULTS

I I sivd at-rssss-rani rs-spsotss lsrs-siorioots are giveti bel-ow It)s slstsio0Tistnato iwots tusrit foot or- of tiIor- sz io-oio
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rrorrra I tn thre itIet free-stream flotw sdirection at the point Ix, y = (0,0). Nrste thrat v, is thre arrpjlitudelo at thre tradling edge
sof the refe-rence brladle that wourld exist if the incidenrt guost was cornvectedI thrrourgh the bslade rrrw, withIouit distortionr bN t Ito
orsifrorrtr int florw.
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Figure 4: Effect of Mach number on the unsteady pressure- Figure 5: Unsteady lift versus interblade phase angle for a flat-
difference response of a flat-plate cascade with 11 = e = 45 plate cascade with M = 0.3, 11 = e = 45 deg and G 1: (a)
deg and G = 1 subjected to an incident vortical gust with unsteady lift due to incident vortical gusts with vg (1,0)
vs = (1,0), w = 5 and a = -2x: (a) in-phase component and w = 5; (b) ursteady lift due to blade bending vibrations
(real part) of Ap, (b) out-of-phase component (imaginary with h, = (1,0) and a = 5; - - - Smith analysis [41,
part); - - - Smith analysis [41, - present analysis, present analysis.

5.1 Flat-Plate Cascade

The example flat-plate cascade has a stagger angle, 0, of 45 deg and a blade spacing, G, of 1.0 and operates at three different
inlet Mach numbers, i.e., M__ = 0.3, 0.5 and 0.7. In each case the inlet flow angle, fQ,,, is 45 deg and vortical excitations
with v. = (1,0) and w = 5 are imposed far upstream of the blade row. Predicted unsteady pressure-difference distributions
acting on the reference (m = 0) blade for the standard vortical excitation at a = -2r are shown in Fig. 4, where the solid and
dashed curves represent the results of the present and of Smith's analysis, respectively. Recall that in the present analysis the
unsteady potential equation contains the source term pi'V • (AvR) and V ' -n = 0 on blade and wake surfaces, whereas in
the classical linearization the potential equation is homogeneous, and the normal component of the irrotational velocity must
cancel the normal component of the gust velocity at blade surfaces. The results in Fig. 4 show that the two analyses yield
pressure-difference predictions that are in very good agreement for M__ = 0.3 and AM-_ = 0.5, but the agreement is not quite
so satisfactory for M__ = 0.7. We suspect that the differences at M-.o = 0.7 occur because the computational grid used in
the present numerical calculation was not dense enough to resolve the high wave number acoustic response phenomena that are
associated with high subsonic Mach numbers and high excitation frequencies. Therefore, such differences should disappear if a
mesh of sufficient density is employed in the numerical calculation.

The unsteady lift responses at the reference blade of the flat-plate cascade operating at M-.. = 0.5 to prescribed vortical
excitations with v. = (1,0) and w = 5 and to prescribed blade translations, h~exp(iw1), normal to the blade chord with
hv = (1,0) and w = 5 are plotted versus interblade phase angle in Fig. 5. The excitations occur over interblade phase range
extending from -540 deg (-3r) to -180 deg (-ir). Abrupt changes in the lift response curves occur at a = -473.8 deg
(-2.627r) and -471.1 deg (-2.637r). The excitations at these interblade phase angles produce resonant acoistic response
disturbances in the far field. The lift responses to the vortical excitations predicted by the numerical and send-analytic solution
procedures are in good agreement; however, this agreement is not nearly as good as that between the lift responses to the blade
translational excitations, suggesting that the present numerical analysis still requires some improvements so that the source
term, -'V • (pv'q), can be evaluated more accurately.
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Figure 6: Effect of blade thickness on the unsteady pressure- difference response of NACA OOXX cascades with M1 0.3. fl0 = 45
deg, E) = 45 deg and C = 1 subjected to an incident vortical gust with vg = (1, 0), w = 5, and a = -2r: (a) and (b) as in Fig- 4.

5.2 Effects of Blade Thickness

We proceed to evaluate the present analysis by applying it to a family of cascade configurations. Here e) = 45 deg. G I
the blades are unraunlered (Hc = 0), bst the blade thickness varies from 11T = 0 to HT = 0.12. These cascades operate at
an inlet Mach number of 0.3 and an islet flow angle of 45 deg, and are subjected to the standard vortical gust excitation at

v= (1,0), w = 5 anid a = -2r.
This cascade family has been studied to indicate the effects of blade thickness onl the unsteady aerodynamuic response to a

vortical gust excitation. It should be noted that although the blades are uncamberedl and their chord lines are alignied with
the inlet flow direction. i.e., 0 =3.Q_ there is a small mean or steady lift force acting onl thc blades for 11T # 0. This lorce

increases in magnitude, from 0 for 'IT = 0 to 0.0152 for fiT = 0.2, with increasing blade thickness. The exit Macb numbers

(AM,) vary front 0.3 for HTr 0 to 0.314 for HT = 0.12, and the exit flow angles (Q_) from 45' to 47.22'. The unsteady
pressute-difference distributions along the reference blades of the cascades with HT = 0. 0.04. 0.08 and( 0I.12 are shown in Fig. 6

Trhese results indicate that blade thickness has only' a limitef impact onl the aerodlynamic response to a vortical excitatilon

Indeed, thle pressure-dlifference response for thte cascade of 2Vi thick blasdes (not shown) closely resetmbles that for thle flat plate
(111- = 0) cascade. This result provides an imiportatnt check onl the present analysis. inidicatiiig that t lie miathiematical diflicult ic.
associated with ienca flow stagnation at blade leading edlges have been succs'ssfiillN overcomte.

5.3 Exit Guide Vane

We t urn now to a more realistic configuration, i.e., we consider the compressor exit guide cane I FIX) which consists of
thick, 11T = 0.12, highly camb~ered, /I(. = 0l.13, Modified NA('A four digit airfoils. l'iEGV has a st agger angle of 1-5 deg,
a bilade. spariing of 0.6 and operates at a prescribeid inlet Macli tnumber and snlit flow angle of OA: aiti .10 deg. restiectij cl%
'Ilie calculated exit Macli nunmber. exit flow angle and mieaii lift force. V ., acting onl each bilaide are tt.226,. -7A4 ieg ant 0:16i.
respect i-nlv. Steady Mach numbler contohurs atid Miachi nuinJer ilist rilint ioits along thle blade surfaci fir tie ciixlfigiirat iou are
depicted in Fig. 7.

We5 will exaire thle insteadly pressure response of this camsade toi incidlent vortical excit at iiits aiti ciimpare it to thlit

for a corresponding flat-plate cascade with 0 = flw = 40 deg. G( 0.6 aiid hil_ = 0.3. Note that since the btlade tieart
positions are aligiied with thle inlet flow. the local steadly Maclh number. ill, aiid flow aiigle, 11, are constant for the( fiat-plau
configuirat ioni. C outours of the real tart of the comuplex ammiplitutde of thei unisteatylv crticit ' artid pre'ssiire for luiltead s flows

thtrotughi the EGV atii the corresponding flat plate cascade are shown in Figures. 8 an
1 

9,. respectivei l %. ifere. thle ulust adv
Vlows are excited b 'y tilei stanidard sortical gust. The prescribied glint is severely ilvistorted as it is connected by tile nolon ifori
iiean flow t hrougfi thie fGV bilatde row. In contrast, this name gust is cotivected wit hout distortion by thle iiiifiiritimean flons
hriiigh thle flat plate bulade riiw. A lsii, since the norticity is convected at i i ecnt Illeati VVACio 'e alioig tfie Uppler Poiid owes

surfaces of thle EG V lblades, it is discontinuous across thuei r wakes. Finally* , thle routours depicted ill Fig. 9 iniidcate thalit the
usteady pressure bsehaviors assouciatedh with the F( V andI flat .plate cascades are simnilar far ipst ream, but iffer siuist aiit iall.%
in thle vicitnity (i f the bladle surfaces atii diwnust rearn of the fbladfe row.

Thfe pressure-differeuce responses along the reference blatde oif the El V atit flat. pilate. cascailes to tile standard vortical

excitat ion at v, = (1,0). w = .5 aiid a = -2?r are shown in Fig- 10. The unsteady lift forces acting onl thle reference blades of

tfi twii cascatdes art- plotlti versus iriterfulade phfase angle fist vortical excitations at v, (1.01. u.= 5 and -3r < a < -r

in Fig. 11. Tlue excitations at a = -404.2 (leg arid -293.9 ifeg produce resonant acoustic respnse dintutrbarces far up~streamt

arid f-. down.3tream of the flatislati cascade arid far upst reamn of the RGV; t hose at us= -414.3 dleg aiid -308.8 deg prodfuce
such response dhistiurbiances far downstream of th fin.EGV. Thne result s iii Figures 10 antd 11 inudicate, it) sorte extent . the relatine

inmportarice of nomnunifoirmni iresi flow phieniomiena inn the loical arm] gliobal unsteady aerody narnic respose at a bsladfe surface for
cascadles sitfjecteif to incident vortical excitationis. It shouild lie not ed t a the tunsteady lift act% iii the dlirection of the poisitivne
y-axis (see Fig. 1), arid this in inclined at different angles relative to the axial floiw direction for rthe ECV 18 = 15 dfeg) andi
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Figui, 7: Mach number contours and blade surface Mach number distributions for a steady flow wi,' \I- 0.3 and t~ Ideg through the EGV cascade (E) 1. deg. C h(;, Ill 0,12 and 'I,.
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F igure : Contours of the ren patfte unsteady ressure y for the EGV and the corresponding flat-plate a ( 0u.3cte to a 0icdn
dotiagus wit v6C cac Ie sujete to an inietvria utwihv L) 5ai
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Figure 10: Unsteady pressure-difference response for the EGV Figure 11: Unsteady lift versus interbiade phase angle for
and corresponding flat-plate cascades subjected to an incident the EGV and corresponding flat-plate cascade subjected to
vortical gust with v. = (1,0), w = 5 and a = -2rn (a) incident vortical gusts with ,n = 1.0) and =5 (a), (b).
in-phase component (real part); (b) out-of-phase component - - - and - as in Fig. 10
(imaginary part); - - -flat-plate cascade. - EGV cascade.

flat- plate (0 = 40 degl cascades. Also, the flat- plate Illor-ileec dt iuto I ig. III TVr In MiY good ago'-hia-ut
with the correspioniing results of SmnithI's anal 'vis. Finall. " v th flat-plot e lift d istribuionis in Fig. 11 arc it good agr-i-mrnt withI
SynlIih's re-sults, except for interblade phas- angles fitng in the rartgf- -541deg < a < - i III.2deg, -,r wli-rr- on i -of nlno.- lift
responses, i.e.. lu if, predicteid by theii two analyses are simtilar quialit at ively liut shun siaI quart itat i- iffrrinces,

6. CONCLUDING REMARKS

A method for predicting the linearizedl unsteady aeroiyiiatiiic resporise of a cascade of airfoils to external aeronliiaiti
ixcitations has been presented. The iitsteaidy flow is regardedl as a snall perittrbation itfa uutrniiiorii i-nt ruiid irrotatioinal
steady background flow. (4ildsteiti s spliitting, 116.171. along withi a reci-nt miiidificatioti initrodiucud luY Atassi atid I ;rze-ntskt
(18] are uisehd to decomipiise thne linearized utiste-aily velocity intoi irrotational anil rot ational parts leadinig to equalw'ns fir ith,
litnearizeid unsteady entropy, rotationial velocity, anid veloucit y piitetal which are ciuipled iitly sequeti'ttally. The i-ut rotic aiit
irotoinal velocity fluictiiatiotis are idescribled in tertins of thle mi-au- flow drift atid st ream funtiotis. an Ii, h ot01enial fliict tatiout
us governedl by an inhomogeneous conuvected ware esluat ion in which thle source I eriri depends ottn ill, ritatiottal Neluucity field.-
In this paper lie analytical atid tnumerical techntiques used tii iditermine (t(, liniearized ii tsteraifY flow hacv' luen outlI i-el anul
denuotist rated through a series of numnerical examples.

The ri-stilts oubtaineid usinsg the pr-senut atnalysis were found to bei in very good agreeetnt withI the results if Srti t hs 4
analysis fiar flat-plate cascades operating at low (At = 0.3) and mioderate (Af = 0.5) Macft tnulsuers. but the agreen'ntt for
flat- platen operating at high subsotnic Mach nitutiber I Af = 0.7) was riot satisfactory. It applears thfat thle gridl tsie in tIh-
nunierical calculation was tiot adequate for resiolvinig the h ighi wave titimiber ao-oustic response plinita t hat is associated
with hiIigh steady flow Mach nuimibers arid high excitatiott frequencies. Ihesults for the cascades iif s vintrnc N At 'A GOX N
airfoils show reasoinable treinds with varying bilade thickness, arid indicate that liladi- thickness hias only a litmitedl itmilact oi the

response of a cascade to itucidenit vmrtical gusts. The IMade thickness studyl also intid rs Ithat hi- pire-sent analysis os-rrccrtirs
t he niathietnatical difficulties associated with unsteady vortical prt urlat ions of pitti-itial rntan flows containitng leading edge
stagnation points.
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SUMMARY

preliminary assessment is made of two NASA-developed unsteady turbine stage computer
codes. The methodology and previous partial validation of the codes are briefly outlired.
Application of these codes to a Space Shuttle main engine turbine for two sets of operating
conditions is then described. Steady and unsteady, two and three-dimensional results are
presented, compared, and discussed. These results include time-mean and instantaneous
airfoil pressure distributions and pressure fluctuations, streamlines on the airfoil
surfaces and endwalls, and relative total pressure contours at different axial locations in
the rotor passage. Although not available E' the time - this writing, experimental data
for one of the operating czt litinns simulateJ is forth 'm'ng and will be used to assess the
accuracy of the unsteady as well as the steady predictions presented here. Issues related
to code usage and resource requirements of the two ,odes are also discussed.

INTRODUCTION

Improvements in the performance and durability of turbomachines is desired of future
engines, especially in the rocket propulsion L-ena where the operating environment can be
hostile. The goal of increased payload capability drives the requirements of low weight
and high comiustion chamber pressure. These, in turn, severely limit the engine size (and
thus turbine diameter and airfoil aspect ratio) and impose high turbine tempe-atures,
pressures, and rotor speeds. Additionally, the rapid start-up and shut-down processe-
subject the turbine to severe transient loads. Consequently, r., -t engine turbii ,s
experience an unsteady environment which is extreme, both during transient and steady-s ate
operation, and the turbine flowfield is highly three-dimensional. T'> unsteadiness and
three-dimensional nature of the flow significantly comoromise the turbine's durability and
performance. Were the turbine designer better able to characterize and analyze these
unsteady and three-dimensional effects, he could better compensate for them in the design
of turbines for future rocket propulsion systems to yield enhanced durability and
performance.

The aim of this paper is to present an inJependent, preliminary assessment of
analytical tools which have become available during the past few years for the analysis of
unsteady, three-dimensional turbine stage flowfields. The tools, which are computational
fluid dynamics codes, are not sufficienitly advanced to accurately analyze many of the
adverse conditions experienced by rocket engine turbomachinery. They do offer promise,
however, in the analysis of nominal operation and associated unsteady (periodic) load.ng,
flow angle variations, and high-cycle fatigue. This information alone i. of intnrest and
benefit to the designer. In addition, unsteady turbine stage codes may become very useful
in enhancing one's understanding of the physics of unsteady flows in turbomachines an' -he
effec-t. of various nonuniformities or geometry variations on these unsteady flows.

Examples of such turbine-stage codes which are in the public domain and which have
already been partially validated by the code developers are -escribed in references 1-4
To d.,te, validation efforts have focused on comparison of time-averdged numerical results
with time-mean experimental data reported in references 5 and 6. Additional code
validation and assessment is desirable, however. In particular, the accuracy of
time-resolved predictions stiould be evaluated, and the suitability for rocket propulsion
applications should be assessed. Such is the ai. of the work reported here.

Specifically, the two-dimensional code reported in reference 1 and a three-dimensional
code derived from that reported in reference 4 are used to analyze flows in the high
pressure fuel turbopump (HPFTP) turbine of the Space Shuttle main engine (SSME). Two
different sets of operating conditions have been analyzed to date: those corresponding to
SSME lOn% power level (FPL) operation and those corresponding to nominal rig conditions for
two full-scale HPFTP turbine test articles. The time-resolved and time-mean rig data will
not be measured until late 1989 or early 1990, thus the results presented here constitute
true predictions. Because the data is not available at the time of this writing, the
accuracy of the SSME analyses cannot be well evaluated. Computed results ,re compared with
each other, however, and the code performance, efficiency, ease of use, computational
resources, and other issues associated with the two codes used In this study are discussed
here. These codes represent different solution methodologies and philosophies of approach
and have distinct advantages and disadvantages. These are discussed along with the
numerical results.



M=T:.ZCIOGY AND PREVIOUS VALIDATION

The two codes used in the present stud are ROTOR1, developed by M. M. Rai (ref. 1) and
FDNS3D developed by Y. S. Chen (ref. 7). 1,a methodology upon which each code is based is
thoroughly described in the cited references, thus details of the solution procedures are
omitted in the present discussion. An overview of the two approaches is provided, h-owever.

The code ROTOR1 is an axial turbine stage code which solves the unsteady, thin-layer,
compressible Navier-Stokes equations in two space dimensions. It features a factored,
iterative, implicit solution algorithm, first-order accuracy in time, and a third-order
accurae upwind differencing scheme. The Bdldwin-Lomay turbulence model is applied down to
the solid wall, thus requiring resolution of the viscous sublayer. The laminar viscosity
is calculated based on Sutherland's law.

A system of four grids are us-. to discretize the domain: a very fine (151 X 51)
O-grid surrounds each airfoil and is overlaid on a coarser (66 X 71) P-gid as shown in
figure 1. The two H-grids ar3 patched together at a common interface and the rotor H-grid
slides by the stato- ii -. il in time to simulate rotor-stator passage. All viscous terms
are neglected in the H-g-ids. The turbine sta e is assumed to have an equal number of
stator vanes and rotor bla ,'s in order to impose periodicity acrcs one pitch. To correct
for the incorrect blockage which this assumption would otherwise entail, the rotor blade is
scaled up by a factor of NR/NS, where NR is the number of rotor blades and NS is the number
of stator vanes in the stage. At the inlet, Riemann invariant R and the entropy are held
fixed, the flow angle is fixed at zero, and the Riemann invarieAt R is extrapolated from
the interior. The static pressure is fixed at tha exit and the exii valtes of all othec
variables are extrapolated. Periodicity is imposed at the upper and lower H-grid
uoundaries. The io-slip condition, zero normal pressure gradient, and an adiabatic wall
are imposed along the airfoil surfaces. Conservative patch boundary conditions are applied
at the zoiial interface between the H-grids, and interpolatica is used to couple each 0-grid
solution to its companion H-grid solution.

FIgure 1. RGTOR1 grid

The code FDNS3D is a general three-dimensional code which .mploys a pressure-oased
solution algorithm, a first or second-order, t4--,.ntered time marching scheme, and a
spatial discretization procedure involving econd-order central differencing plus variable
order (usually third-order) upwiud dissipatior. It solves the unsteady Reynolds averaged
Navier-Stokes equations and is capable of simulating incompressible or compressible, steady
or unsteady flows. For turbulent flows, a two equation k-turbulence model (eithe- the
standard or the extended, high Rey-iolds number [ref. 81 version, is coupled with the
standard wall function approach and eddy vi.,-osity turbulence concept. The laminar
viscosity calculation assumes a power la% -- ation between viscosity and temperature

For insteady turbine stage analysis, a multiple zone approach is taken in which an
H-grid surrounding the rotor blade slides past a stationary stator H-grid and the
stationary rotor shroud. The two H-grids overlap by one cell but are discortinuous at
their interface. Because the wall function approach is followed, rather than
boundary-layer resolution, a fine grid system may not be required. Fur the P'FTP
calculations to be reported here, the grid used was very coarse (71 X 33 X 31) as shown in
ftgure 2. At the interface between the two H-grids, simple interpolation is imple ented to
comunicnte solution information between the zones. Periodicit* is imposed at the upper
and lower (midchannel) bcundaries which, like the ROTOR1 simula on-. incorrectly assumes a
one stator vane to one rotor blade correspondence. Again, the rotor blade size is

a



increased to account for the correct blockage. At the inlet boundary, density,
temperature, and velocity are held fixed at a constant value. At the exit boundary, all
variables are extrapolated such that mass conservation is enforced. This nonreflective
boundary condition allows any pressure waves generated to escape the flowfield. A
prescribed exit pressure boundary condition can also be implemented, but this was not done
for the present study. The solid wall boundary conditions are the no-slip and zero
pressure gradient conditions, and the wall temperature is fixed at 90% of the freestream
value. Boundary conditions and interface interpolation are implemented implicitly.

Figure 2. FDNS3D grid

Both codes and/or their derivatives have been partially validated by comparison of
numerical predictions with experimental data reported in references 5 and 6. In
particular, predictions by the ROTOR series of codes (references 1-3, 9) have been compared
wita measured time-mean stator and rotor pressure distributions at 2%, 50%, and 89% or 98%
span. Excellent agreement with the experimental data was exhibited except for the case of
the rotor suction surface at the* hub. Computed and measured amplitudes of the pressure
fluctuations on the airfoils at the same spanwise locations were also compared to assess
the time accuracy of the calculations. The agreement was fairly good in most cases.
Errors were attributed to the incorrect blade/'ane ratio assumed and to the reflective exit
boundary condition. In addition, very good agreement was achieved between predicted
limiting streamlines and experimental visualization of flow on the airfoil surfaces and
between fine grid (ref. 9) predictions and measurements of total pressure contours in the
stator and rotor exit planes. The ROTOR codes have thus far been shown to yield high
accuracy, high resolution results. The computer time required to obtain a periodic
solution in three dimensions is reportedly exorbitant, however, which precludes the routine
application of this series of codes.

A precursor of the FDNS3D code has also been partially validated for turbine stage
predictions against the data in reference 5. This work, reported in reference 4, compares
results of a two-dimensional, arbitrary blade/vane count simulation to the time-mean
airfoil pressure distributions and pressure amplitudes reported by Dring (ref. 5). The
numerical results are comparable to the ROTOR2 (ref. 2) results, i.e. time-mean predictions
exhibit excellent agreement with the data while the agreement between measured and
predicted pressure amplitudes is fair. Three-dimensional turbine slage predictions using
FDNS3D have not yet been calibrated by comparison with experimental data. This will be
done when the HPFTP rig data becomes available.

Because the ROTOR codes and the FDNS3D precursor codes have performed well and
comparably for Dring's experimental configuration, it is reasonable to expect that they
would produce similar and accurate time-averaged numerical results for the cases run in the
present study. These cases are described in the following section.



APPLICATION CONFIGURATIONS

The HPFTP turbine is a two-stage turbine with a mea, diZanzt-r of 25 cm (10 in), 41
first-stage vanes and 63 first-stage blades with average airfoil chord and span of less
than 2.5 cm (1 in), and FPL power output of 56 MW (75,000 hp). At 109% power level (ref.
18 Sept., 1985 engine power-balance), the turbine rotates at 36,600 rpm and is driven by a
gaseous hydrogen anq steam mixturi which enters the turbine at approximately 1050 K
(1900 R), 3750 N/cm (5440 lbf/in ), and 70 kg/s (154 lbm/s). The inlet Mach number6
is .13 and the Reynolds number per 2.5 cm (I in) based on inlet velocity is 3.3 X 10
This is one of the operation points for which numerical results will be presented.

The second set of operating conditions numerically simulated in the present study
corresponds to the nominal test conditions for two full-scale HPFTP turbine test articles.
One will be tested in a blow-down air facility at NASA Marshall Space Flight Center (MSFC),
and will produce performance and time-mean aerodynamic data. The second test article will
be tested in a shock tunnel facility at the Calspan University of Buffalo Research Center
(CUBRC). The latter test series will generate time-resolved as well as time-mean
aerodynamic and heat transfer data. Both series of tests are expected to begin in the next
six months and both will use as its reference test condition the 104% SSME power level
(ref. 27 April, 1987 engine power-balance), which is the current SSME flight power level.
This Sorresponds to a power output of249 MW (65,400 hp), inlet temperature of 1012 K
(1830 R), inlet pressure of 3578 N/cm (5190 psi), and flowrate of 68 kg/s
(149 lbm/s). The inlet Mach number is .14. Air equivalent conditions will be tested, but
the Reynolds number will not be matched in the case of the MSFC tests gue to facility
limitations. CUBRC will test at both the MSFC Reynolds number (8 X 10 ) and the SSME
Reynolds number (3.4 X 10 ). The MSFC case is that simulated in the second set of
calculations performed for this study.

In actuality, the conditions simulated by the calculations reported here and by the
experiments to be performed are not true to the real HPFTP operating environment. The
already severe environment is exacerbated by rotor eccentricity, leakage flow at the
platform seals, radially and circumferentially nonuniform inlet profiles generated by the
upstream fuel preburner, and a circumferential pressure gradient at the turbine exit c&used
by the asymmetric manifold located downstream. It is hoped that current unsteady turbine
analysis codes will eventually evolve to the point of being able to analyze the effects of
such nonuniformities on the flowfield characteristics.

RESULTS AND DISCUSSION

Aerodynamic results for the HPFTP first stage are now presented for the two sets of
nominal operating conditions just described. The SSME FPL case is presented first and
ROTOR1 results are emphasized. For the MSFC rig conditions which follow the FPL case, the
FDNS3D simulation is highlighted. In all cases, the time-averaged pressure coefficients are
defined as

p(x( - PTro (1)

1/2 foWo
2

where p is the time-averaged pressure, and and W represent averages of density and
relative velocity across one midspan pitch atothe st~tor or rotor inlet, Pjr is the
midspan relative total pressure at the stator or rotor inlet and x is the Hxal distance
from the airfoil leading edge. The pressure amplitudes are defined as

C (x) Pmax(X) - Pmin(X (2)

1/2fo Wo0

SSME FPL OPERATION

The time-averaged pressure coefficients at the midspan of the HPFTP first stator and
first rotor are plotted in Figures 3 and 4 for two different cases. One corresponds to the
prediction obtained using the standard laminar viscosity model found in ROTOR1, i.e.
Sutherland's law with constants appropriate for air. As pointed out in reference 10,
Sutherland's law is not valid for the HPFTP turbine gas mixture for any choice of the
Sutherland's constant. Consequently, we have incorporated real gas properties into ROTORI
for more correct analysis of rocket engine turbines. Predictions using the real gas
properties to approximate the laminar viscosity are seen as the dashed curves in figures 3
and 4, while those obtained using Sutherland's law are represented by solid curves.
Virtually no differences are seen between the pressure coefficients obtained using the two
different laminar viscosity calculations. A very significant effect has been seen,
however, in a parallel investigation of HPFTP turbine heat transfer using ROTOR1.
Consequently, the Sutherland's law is no longer used at MSFC for analysis of turbines
operating in gases other than air. Sutherland's law for air is a very common model for
approximating laminar viscosity in turbulent flow calculations of all kinds. The analyst
should be aware that this may be a very inappropriate model for any rocket propulsion
analysis involving other than purely aerodynamic effects and that its use may significantly
contaminate numerical results.
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Figure 3. Stator midspan pressure distribution Figure 4. Rotor midspan pressure distribution

Instantaneous stator-wake/rotor relative positions and associated instantaneous stator
and rotor airfoil pressure fluctuations are shown in figures 5 and 6. These illustrate the
variation in time of the loading experienced by each airfoil due to rotor-stator
interaction. The profile shapes are seen to vary significantly from one time to the next,and the amplitudes of the fluctuations are most pronounced on the rotor, as is to be
expected. The unsteady pressure fluctuations have been animated to allow viewing of a
nearly continuous variation in time of the airfoil loadings. Disturbances caused by stator
wake passage are seen to travel down the rotor blade in an indulant manner. Quantitative
information about the fluctuating airfoil loads is of importance to the structural
dynamicist in assessing the dynamic response of the 4otor to vane wake passage. In
addition, unsteady loadings are required by the stress analyst when transient blade stress
analyses e re performed. It is thus Important to validate, or at least calibrate, the
accuracy of these instantaneous predictions. That will be accomplished when the CUBRC data
becomes available.

Time 1i no f Time 2

Time 3 Time 4

Figure 5: Entropy contours showing stator-waketrotor relative location
at four equally spaced times within one ROTORI cycle.
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Predictions obtained for SSME FPL operation using a predecessor of the FDNS3D code have
been reported by the code developer in reference 4. Side-by-side comparisons of the
midspan FDNS3D results cannot be made with figures 3 and 4, however, because a different
engine power-balance reference and a different nondimensionalization were used in reference
4. The FDNS3D profile shapes appear to be nearly identical to the ROTORI profile shapes,
however, with one set being merely scaled relative to the other.

MSFC RIG TEST CONDITION

Time-averaged pressure coefficients and fluctuating pressures predicted by FDNS3D are
shown as the solid curves in Figures 7 and 8 for three spanwise locations of the HPFTP
turbine first stage airfoils operating at the nominal MSFC test condition described in the
previous section. Little spanwise variation in the stator pressure distribution is
reflected by figure 7, however, the rotor profiles vary considerably from hub to tip. The
net force on the rotor hub is small while the tip is highly loaded. The high pressure on
the rotor hub suction surface is presumably due to the impingment of the leading edge
vortex and the associated radial outflow which it causes. This is further discussed in
connection with figure 9. The low pressure region at the tip of the rotor suction surface
at approximately 60% chord corresponds to the minimum pressure region of the rotor tip
vortex. The dashed lines in figure 7 correspond to the ROTOR1 prediction for the stator
and rotor midspan. The latter 25% of the stator suction surface and the entire rotor
surface are predicted to have somewhat different pressure distributions than indicaced by
FDNS3D. The likely explanation for this is the difference in exit boundary conditions.
The nonreflective exit boundary condition used in the FDNS3D calculation does not fix the
exit pressure. At convergence, the pressure ratio across the stage was .845 in contrast to
the value of .808 resulting from imposition of a pressure ratio of .80 in the ROTOR1
calculation. (A pressure ratio of .80 is indicated by the mean diameter velocity vector
diagram for this operating condition). Also, the relative Mach number at the rotor inlet
calculated by FDNS3D was .167, whereas ROTOR1 predicted a value of .185. To assess the
role of the exit boundary condition in these discrepancies, the FDNS3D calculation will be
redone with a fixed pressure ratio of .80 imposed. Ultimately, the data obtained in the
rig test will indicate the correct airfoil loading. The discrepancy between FDNS3D and
ROTOR1 predictions is puzzling in light of the very similar predictions the two codes
produced for the test configuration of reference 5. This shows the importance of
considering more than one database in validating the accuracy of a given code.

The pressure amplitudes on the stator and rotor hub, midspan, and tip as predicted by
FDNS3D are shown in figure 8. The lack of smoothness in the curves is a result of the very
coarse grid. Little fluctuation is seen on the stator except at the trailing edge and at
approximately 80% axial chord on the suction surface, but the amplitude of the fluctuations
is small. On the rotor, more substantial fluctuations are seen at the leading edge and
especially at the tip due to the tip leakage flow and tip vortex.

The three-dimensional nature of the flow is clearly depicted in figure 9 which shows
payticle traces in the fluid near the solid surfaces. Although the stator pressure surface
flow apears to be essentially two-dimensional, the suction surface streamlines show
evidence of a strong secondary flow at the tip over the last third of the vane. No hub
vortex is indicated by the vane or hub streamlines, however. It is likely that the grid is
too coarse to detect the weaker horseshoe vortex which is expected at the hub. The rotor
endwall flow traces do indicate the formation of a horseshoe vortex at the rotor leading
edge, on the other hand, causing a strong passage vortex which impinges on the suction
surface. This passage vortex is seen to induce strong radial flow on the suction surface
and extends to over 60% span at the trailing edge. A significant tip vortex is also formed
on the rotor and the radial flow toward the tip due to the relative eddy (ref. 11) is also
distinctly seen on the pressure surface. The nature of the surface flow represented by the
streamlines in figure 9 is common to all of the instantaneous flow solutions observed
indicating that this is an essentially steady-state behavior.

The unsteady nature of the overall turbine stage flow is manifested in figures 10 and
11. Figure 10 shows entropy contours for flow in the midspan plane of the stage at four
instants of time. The changing position of the rotor relative to the stator can been seen,
and the interaction between the rotor and stator wake is evident. Corresponding to these
four time "slices" and relative midspan rotor-stator positions are plots in figure 11 of
relative total pressure in the rotor passage at three axial locations. The vertical lines
in the four plots of figure 10 show the position of these axial locations.
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Figure 9. Particle traces on airfoil surfaces and hub endwalls.

The rotor passage depicted in figures la-c is oriented with hub at the base, tip
endwall at the top, and the rotor rotates to the right. Thus in figures lib, the rotor
suction surface is to the left and pressure surface is to the right. The axial position
shown in figure Ila is located Just upstream of the rotor leading edge, and the relative
total pressure contours in this plane clearly show the periodic nature of the inlet profile
experienced by the rotor. The stator wake seen in figure lla is at the rotor leading edge
at time 1, moves toward the center of the passage at time 2, is in the center of the plane
at time 3, and moves back toward the suction surface at time 4. This is entirely
consistent with figure 10. Figure lla also shows the passage vortex which was generated at
the stator tip endwall, as discussed earlier in connection with figure 9, to enter between
rotor blades at time 1, and to be at the rotor leading edge at time 3. The plane in
figure llb is located downstream of the rotor leading edge at approximately 15% chord. In
this portion of the rotor passage, the stator wake appears inclined toward the tip of the
suction surface and the passage vortex is correspondingly skewed. At time 1, the stator
wake is approximately centered on the hub but is approaching the suction surface near the
tip. At time 2, the wake is on the suction surfnce at the top of the blade enabling the
oncoming passage vortex to flow through the passage relatively freely and thus to fill the
upper passage. Just after the wake of the next stator impinges on the pressure side (ti,"e
3), the oncoming vortex from the next stator passage enters the plane and the former
passage vortex moves toward the suction side. The continuation of this progression is seen
at time 4. For the plane just downstream of the rotor trailing edge (figure llc), the
relative total pressure contours become more steady. The strong tip leakage vortex
occupies the upper one-third of the span and two-thirds of the pitch and has the smallest
relative total pressure. The rotor wake and associated low total pressure reqion !ills
most of the right side of the plane. The passage vortex is squeezed between consec itive
rotor wakes and occupies the left side of the plane below the tip leakage vortex.
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Further graphical interrogation of the numerical solution can shed additional light on
the behavior of the unsteady three-dimensional flow through the turbine stage. Although
the solution has not yet been quantitatively validated via comparison with data, the nature
of the flow as depicted in figures 7-11 is reasonable. The characteristics of the flow are
seen to be remarkably similar (qualitatively) to the experimental results presented in
reference 6. Forthcoming data from MSFC and CUBRC, which will enable true verification or
calibration of the unsteady predictions of both the FDNS3D and ROTOR1 codes, will include
time-resolved and/or time-mean airfoil pressures at 10%, 50%, and 90% span, endwall
pressure distributions, and exit-plane total pressure, total temperature, and flow angle
distributions (spanwise and blade-to-blade).

CODE USAGE AND RESOURCE REQUIREMENTS

Both codes are relatively easy to use and to read. FDNS3D contains approximately 5,000
lines of FORTRAN while ROTOR1 contains 3180 lines; both of these counts include comment
lines and exclude grid generators. FDNS3D is conveniently run from an input file, whereas
the ROTOR1 source code must be modified for each different application. Both codes require
the user to process and interpret output files containing airfoil pressure information to
assess "convergence," i.e. the attainment of perodicity in time. ROTOR1 conveniently
provides time-averaged, maximum and minimum (over one cycle) values at each airfoil node
while FDNS3D provides instantaneous values of pressure. Both codes are fairly robust, but
ROTORI must be "soft-started," i.e. the rotor must be brought up to full rotational speed
gradually if starting from freestream conditions. Also, very small time steps (e.g., 2000
steps/cycle) are required by ROTOR1 during the first several cycles when starting from
freestream conditions. ROTOR1 has one intrinsic deficiency associated with its
nonreflective inlet boundary condition. Because the dependent flow variables are not fixed
there, they tend to reach values at the attainment of periodicity in time which are
different than the freestream values assumed at the outset of the calculation. Thus the
rotor speed must be adjusted and additional cycles run to again reach time-periodicity.
The inlet values attained at "convergence" must again be examined and this iterative
process must be repeated until the flow coefficient based on the final inlet values is
equal to the required flow coefficient. This can significantly add to the computer time
required to obtain the final solution. The FDNS3D code, on the other hand, is seen to
yield potentially erroneous exit pressures when run with its nonreflective boundary
condition.

For the calculations simulating the nominal MSFC rig condition, ROTORl was found to
require .00013 sec per grid point per time step on a CRAY X-MP computer. Two hundred time
steps per cycle were used and 5 cycles were required to attain periodicity in time for the
first iteration on flow coefficient starting from a "good" initial flowfield solution (the
final FPL solution). A total of 3 iterations on flow coefficient were required. In all,
15 cycles were required to obtain the final two-dimensional solution corresponding to 3 CPU
hours. For the SSME FPL case, 25 cycles starting from freestream values and 9 CPU hours
were needed. In both cases, 2,100,000 words of core memory plus 400,000 words of SSD
(solid-state storage device) were used. The MSFC rig calculation using FDNS3D used .0003
sec per grid point per time step, 200 time steps per cycle, and five cycles to reach
periodicity in time when starting from an initial flowfield corresponding to a turbulent,
steady turbine stage flowfield with a stationary rotor grid and slip at the interface
between H-grids. (This was provided by Y. S. Chen.) The five unsteady cycles required six
CPU hours and the initial flowfield generation consumed 2 CPU hours for a total of 8 hours
to obtain the final time-periodic solution in three space dimensions. Forty-nine words of
core memory per grid point were required.

SUMMARY AND CONCLUSIONS

The unsteady turbine stage codes ROTOR1 and FDNS30 have been applied to the first stage
of the SSME HPFTP turbine for two sets of operating conditions. Time-resolved and/or
time-averaged experimental data will soon be taken which will correspond directly to one of
the operating conditions simulated here. This data will be used to calibrate the accuracy
of the calculations performed in this study.

The ROTOR1 code has previously been seen to yield high-resolution, smooth solutions
which offer the promise of high accuracy and resolution of fine scale flow phenomena. The
associated requirement of fine spatial resolution carries with it the penalty of large
computer time requirements, however. The code is useful for providing unsteady midspan
airfoil loadings and for characterizing unsteady features of the turbine stage flowfield.

The FDNS3D code has not yet been validated for three-dimensional turbine stage
predictions, and this study should provide some code calibration when coupled with
forthcoming rig data. Numerical predictions for the MSFC rig conditions appear reasonable,
however. Results admittedly lack smoothness, in some ways, due to the coarse spatial
resolution of the grid used. Nevertheless, important flow features are revealed and at
relatively low computer and manhour requirements. This code has the potential of being a
useful analysis tool which can be used in a quick-turnaround manner to provide unsteady
flow information to the turbine designer and analyst. Care must be taken, however, to
carefully assess its accuracy and understand its limitations before it is used to influence
hardware design.
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I)ISNUSION

B.H.Becker - Siemens AG, W.ermany
Both codes presented handle the one-to-one situation, but experiments have different number of

rotor and stator blades.
How do the authors handle this situation'

Author's response :
Actually there is some discrepancy between test results and calculations. However, 2-d

calculations have been made with the correct number of blades and for the time averaged solution the
difference is not substantial. For unsteady amplitude there say be some difference, but not enough to
disregard what the code brought already.

W. Cambier - OKRA, France
(1) Did the authors have any difficulties in the 2-d code in the wake, -t the interface region

between the region where the '0 grid is used for the Nanier-Stokes equations and the one where the 'H'
grid is used for the Euler equations.

Author's response :
The main problem is loosing definition of the wake when one goes from one grid to the other.

The wake is diluted in essence, but from the viewpoint of the mathematics, interpolation is er'.y.

(2) Can the author state the number of meshpoints used in the tip clearance region, for the
3-d code.

Author's response
There were only 3 grid lines in the tip clearance region.



SIMULATION NUMERIQUE DES ECOULEMENTS TRIDIMENSIONNELS ET INSTATIONNAIRES
DAN,3 LES TURBOMACHINES

par Antoine Four AAUX, Gilles BILLONNET, Alain LE MFUR ot Alain LESAIN

OFFICE NATIONAL O'ETUDES ET DE RECHERCHES AEROSPATIALES
29, avenue de Is Division Leclerc

92320 CHATILLON (FRANCE)

RESUME

Dan$ 1I Muds adrodynusique des turhomachins, I& simulation nudrique
des 6coulements occupe une place grandissante. Cem 6coulements de fluids
vjaqueux St compressibles sont tridimensionnels at instationnaires : il sont
donc r~gis par lea 6quations de Navier-Stokss complutes.

Toutefois., les mdthodls ...uriquex rdsolvant ec 6quations soot, pour
1. moment. d'utilixation limitts et seules des applications des adthodes
"Ruler" sont prtseotdes dr- le"t article. Aprbs n bret rappel des ph6nomtnes
physiques at de la *dth.lv nuadrique utilisde, lea conditions Sur lsa fron-
tidrss du domains ds calcul Soot ddcritss. LaScCent eat miS Sur lea hypothh:' s
simplificatries psrmsttant Is calcul d'uO 6tsge complet. Les examples
pr6sentds concernsnt !.s simulations d16coulements irietationnaires dane un
6tage de turbine c.dens une tuy~re supersonjique.

NUKERICAL SINULATION 0F TERE-DINMSIONAL UNSThADY FLCVS
IN TURBOMACHINIS

ABSTRACT

For the aerodynamic study of turboaachinery. ths numerical flow-
simulation takes a larger end larger place. Theme viscous and comprsssible
fluid flovsae three-dimensional end unsteady :so they are governed by the
full Wevier-Stokes equations.

Nevertheless, the use of numerical methods solving these squations is
limited at the present time, end only applications of *Ruler" methods are
presented in this paper. After a short description of the pbysical phenomena
end of the numerical method used, the conditions on the calculation domain
boundaries are described. The simplifying assumptions wich allow the complete
stage computation, are empbasized. The example$ presented concern unsteady flow
simulations in a turbine stage and in a supersonic nozzle.



Notations

Vvecteur vitesse ae

V composante axiale

r. composante radiale

ve composante azimutale

~ composante miridienne

09 - ~ 7) angle de l'6coulemont par rapport au plan m~ridien

\J, J angle miridien

1. INTRODUCTION

Cet arti cle est destin6 A prisenter les diffirentes possibilitis de simulation numirique des
6couleseotts compre seibles das lesurhomachines. D'une fa~on ginirale, ces 6coulemeots soot tridimen-
sionnels, visqueux et ius tationnares. I s soot donc rigia par lea iquations de Navier-Stokes complutes.
Les diffirentes approches actuellement utilisies dipendent du degri des simplifications admises dana ces
6quations selon lanalyse physique des phinomines rkels. La premiire partie de cet article est prici-
9sent consacrie i une brive description des aspects 3D, visquoux et instationnaires ainsi qu'A la
priseotation des hypotbises actuellement retenues dans les programmes de calcul. Ensuite. divers
risultats obtenus sur des configurations variiea permettront d'appricier les capacitia des diffirents
codes diveloppia A l'ONERA pour la simulation numirique des 6coulements dans leg turbomachines.

2. ASPECTS vrsousux. TRIDINENSIOMNELS ST INSTATIOMNAIRES

L'analyse oumirique des phinonines vianueux nicessite des mithodes "Navier-Stokes", qui font
actuellement l'objot d'un effort important de diveloppement et de validation, notammont en ce qui con-
cerne la modilisation do la turbulence. Cos mithodes soot nianmoins lourdes et cofiteuses d'empini,
comparativement aux aithodes "Euler" ou mithodes de "fluide parfait". Loreque lea effets visqueux soot
estimis peu importanta. Vapproche "Euler" eat stilisie avec profit :elle poreet do senor rapidement et
A noindro coat des calculs oO lea effets tridimensionnels et/ou instationnaires sont prioritaires. Notons
qu'A lOMERA en particulier. un modile simple de simulation des effets visqueux. intfgr6 sux mithodes
"Euler". permet d'amiliorer notabloment Ia qualit6 des risultats ohtenus.

L'aspect tridimensionnel s traduit par Ie gauchissement des surfaces de courant A la traversie
d'un canal interaubo. et souls des calculs 3D peuvent restituer ce phinomine. Tostefois lea calculs 2,5D
(calculsa ube-i-aube sur une surface de courant axi-sysitrique) ou 2D soot encore d'une grande utilit6
pour de nombreux problimes :conception et optimisation d'aubages (mitbodes Ruler), 6tudes particuliires
do base, etc...

Quant sux phinomines instationnaires, il imports de difinir clairement Ie cadre do lour 6tude.
Un icoulement stationnairo dana une turbomachine eat tris particulior :soul le cas d'une roue isolie
considirie dana son ropbre relatif avoc des conditions amoot et aval constantes dana le temps correspond
A us rigime stationnairo. Par comparaison. li6coulement dana us 6tage. avec des conditions d'entrie et do
sortie analogues A cellos d'une roue isolie, bien qu'ttant instationnaire. posside un caractire
permanent, globalement stationnairo 00o pourra difinir des valeurs aoyonnoa dana le tempo do mime nature
quo lea valour, stationnairom. Le problimo eat trio diffiront quand il s'agit do suivre, au cours du
tempo, li6volution d'un phinomine tranoitoire (amorvage d'une tuyire par exomple). On reviendra sur ce
point dans Ia suite do larticle.

3. NETHODES DE CALCUL

Noss allons dana ce paragraphs dicrire trio rapidoment los mithodes do calcul utilistes pour

obtenir les rioultats prisootis dana cot article.

Los iquations d'Eulor (6quations do continuit6, do quantiti do souvemont et d inergie) soot
diroctoment discrdtisies dane lespaco physique.

Dana I. cas tridimonsionoel, 1. ropire choisi oat so ropire cylindrique (R, 0. z), tandis quo
dane Is cas 2.5D, il s'agit du repire (a, 6).

Les iquatios diocritisies soot rimolues A laid. d'un scbima numirique du type prodicteur-
corroctour do Mac Cormack. capable de calculer leg icouloments comproasiblos avec ndes do choc.

La traitomont des conditionsamux limitos du domains (os des sous-domaines) do calcul utilizo la
thiorie des relationa caractirictiques, os relations do compatibilit6.

Loa ditalo sur cas techniques numiriques pourront itro trouvia en [1], [2], [3).

11 eat ivident quo la qualiti des simulations numiriquea dipend grandement das conditions
appliquie mux frontiires ds domain@ do calcul. La paragraphs suivant, qui rappello parfois dam concepts
ilimantairas. emt consacr6iA ce point important.



4. NATURE DES PHENOMENES ET SIMULATION NUMERIQUE

4.1. Fronti~res amont at aval du domaine de calcul

Consid~rons lexemple simple d'une roue isol~e de turbomachine (fig. 1).

Fig. I - Roue isolee en veine rdelle

La simulation nusdrique de l'6coulement implique avant tout le choix d'un domaine de calcul
englobant Ia roue et une partie de la veine A l'asont et A laval.

Ce domains possAde i l'6vidence deux types de fronti~res

- les fronti~res "solides" (carters, aubes) sur lesquelles sera appliqu~e une condition d'adh~rence os de

glissement.

- des fronti~res "fluides" externes A lamont et & l'aval, sur lesq.elles les conditions limites
appliqu~es devront 6tre en accord au mieux avec la nature de l'6coulement r~el. En g~n~ral, ces
conditions sont a~rodynamiquement assez simples, car il n'est pas possible de d~terminer avec suret6
des conditions plus complexes d~pendant du rayon ou de lazimut. voire du temps. Quelques pr~cautions
s'isposent alors quant an choix de lemplacement de ces fronti~res.

-frontibre amont,
Lorsque Ia vitesse d~bitante eat subsonique, il est usuel d'imposer deux grandeurs d'arr~t

(pression et teap~rature) et deux grandeurs statiques (en 3D) :nombre de Mach, ou angle B de l'6cou-
lement ou vitesse tangentielle, et angle m~ridien ce. Si, par exemple, la condition amont impose 0 = 0,
(=0 (6coulement axial dans le repbre absolu). la fronti~re doit 6tre suffisamment 6loign~e de la roue

pour que 1 influence amont de cette dcrni~re soit n~gligeable ;de plus il ent n~cessaire que Ia veine
noit A rayon constant au voininage de Ia fronti~re (6coulement par nappes concentriques, C? = 0).

-fronti~re aval,
Le probl~me eat tout A fait similaire lorsque Von impose une condition de prension constante

suivant l'azimut et le temps, main variable en fonction du rayon suivant un 6quilibre radial simple.

Le domaine de calcul, en vue n~ridienne, prend l'allure repr~sent~e fig. 2.

FRONTIERE
AMONT FRONTIER

Fig. 2 - Roue isolee - dornayne do calcul.

D'apr~s ce qui pr~c~de, on entrevoit que certains calculs neront, par Principe, d~licats A
mener en roue isol~e. en particulier ceux concernant une roue alimentile par us 6coulement avec pr6-
rotation (B 0 0). Cent le can, par exeample, d'une roue mobile de turbine ou d'un redresseur d'6tage de

r coupresseur. La condition amont devra an effet restituer une 6volution radiale moyenne de Ia pr~rotation,

connue (ou souhaitA.) juste devant I& rose.

La difficult6 de trouver un. tell. condition amont a 6t6A l'o-igine des calculs en 6tage
pr~sent~s dons la suite de cet article.

4.2. Portage du dosaine de calcul en sous-dosaines

4.2.1 Rout isolie

Pour le calcul de l'6coulement stationnaire dana use rose isolA., Ie domains so r~duit A us
renal interaube (fig. 3). On voit apparaltre d'autres fronti~res fluides, A travers lesquelles I&
continuit6 azisutale do l'6coulement at assuri. grice A Ia p~riodicit6 spatial.

Cot domain., pourront Wer divis~s on sous-domaines. en vu. d'amliorer Ia qualiti des
r~sultats (maillages H. 0, C...
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Fig. 3 - Domaine de caiCul pour un canal

4.2.2. Etage

L'approche pr~c~dente n'ent plus valable pour le calcul de 1'6coulement dans un 6tage conPOS6
de deux rou ej dont Ies nombres daube sont diffent. Bie que chaqe oue pr6sente encore use p riodi-
cjto g~on~t rique, 1 ' cou lement y eat instationnaire et non p~riodique d'un canal A l'autre.

Pour des raisons pratiques, le donaine de calcul sera form6 de plusieurn sous-domaines (type
"prof il" ou "c anal'). Outre les fronti~res fluides internes entre deux canaux adjacents, apparaissent les
fronti~res fluides internes entre lea deux roues (fig. 4).

Fig 4 - Domaine de calcul poor un etage

Si le dosaine de calcul inclut toss lea canaux de chaque roue, c'est-A-dire sa le calcul eat
mend our Id t a ge complet, lea conditions lisites s I e ron ti~res internes eat traduite par la
continuit6 aznut. 1 a pace de la p~riodict aptial en rose isol~e) et la continuit6 axialo-
cadials.

Dan$ cette hypoth~se, la taille-samoire d'ordinateur et le tempa de calcul aeraxent trks
importants, et m~ine inacceptables. Cest pourquoi diverses techniques ont 6t6 propos~es, ayant cosine but
comaun de r'duir e 1la tailleidu domaine de calcul i des proportions compatibles avec lea capacit~s des
calculateurs actuel leaent disponiblea.

4.3. Teckkquies de r~duction dudomnaje 4e calcul

Dans leur inajorit6, coo techniques visent A retrouver une piriodicit6 spatiale de l'6coulement
sur an nombre r~duit de canaux de chaque rose [4] , [5].
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Certaines font appel A un changement d'6chelle des profils pernettanft do retroxver Isa p~rio-
dicitfi 96om~trique et dune ia pdriodicit6 atrodynamique. Ce type d'approche, justifiable en 6coulement
bidimensionnel, parait n~annoins dhlicat A aettre en oeuvre sur des machines tridimensionnelloa ot lea
carters subiasent de fortes variations du rayon (machines axialo-radiales notasment).

D'autres settent en jeu diverges mayennes azimutaies, effectudes coupe par coupe, cc qui a pour
consd6quence de masquor certains effots tridimensionnels, en particulier Is variation azimutale de
Mangle (pente stridienne de l'6coulement) A lentrAe de chaque roue.

On pout 6galement citor des voies sensiblesent diffdrantes:

- utilisation des propridt~s do d~phasage eapace-temps pour 1'6tablissement de conditions limites
inotationnaires p~riodiques (6],

- passage des coordonnhca physiques A des coordonndcs de calcul dans leaquelles l'6coulement eat spatia-
lement pdriodique (7].

La technique d~veloppdc A& lONKRA (8] permet do contourner c.~rtains des obstacles 6voquda ci-
dessus. Nile vs 6tre rapidesent ddcrite dana les lignes qui suivent.

On considire on dtage comportant N, aubea dana la roue ont et Nz dana ls roue oval. On
choisit tout d'abord deux entiero Ki et Ki aussi petits quo possible, as teas quo les rappurts Xi/Ks et
NNo ient vuisins. Ki at Kn reprdsontent leo nombros de canaux offoctivement calcuids respectivesent

dans ls roue asunt et Ia rue aval.

Los extensions azimotalos do chaque groups de canaux sont

- pourlasroue I e, .K . K x 21/N

- pour la roue 2 e. = Ki P2 -a2x 2 /N2

on ddfinit slors one extension moycone par

e,. = 1/2 (e, + e.)

sinsi quo

\. ~ ~ ~ ~ L e00  N,'e -_

Los quantitds A i et X 2 servant, so coors do calcul. A dilator ou contractor leg gradients
aiautaux i I interface des doox rouse do facon A lee ropporter A lextension circonfdrentielle commune
ec A travers laqoelle on assure ls continuit6 axialo-radiale. Par cc biais ii oat slurs possible

d'appliquer la condition do p~riodicit6 spstislc our los frontidres hautes et bassos do chaque grups do
canaux.

Quolaoos remarques

- cosine on 10 voit, ii s'agit seuloment d'un traitment aux frontitres do cotinuit6 (frontidres fluides
internes) do dosaine do calcul. En particulier, il eat important do outer quo lea g6omtries r~elles
des consux no aunt pas affectdes. et quo n'isporte qoel type do machine pent 6tre pris en compte,

- leo approximations induites soot d'autant plus foibles quo li/Ks eat proche de Ni/N2 :Is solution eot
d'ailiouro exacts si K - Ni/Nt,

- il eat ai96 do ddmontrer quo lea valeurs moycnos (dane le tempo) do grandeurs glnoles comae 1e d~bit
uu is charge our lea roues soot ind~pendantes do choix des nombres Xi et K2,

- cette technique pout itre 6tenduc A on numbro do roue ouphrieur A 2 par

Les risultats do calcol prdsent~s oltdrieuremont porteront our is validation de cetto technique
our one coupe d'6tago do turbine troossonique et our son application A uO 6tage 3D.

4.4. Simulation des 6coulemonts transitoiros

Ce genre do simulation pout concerner lea ph~noadnes physiques soivants

- 6volution au coors do tempo des conditions &Mont ctlou oval
- variation do is vitesse, de rotation.

Luraque coo changesents loot trbs rapides. uls peovent indoire des efforts important.
(analogues A des chocs). 6ventuellement dommageables poor lea structures de la machine.

Doun point do vue num~rique. les mdthodes utilis605 poor la regimes stationneires ou
permanents smappliqoent aos r~gimea tranmitoires, aprts quelques modifications ainimes.

Do point do vue inforatique. lea clauses soot diff~rentes o ne solution convarg~e (3D. raime
statlonnaire en rue isolAC ou permanent on 6tage) oct obtonue en quelques millisecondes$ do tempo r~el. A
ration do 5000 & 1000 it~rations par milliseconds. Pour un maillagfe do lordre do 40 000 points, ceci
reprhsento environ 3h do CRAY XNP.18. La description d'uo ph~nomino transitoire our 1 seconds atcc.-

s iteralt 
200 1 250 

fois plu 
m do temps, s 

uit quelques 
30 joor 

C.P.U. 
I On concoit 

quo ce genre 
do calcul



5. VISt'SLTSATION DES RESULTATS DE CALCUL

Loreque Von effectue des calculs inatationnaires, on Pense naturellement AL visualiser certains
r~sultats son forme d'un film d'animation. ce qoi permet de mjeux percevoir l'6volotion des ph~nomtnes
au coors du temps.

Pour cela ii est int~ressant de disposer de logiciels simples. peu cofiteux en temps de calcul
et surtout qui puissent 6tre totalement int6gr6s au programme principal.

Cest en fonction de ces quelques contraintes qu'a 6t6 ddvelopp$ on procdd6 de cr~ation
dimages de synth~se pour la visualisation de champs divers sor des surf aces gauches d~finies dana
I espace 3D telles lextrados et lintralos, doune aube de torbomachine.

Ceci se deroole en deux 6tapes. La presi~re eat celle de ia crdation doune matri~e nomdrique 20
dont chaque 616ment sera ultdrieurement associ6 & on pixel (point) de Visage ur 1 ecran de visuali-

sation. La surface A repr~senter est d6compos~e en facettes triangulaires 6l6mentaires projet6ea aur le
plan image. et on simple test aur ls distance perset idl1imination des zones cachdcs. Lea matrices ainsi
cr66es mont stock~es pour. dana one seconds btape, 6tre vjsnaliskes aur on 6cran graphique, et servir A
la r~alimation de courts films d'animation.

6. RESIILTKTS NUNERIQUES

6.1. Coupe d'6taue de turbine

Des caiculs 2,5D ont 6t6 menbs mur one coupe de pied d'6tage de turbine transsonique dans le
but de valider la technique propos~e ci-dessus (traitement des conditiona-limites sor lea fronti~res
fluidem internes. associ6 A la r~duction do domains de calcul).

Le diatributeur comprend N. = 31 aubes. et is roue N2 = 53, soit on rapport Nt1N: = 0,585.

Les diffdrents cas envisag~s sont lea suivants

Cam 1.1 K. = 1, K2 = 1 (6/K. = 1)
Cam 1.2 K: = 1, X2 = 2 (K:/Ks = 0.5)
Ca 3.5 K, = 3. K2s 5 ( K /K. = 0.6)

Cmexact par otlstion des propri~t~s de d~phasage espace-temps. grice A one technique
proche de CceIle d~cr it e en rdf. [6]a.

Dana cet 6tage de turbine, on Ascoolement aupermonique eat amorcA dana le distriboteur, do..nant
A laval de celui-ci on myat~me d'ondem de choc et de d~tente, at provoquant donc dem gradients azimutaux
des grandeurs adrodynamiques. Si i'on passe do rep~re fixe so rep~re toornant. is roue me voit donc
attaqu~e par on 6coolement aubmonique non oniforme. Lea fluctuations lea plus importantem mont cellem de
langle relatif d'entr~e (amplitude de lordre de 20*). Tout ceci indoit dana l'6coulement dam effets
instationnairem non n~gligeables. nettement plum accentu~s pour la roue mobile qua pour le distributaur
(8]. 118 mont mim en 6videnca par example mur l'6volution so coors dn tampa de is rdpartition de is
pression atatique mur one aube do rotor (pression rapport~e A Is presmion g~n~ratrice de 1l6coulement
amont) (fig. 5). L'intervalle couvert (pbriode) correspond so franchissement d'un pas do distriboteur
ce r~sultat concarne le calcul exact (cam n* 4).

T TO 0 PERIOOE T=1 TO.0.2 PERIODE T T0 , 0.4 PERIODE
I I-P/PIAO I I-P/P IAO 1, 1- P/PIAO 1 l-P/PIAO 1 I-PIPIAO I IP/PIAO

0,51 0.5 0.5 0.5 0,51 .J

XICx X./Cx x/cx x/x TiCK

0 0.5 1 0 0.5 1 0 0.5 1 0 O0S51 0 0.S 1 0 0.5 1
T= TO .0,1 PERIODE T =TO 0,3 PERIOD E T TO + 0.5 PERIODE

T TO .0,6 PERIODE T T0O 0,8 PERIDEt T TO I PERIODE
I, I-P/PIAO I I-P/PIAO 1 I-P/PIAO 1 I-PIPIAO I I P/PIAO

OS0.5 0,5'05 05

)(ICX X/CX ICT/C K/CX

0 0.5 1 0 0,5 1 0 0,5 1 0 0.5 1 0 O,5 I
T= 10.+0,7 PERIODE T=* TO .0,9 PERIODE

Fig 5 - Evolution mu cours du temps de im pres, Jor .stalique SUT una aube du rotor
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Une analyse comparative poussie des quatre configurat ions de calcul a 6tt effectu~e pour mielix
cerner lea diffireoces existant do l'uno & Iautre. On a examin notamment lea dvolutionsan muours flu
temps do grandeurs intigries (charge flea profils, dibit) ou do grandeurs locales, noysndes on non on

espace (angles at viteosem en repires relatit at absolu) ainsj quo los aoyennes en temps do diffirentes
q.utitim.

In particulier, l'observation de l'6volution temporelle flu dibit dans un canal de la roue
mobile (fig. 6) persot do formuler lea deuz roaarques muivantes

a) ue cam 1.1 eat trim difiront flea autres car Ia piriodicit6 y a 6i torcie fl'un canal & lautre :il
neat donc pam possible d'avoir. A un instant donn6, dem dibits diffironts dana des canaux voimins.
alorm que, dons Ia rialiti, le fluids entrant dana la roue mobile a Ia faculti de me ripartir iniga-
lemeot dens lea canaux, donnant ainsi des fluctuations nottement plus importantos (fig. 6d).

b) Si Von examine lea cam interaidimires. on note flea flitffrences quami-inmignifiantes entre Ie cam 3.5
(fig. 60) par rapport au cas exact prim come ritirence. Les diffirences mont plus marqules. maim
restent raimonnables pour 10 cam 1.2 (fig. 6b).

Pouvoir rkpartir inigalement I. dibit entre plusieurs canaux semble dooc 6tre un 6liment-cli
important dia lora quo l'6coulement prfsente azimutaloment une non uniformitd significative. Dana le cam
pricis do l'6tage de turbine prisenti. Ibapproximation 1-1 apparait imauffimante. alors quo lapproxi-

motion 1-2, nettement plum proche flu cam riol, repr~sonte un boo compromis entre le cofit d'uo calcul et,
Ia qualitA des risultats qu'elle fournit. Ella a flailleurs AtAi utiliafle pour l'ftage 3D Presents
maintenant.
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STATOR ROTOR

MAILLAGE MERIDIEN

Fig. 7- Pallages pour le calcui 3-D.

Dana ia psrtie amont du distributeur, leffet de is simulation des pertes eat pratiquement
inexiatant. Dana is psrtie aval, ainsi que dsn s t oue mobile. deux points sont A signaler:

1) Introduire un frottement provoque une diminution de is section de passage disponible :en 6coulement
supersonique is vitesse atteint us niveau mains 6levd, avec le contraire en 6coulement subsonique.
Ceci eat observ6 aur 1lextrados du distributeur.

2) La vitesse at Is direction de ld6coulesent de sortie du stator sont moditikes, ce qui entraine un
changement notable de is vitesse et de langle reistif A lentr6e de is roue mobile (fig. 8) :das
cette roue, lea effets visquena sisulda contribuent A augmenter le nivean moyen de is pression ant
Vextrsdos pr~a du bard dsattaqne. 11 y a assi transfotmation de l'6volution dana le temps dn d~bit
dana le rotor (fig. 9) avec pertes, Vamplitude eat on pen accrue A lentr~e, maim dininn~e A is
sortie.

-40' - COUPE DE TETE

COUPDE PIED .

-0 SANS PERTE - _ - AVEC PERTES TE P

Fig. 8 - Angle reletif devant un bard d'attaque du rotor en fonction du temps.
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DEBIT (Kg/s(

ENTREE

/ \ TEMPS

SANS PERTE \ / AVEC PERTES "

DEBIT (Kg/$)

Fig. 9 - Debit dens tin canal de /a roue mobile en lonction dui temps.

t I PAS DISTRIBUTEUR
10 -NTR. EXTR. INTR. EXI R,

5-'

Fig. 10 - Angle meridien A lintedace (coupe moyenne).

Les effete tridisensionneis pr~sents darts cot 6tage peuvent traverser 1 interface entre leg
deux roues grice au traitement propost pour leg conditions-isites. Ile sout traduits par i'Avolution
azimutale de i'angle (p. , ontr~e pour un instant arbitraire (fig. 10).

6.3. kaorcage C'une tuytre bidimensionneile

La phase dlaaorqage d'une tuy~re eat caract~ris~e par une variation rapide du taux de d~tente
(pression statique aval rapport6e A Is pression d'arr~t &Mnt). On peut obtenir ceci de plusjeurs
fagons:

- soit par -~iation d* Is pression d'arr~t Ant, is pression aval 6tant maintenus constants.

- soit par variation do Is pression statique avsi, is pression d'arr~t asont us chaugeant pas,

- snit par variation sisuitan~s des deux pressions.

Ii eat 6vident qua Is phase transitoirs ne seras I55 ia sm suivant is choix do ia variation du
taux do d~tents . Pour iexempie pr~sentA. (fig. 11), on a retsnu Is seconds possibilitA [10]. l"6cnu-
isment initial sat statiounaire, & bassa vitsss sauf dane ia r~gion du coi oAl ii y a une nde do choc
droits de foible intensit6. Au fur at A assure de llamor4age, cette onda ms propage dona is divergent, as
transfors en oude de choc obiique d'intesitA d~croissante. En tin d'auorqsgs i'6couieasnt redevient
stationnairs spr~s is stabiisation ds Is prassion avai.

Csr~suitats montrant qu'il exists des ndes de choc d'intensitA non n~giigsable :Is
vaiiditA ds il'approchs "Zuir" pourrait itre resiss en cause quant A s signification physique. 11 n'en
rests pas moins qua cette approche perast une presi~re coapr~hension des phtnoaines r~eis.

On notera eufin qua Is soiution obtenue d~pand Atroiteaeut des conditions-unmites (&Mont et
avsi) parfois ditficiies A Avaluer avec suretA derts Is 4aslit6.
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A

Fig. I I -Amorqzage dune tuyere supersanique (champs des isobares).

Fig. 12 - Etage 3-D do turbine transsonique (isobares).
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7. CONCLUSION

Dans cet article, 1'accent a 6t6 mis sur l'importance des conditions-limites dans la simulation
numarique de l'tcoulement dans des 6idments de turbosachines.

Actuelleent, on eat toujours conduit, selon le but recherch6, & privilgier certains aspects
de i'6coulement, et donc & en nigliger d'autres ; il convient alors naturellement de ne pas oublier quo
lea r~sultats de calculs sont fonction des hypotheses simplificatrices adoptdes.

En d6pit de ces hypotbhses, l'utilisation des m6thodes de calcul s'av~re 6tre d'une grande
utilit6 pour l'analyse et la compr6hension des 6coulements compressibles de turbomachines. En effet, ces
mhthodes mettent en 6vidence le aspects tridimensionnels instationnaires et visqueux des 6coulements,
parfois sal connus sur ie plan exphrimental.

On moters entin que lea m6thodes "uler" seront sans doute encore largement exploit6es dans le
annes A venir, car les sdthodes "Navier Stokes", qui commencent i 6tre op6rationnelles, restent trim
cobteuses.
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DISCUSSION

A.Uqer -0 D T U, Turkey
(1) The downstream condition used by the authors is the non-reflection condition. What is

the upstream condition.

Author's response
At the upstream boundary the total pressure, the total temperature and one static condition,

e.g. the flow angle, are imposed.

(2) Is the 3-d code taking into account losses and how is it managed?

Author's response :
A conventional friction coefficient is imposed on the walls whenever the flow does not

separate, and constant pressure when the flow separates.

Oxford University, t.K.
There is a general comment to be made frcm the viewpoint of the experimentalists:

it would be useful to have calculation results presented as curves duplicating test results.
For example a plot of unsteady pressures on the blade surface can be directly compared to tes results,
whereas pressures inside the passage cannot be compared to test results.

Author's response :
There is certainly a lack of experimental results and theoreticians and experimentalists

should reach an agreement how to present results in order to allow comparison between computation and
tests.

H.Joubert, SNECW Villaroche, France

Pourquoi les auteurs n'utilisent-ils pas une condition de p6riodiciti spatio-temporelle pour
diminuer le domaine de calcul ?

Rkponse de l'auteur :

Le cas bi-dimensionnel 31153 aubes a td fait dans ces conditions. Lorsque le nombre
d'*tages devient plus important, cela est pratiquement impossible.
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SUQVY

In research and development testing of axial flow fan and compressor rigs the overall performance can
normally be determined to a satisfactory accuracy using conventional methods. It is known, however, that
conventional slow response instrumnetation does not respond correctly to the highly unsteady flows
encountered between blade rows in high speed turbomachines. Consequently measurements made in these
areas, in an attempt to "split the loss" of the machine, typicelly lead to gross errors in stage, or blade
element, performance assessments. A novel slow response temperature sensor, the Reverse-Kiel probe, has
been created by employing a judicious shield design in an attempt to allow the probe to indicate the
correct mass-weighted temperature of such unsteady turbomachinery flows.

The mass-weighted Reverse-Kiel temperature probe has been developed using some simple arguments
supported by flow visualisation and computational modelling. The predicted best probe designs were
evaluated and confirmed on the purpose built 'Blade-Wake' rig. The optimum probe has been built as a
standard rig probe and now is undergoing preliminary test studies.

LIST Or SY BOLS

C Absolute flow velocity
d Probe inlet hole diameter
K Constant
K Kinetic energy of turbulence
m Mass flux per unit area entering probe shield
M Mass flux per unit area of flow (external to probe)
Mn Mach number of flow
Re Reynolds number
Rf Recovery factor
t Time
T Absolute temperature
Tp Probe indicated temperature
Ts Calibration tunnel static temperature
Tt Calibration tunnel total temperature
U Rotor blade speed
V Relative flow velocity

SUBSCRIPTS

a Axial component
R Rotor relative
0 Total quantity
1 Rotor inlet
2 Rotor exit

GREEK SYMBOLS

Rate of turbulence dissipation
e Flow incidence angle relative to rig axis

Fluid density
r Period of pulsatile flow

I. r;r1KXUCTION

The advanced measurement technique detailed in this report has been developed to aid compressor
research and development. Compressor rig testing is carried out to determine the compressor
characteristics over a range of speeds and flow conditions. A schematic of a typical compressor test
facility is shown in Figure 1. Upstream of the test unit or compressor the inlet mass flow, pressure and
temperature are measured to the required accuracy. Downstream of the compressor the outlet temperature
and pressure are measured. It is then a simple matter to derive the isentropic (or polytropic) efficiency
of the unit. A multistage compressor (6 to 10 stages) will typically produce a temperature rise of 250 K
to 550 K. However a single stage compressor typically produces only a temperature rise of 50 K. It has
been found that when a small temperature rise is to be measured on a rig it is mre accurate to derive
work input using a shaft torquemeter (Reference 1) rather than make the measurement directly with a
thermocouple system. A non-contacting shaft torquemeter, such as the highly accurate phase-shift
transducer (Reference 2) yields net torque after corrections are made for rig bearing losses and windage,
and shaft modulus variation with temperature. From the net shaft torque and inlet mass flow function the
temperature rise through the compressor can be calculated. The inherent high acuracy of the torque
measuring devices leads to a more accurate determination of temperature rise than could be obtained from a
direct temperature measurement (in the case of small temperature rises).
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Hence the overall efficiency of a compressor can be determined to a satisfactory accuracy but a major
problem occurs when attempts are made to make efficiency measurement between blade rows. This is required
on a single stage machine, such as a model fan, to provide a thorough analysis of the individual
performances of the fan and the by-pass outlet guide vanes. Additionally the radial distribution of loss
(or efficiency) is required in order to assess the elemental performance of the fan blade which usually
has large caanges of stagger and camber over the blade span. In a multistage compressor rig, detailed
knowledge is required of the performance of each of the stages (and individual blade rows). It is found
that conventional, slow response pressure and temperature probes do not respond correctly to the highly
unsteady flows ncountered between blade rows in high speed turbomachinery and the resultant efficiency
derived from these measurements can be grossly in error. Consequently, compressor research and
development is hampered by the poor accuracy of conventional measurement techniques which do not permit
the compressor engineer to resolve the areas of deficiency along a blade span or between blade rows. This
leads directly to longer and mre costly compressor development paths.

The interstage instrumentation limitations arise because a steady state measurement approach has been
adopted without an appreciation of the effect of the unsteady flow on the input to the instrumentation.
The interstage flow is highly complex comprising unsteady rotating and stationary wakes, the residuals of
passage vortices etc. This paper concerns itself with the development of an interstage measurement
technique which yields encouraging improvements in performance assessments. The technique is required to
be low cost, rugged enough for routine testing and be preferably simple to manufacture, operate, record
and analyse. The target measurement accuracy for radial distribution of efficiency over a blade span, or
individual blade efficiency within a multistage compressor is ±0.5% of a point in efficiency.

The temr ature required to yield accurate efficiency measurements in turbomachinery .s the
mass-averaged' emerature. In a pulsatile flow of period T this equates to:

r M.T. dt
-A j- (1)

f .dt

and in conditions of fluctuating density and axial velocity is found not to be equal to the time-averaged
temperature, which is given by:

1 F''' (2)

T-- 
T. dt

Simple velocity triangles are drawn in Figure 2 for a compressor rotor. The flow associated with the
wake is arbitrarily taken to have 40% reduction of rotor relative velocity compared to the free stream or
jet flow. The rotor relative angle of the wake and jet flows are assumed to be equal. Consequently the
absolute angle of the wake flow increases over that of the jet flow. There is, howt ier, only a minimal
increase in the speed of the wake flow over the jet flow. Most importantly, it can readily be seen that
the whirl velocity (and therefore temperature rise via Euler) is increased in the wake and the axial
velocity is reduced in the wake. Hence in order to obtain the correct mass averaged temperature in a
pulsatile flow field, oscillating between jet and wake flows, it is necessary that the hot wake flow is
weighted by it's correspondingly low axial velocity and not by it's relatively high absolute velocity.
This presents the instrumentation engineer with a difficult task.

In this study a slow response temperature sensor (type K thermocouple) has been combined ith a
judicious shield design in an attempt to permit the probe to respond correctly in unsteady flows. in
particular, the design intent has been to produce a tefmferature probe which indicates the correct
mass-averaged temperature of the unsteady flows.

2. REVIU OF PREVIOU WM

PR VIUS ROLE-LYCE/,NFI .D S'DIES

In recognition of the requirement to make sensible (close to rotor) temperature measurements,
Cranfield and Rolls-Royce undertook a study to identify the error mechanism and to produce a new design of
probe which was demonstrably better. Much of the work carried out has already been reported as Reference
3 but additional work was undertaken with modified temperature probes which led to the discovery of a new
probe type with an apparently significantly improved res'unse in unsteady flows. The following precis of
the work leads onto the previously unreported new probe ype.

The cranfield study began by considering the velocity triangles at hut, mid-height and tip fot a
typical fan. Convective heat transfer from cylindrical sensors (hot wires) and spherical sensors
(thermocouple beads) was considered. Interr.l conduction effects and sensor shielding was also modelled.
By assuming the pulsatile flow to be an alternation of jet and wake flows at variable mark-space ratios it
was shown that an error would indeed exist between the temperature a sensor would indicate and the mass
averaged temperature. The magnitude of the error was shown to be a function of the relative convective
heat transfer coefficients of the jet and wake, the axial velocities and densities of the jet and wake
flows, the proportion of the blade pitch that the wake occupies and the flow sampling characteristics of
the probe itself. In practise, however, it would be highly unlikely that such details would be known
about the probe and flow (permitting the error to be defined). Therefore the use of the model, beyond
identifying the salient parameters, is restricted to estimating likely measured errors based on reasonable
estimates of the above parameters.

The model was used to estimate errors that a shielded and unshielded (bare thermocouple bead! probe
would experience when exposed to the hub, mid-height and tip velocity triangles in a typical fan. In
general it was confirmed that due to the large difference between the time averaged flow temperature and



the mass averaged flow temperature, significant errors (relative to the mass averaged temperature) would
be expected from the shielded probe, with a marginal improvement it an unshielded probe was used. In all
cases the largest errors ware seen at the fan tip.

Having produced a model which showed that the largest errors were associated with fan tip conditions,
a rig (8lade-Wake rig) which simulated the gross flow difference, at representative frequencies, was
developed. The rig was calibrated with a constant current anemometer to measure the dynamic temperature
profile, and calibrated using a constant temperature anemometer to record the dynamic velocity profile.
The rig was found to generate a wake of somL 40% of the blade pitch which was approximately 25 K hotter
than the jet flow. Various industry standard design probes (Reference 41 ware exposed to the flow on the
blade wake rig and their response recorded. As expected the largest errors were seen close to the rotor
trailing edge; at a downstream distance equal to 0.125 rotor chord, an open bead read 7.5 K high, a Kiel
shrouded probe read 6.5 K to 11 K high (depending on bleed hole area), a Cobra probe fitted with a
thermocriple read 5 K high and a cylindrical probe indicated 6 K high. However at one rotor chord
downstream all the probes indicated a temperature in close agreement with the mass averaged temperature.

It was suspected by Agnew (co-author of Reference 3) that a probe with a ma .ed yaw sensitivity would
be less influenced by wake (off angle) flow and using information in Reference 4, concerning angular
sensitivity of pneumatic probes, coupled with an empirical approach, he developed the "Reverse-Kiel"
probe. A number of Reverse-Kiel probes were built with oarying inlet diameters and applied to the Blade
Wake rig. The datum design, illustrated in Figure 3, seemed to be excellent showing negligible error at
only 0.25 rotor chord downstream of the rotor. It was then discovered that the correlation between probe
performance and probe design was not straightforward and that an understanding of the probe was largely
based on intuition and experimental evidence rathe, than detailed analysis. Consequently it was decided
to initiate a further progranme of study to appreciate how the Reverse-Kiel probe tended to respond to the
flow nass averaged temperature and to determine how to further improve the response of the probe.

3. DEVELOM e OF A MSS-AVEIPAGIM (VtSE-IKIEL) TEEIRME PROBE

The nature of the flow within the shield of the original (datum) Reverse-Kiel probe has been studied
using both, flow visualisation and computational studies. The flow visualisation was carried out on large
scale perspex models of the probe head, using smoke wire, and a novel hot wire method. These techniques
revealed the internal flow structure. In parallel with the flow visualisation, a 3D finite difference
numerical technique was used to model the probe and the flow which was used to assess a number of the
probe geometries investigated during the flow visualisat.cn t udies. Subsequently the flow predictions
were confirmed by the flow visualisation results. A theory is then proposed to explain how -.he Reverse-
Kiel temperature probe tends to indicate the desired flow mass-averaged ter..rature. A parametric
variation study on the original (datur Reve.se-Kiel probe design was carried out by combining the
quantitative data from the numerical model with the developed theory to predict the probe optimum desi.:.
which was tested on thi purpose built Blade-Wake rig.

CNSMATION OP FLOW FIELDS IN CEI IUCALLY SIILAR ENVI IIMM

The geometry of the Reverse-Kiel probe and its orientation relative to the incident flo suggests
that a jet like flow will be internally generated through the small inlet orifice of the probe. Knowledge
of the jet flow (or its resultant) within the shield is therefore required ir order to appreciate why th-
thermocouple junction in the Reverse-Kiel probe tends to indicate a mass ae~aged tempeiature and how the
jet flow can 'e controlled to improve and stabilise the probe response.

A review of literature on axisymnetri, jets revealed that this classical problem cf turbulent mixing
has largely been the subject of semi-empirical theories. Refere ice 5 gives a number of simple engineering
expressions for the general case of a turbulent jet issuing into paralle moving air streams, and it is a
trivial matter to reduce these expressions to the limiting case of a jet is :,q into a stationary fluid
However an important difference which exists between the jet cases reported .bove and the internal flow in
the Reverse-Kiel Probe is the presence and proximity of the internal walls of the shioud relative to the
flow issuing through the inlet orifice. In effect the situation equates to a sudden enlargement of cross
sectional area of 1:64. The internal geometry and small inlet orifice of the Reverse-Kiel Probe is not
unlike the rooms, and associated ventilation holes, studied in Reference 6. The study of mean flow fi Ids
within gas turbine axisummetic combustors is also of relevance to the Reverse-Kiel Probe because of the
similarity of internal geometries and possibly internal flows (e.g. reference 7).

The studies of axisymmetric jets, ventilating into rooms and combustior chamber flows can be expecte
to he of limited use in fully understanding the internal flow generated within the Reverse-Kiel Probes is
none of the flow situatiuns or geometries exactly match that in the Reverse-Kiel Probe where toe flow .
the probe is certainly not fully developed and where a large sudden expansion takes pl-.e into an ipen
ended cavity of length less tan 2.5 cavity diameters. The work reporte-I aove has, however, been helpful
in establishing an initial assessment -Z the flow process.

VT.W VIaM, S&TIs M S IES

The successful use of flow visualisat in technic-es in combtion chamber flows encouraged
exploration of the possibility of performing similar studies for the Reverse-Kiel probe genetry. A
variety of combustion chamber flows had been modelled but each inlet flow was fixed and remained steady.
The flow onto a Reverse-Kiel probe in a compressor is neither fixed nor steady, with varying conditions of
speed, incidence, temperature, heat transfer, turbulence etc. in thr wake and free stream. Consideration
of the probe size, flow velocity and flow periodicity, however, suggest an improved understanding of the
problem could be obtained using a quasi-steady moel for the following reasons. Consider the datum
Reverse-Kiel probe geometry (Figure 3) and the application of such a probe to a typical research
compressor downstream of the rotor with absolute speed of 250 in/s and blade passing frequency of 8 kHz.
In this case the flow is periodic repeating every 125 ms and *he flow transit period through the probe is
15 ,,s. Hence it is proposed that the flow through the probu can be approximated to a quasi-steady flow
switching betw..n states (this is clearly an assumption reqairing justification).

Flow visualt ation through a "full-slze" model of the Reverse-riel probe was considered to be
impracticable due to the minature dimensions of the probe. Consequently a larger scale model was
constructed to give a reasonable seeding and viewing volume. Various flow visualisition techniques were



considered to determine the external, but more importantly the internal flow (Reference 8). The most
promising and convenient technique for flow visualisation of this particular geometry and flow appeared to
be smoke (vaporised oil) flow visualisation (Reference 9). With the working fluid (air) being the same for
the probe and model cases, dynamic similarity dictates that a scaled-up model would need to be tested in a
corresponding air velocity. Consequently the datum probe geometry when exposed to a flow of 200 m/s was
simulated by a 50 times size model (conveniently giving an inlet diameter of 9 mm) in a 4 mVs flow.

Consequently a 50 times size perspex model of the probe shield was constructed and run on a purpose
built smoke flow visualisation tunnel at the Transport Technology Department at Loughborough University.
Smoke filaments were generated by a 30 element smoke rake positioned in the contraction area upstream of
the tunnel working section. The model shield could be yawed relative to the incident flow. Figure 4 is
an example of the results obtained from the Loughborough tunnel. The datum probe geometry is shown at an
incidence of 600 to the tunnel flow. The flow external to the perspex model is clearly visible, with
acceleration around, and separation from, the perspex model. A single smoke filament enters the model and
remains essentially axisymmetric (relative to the model) throughout its length. This characteristic was
seen to persist over a wide yaw range (± 750). Generally the Loughborough tunnel was quick and easy to
use and provided a useful Reynolds number range (based on inlet plate diameter) up to 1800. Unfortunately
the tunnel provided only details of the flow external to the shield but nothing on the internal flow
structure (except along the shield centre line).

An alternative facility, within Rolls-Royce, was used to study flows internal to the probe at a more
useful Reynolds number range of 1800 < Re < 3000. The method chosen to visualise the internal flow in th
same model was the smoke-wire technique (References 10 and 11). Three pairs of bosses were fixed into the
model to allow fine wires to be fixed horizontally across an internal diameter within the shield. The
wire was coated with a suitable oil (such as Shell "Ondina") so that small beads of oil form along the
length of the wire. The wire is suddenly heated (electrically) causing smoke filaments to originate from
each bead. Provided the Reynolds number (based upon wire diameter) does not exceed approximately 20, the
flow around the wire does not break down into a laminar vortex sheet and reasonable smoke filaments are
produced. The fixed wire positions were at axial distances of 2d, 8d and 12.5d downstream of the inlet
orifice (diameter d), with the 12.5d position corresponding to the axial location of the thermocouple bead
within the actual probe. The wires were spring loaded to maintain a diametral orientation without sagging
at temperature.

An alternative utilisation of the wires fitted for smoke flow visualisation is the novel hot wire
visualisation technique (developed as part of this programme). By continuously operating the wires 3t
elevated temperatures (through resistive heating) to glaw red (greater than 600*C) the convectiva heat
transfer over the wire length could be qualatatively judged by looking for grey (cooler) lengths of 4ire
corresponding to higher convective heat transfer and thus higher velocities. In particular this technique
was found to be very useful in defining the width, at each wire location, of the relatively high velocity
jet flow.

Results from the flow visualisation of the datum geometry model at 15* incidence on the Rolls-Royce
tunnel are included as Figure 5a (smoke flow visualisation) and Figure 5b (hot wire visualisation). At
this 2d position the central jet flow is evident with recirculation regions either side of the jet.
Figures 6a and 6b show similar results for the 12.5d sensor position at a model incidence of 30'. 1 clear
asymmetry of the jet within the probe is evident with both flow visualisation techniques.

The use of flow visualisation techniques in conjunction with a large scale perspex model of the
Reverse-Kiel probe has facilitated a good appreciation of the detailed flow structure expected within th,
actual Reverse-Kiel probe. The smoke flow visualisation studies at Loughborough University i-dicared that
there appeared to be surprisingly little difference in probe centre-line internal flow over the range of
model geometries tested, and over a wide range of flow incidences. The complimentary flow visualisatron
studies carried out at Rolls-Royce (using smoke wire and the novel hot wire flow visualisation techniques
revealed the detailed internal flows. It was found that although a jet-like structure was maintained to
large angles of incidence, there was a clear jet asymmetry within the shield of the model probe. These
observations of the detailed internal flow serve as a means of qualitative validation of numerical models.

3D FINITE DIFFERENC N UK CAL M)ELLJN OF FLOW

In parallel with the flow visualisation studies it was also decided to numerically model the
Reverse-Kiel probe geometry and associated flows. It was hoped that numerical modelling would enable a
faster, more efficient, more detailed parametric study of the probe geometry than could be achieved usinq
physical models with smoke flow visualisati n. The Rolls-loyce Predictions of Aerodynamics and Combustor
Emissions (PACE) suite of programses was identified as being able to model the three dimensional, steady,
elliptic, isothermal, turbulent flows associated with the Reverse-Kiel probe. PACE takes the continuity
equation and the three momentum equations or Navier-Stokes equations, and solves these four simultaneous
partial differential equations to yield pressure and the three components of velocity. The pressure field
must be chosen in such a way that the solutions of the momentum equations (in which the gradient if the
pressure appears) yield a velocity field which also satisfies continuity. This is achieved by using an
iterative technique, incorporating pressure and velocity corrections at each step, until both the
continuity and momentum equations are satisfied simultaneously. This scheme is based on that discussed in
Reference 12. A grid distribution, or mesh, is defined over the flow domain to be solved for. A finite
difference scheme is used to replace the partial differentials in the flow equations with ratios of finite
differences. PACE uses the k-K turbulence model (Reference 13) to represent time averaged turbulence
effects.

The initial flow geometries modelled using PACE were very simple (2 dimensional) but the model was
progressively extended until a 3 dimensional model, suitable for the intended parametric design variation,
was developed. The final version of the 3 dimensional model was based on a suitable mesh for the datum
Reverse-Kiel probe, but had sufficient resolution to be a reasonable mesh for a useful variation of inlet
hole diameter, inlet plate thickness, shield length and shield wall thickness (ie. outlet hole diameteri.
The mesh size was 30 axial lines x 27 radial lines x 17 circumferential lines. This gave a resolution of
5 axial lines and 5 radial lines through the inlet hole of the datum Reverse-Kiel probe.



The flow predictions for the datum geometry at zero incidence were compared to earlier two
dimensional flow predictions and found to be in good agreement. Additionally, the spread of the internal
jet flow was measured and found to be in reasonable agreement with jet spread angles noted with
axisymmetric jets, ventilation flows and combustion chamber flows. The hot wire flow visualisation
studies also fully supported the numerical predictions. Figures 7 and 8 show PACE predictions for an
axial velc-ity of 200 m/s with a flow incidence of 45' onto the datum geometry. Flow is seen to enter the
solution domain along the left hand side and bottom boundaries and exit the flow domain along the right
hand side and upper boundaries. The presence of the centre line blockages, simulating the datum probe
geometry, is seen to distort the flow field local to the probe geometry, but far downstream of the probe
the flow field is relatively undisturbed. Figure 8 is a windowed down version of Figure 7, to allow
closer examination o the flow within the shield. Flow enters the probe through the inlet orifice and
issues as a jet into the probe shield. However the internal jet is actually slightly offset (relative to
the probe centre in, axis) tending to turn back on the external flow direction. This characteristic was
also present in the results of the experimental modelling (Figure 6). Hence the PACE computations for
incident flow onto the datum Reverse-Kiel geometry correctly predicted the asymmetrical nature of the jet
within the probe shield, and it was concluded that the 3D PACE model could be used to examine parametric
design variations to the datum probe geometry.

4. CAVITY AVERA T TTPAT BE TU1Y AND PAPM C VARIATION

with a suitable model available for the parametric variation study, some criterion was sought by
which to judge various designs. To this end it was proposed that the thermocouple bead responds to the
average temperature of the flow within the shield, "the cavity averaged temperature" determined by
evaluating the energy flow into the shield over a complete crycle as follows:-

M. T dt
(3)

h edt

where f is the flow per unit area entering the cavity, Figure 9.

Now the true mass averaged temperature of the flow (equation 1) is:-

MT dt

T (1)
A dt

and M is the external mass flow per unit area. Therefore, it is reasonable to expect the Reverse Kiel
probe to provide the correct result only if m is proportional to M.

That is, the correct result can be expected only if the mass flow entering the cavity is at all times
proportional to the external velocity and the cosine of its incidence onto the probe, for constant
density flows).

i.e. a = K C cos 0 (where K is a constant)

A shield design which satisfies Equation (4), over a given range of flows, will input the correctly
weighted mass flux into the shield. Thus the cavity averaged temperature will equal the mass averaged
temperature over the given range of flows. This criterion can be used to evaluate Reverse-Kiel probe
designs.

The main PACE solver was specified to include a calculation, based on flow information from the last
iteration step, of the convected inlet mass flux through the inlet orifice of the shield being relled.
The parametric design variation encompassed 14 configurations and for each simulated probe geometry it was
considered that a minimum of 3 flow angles (0', 300 and 60') were required to establish how close the
particular design was to satisfying Equation (4). A constant value of absolute velocity of 250 us's was
chosen for the three flow angles as this required a variation in the axial velocity component, and
therefore mass flow, as the flow angle varied.

A selection of results from PACE of the parametric design study are shown in Figure 10. If the
characteristics of a probe are to satisfy Equation (4), then the non-dimensional inlet mass flow function

will be seen to vary with the cosine of the incident flow angle. Hence Figure 10 includes a curve
representing this ideal characteristic as a reference. Figure 10(a) indicates the effect on probe
performance of varying the inlet hole diameter for an otherwise datum probe design. Results are shown for
inlet diameters of 0.2 me (datum), 0.3 rrm, 0.5 rr, 0.9 mm and 1.5 rm. The 0.2 mm diameter inlet
represents the practical minimum for an aerodynamic probe not to suffer from "clogging" with airbore
contaminants. The datum probe is seen to have the worst response of the probes with the 0.5 me and 0.9 mm
inlet diameters very closely following the desired cosine response. At 60' incidence, the predicted order
of inlet diameter improving probe response is 0.2 rm, 0.3 rr, 1.5 rm, 0.9 mm and 0.5. Figure 10b)
indicates the effect on probe performance of varying the inlet hole diameter for a probe with a shield
length of 2.5 rmr. Results are shown for inlet diameters of 0.2 mm (datum), 0.5 mm and 0.9 rm. Comparing
Figures 10(a) and (h) it is clear that reducing the shield length fr a given inlet diameter increases the
angular sensitivity of the resultant probe. The results shown indicate that the short probes with the 0.5
err and 0.9 mm inlet holes are actually over-sensitive to incidence angle relative to the desired cosine
response.



It was recognised that a more complete analysis of total convected mass flux would be achieved byconsidering the flow at the exit of the probe, across the outlet hole diameter. However preliminary
analysis had shown that the inlet mass flux gteatly exceeded the reverse mass flux at the probe exit for
all but the extreme flow angles ie. greater than 600. Also the magnitude of the reverse mass flux
relative to the inlet mass flux reduced with increasing inlet diameter (the direction of the parametric
variation).

In conclusion to the parametric design variation and subsequ-nt analybis based on the cavity averaged
temperature theory, PACE predictions (tempered by practicalities) included a marginal improvement in the
datum probe response when fitted with a thinner inlet plate or a shorter overall shield length. No
advantage was predicted for reducing the exit hole diameter and the level of turbulence specified for the
PACE solutions was found to have a minimal effect on the predicted results. However the main design
feature governing probe response was predicted to be the inlet hole diameter with the optimum inlet hole
diameter, for an otherwise datum probe, being 0.5 mm or 0.9 mm (the original Cranfield study did not
include any probes of a greater inlet diameter than 0.3 m. Probes with inlet hole diameters of 0.5 mm or
0.9 me coupled with short (2.5 am) length shields ware predicted to be overly sensititve to incidence. As
a result of these numerical predictions, test thermocouple probes ware manufactured as a modular kit for
application on the Blade-Wake rig to examine both their response and the cavity averaged temperature
theory predictions and subsequently to select the optimum probe to be built as a rig stanAard instrument.

5. BLADE-WM RIG TESTIG

As a result of the development of the slow response, mass averaging, Reverse-Kiel temperature probe,
test thermocouple probes were manufactured and applied to the Blade-Wake rig. The Blade-Wake rig, shown
in Figure 11 and fully described in Reference 3, was a free running axial flow air turbine with 37 blades
(25.4 mm axial chord, 12.7 mm height) running at a design speed of 8,000 r.p.m. To generate a wide,
energetic wake the turbine blade trailing edges were blunt and occupied some 33% of the blade pitch. The
blade loading was light, comprising only of windage and bearing losses. Fourteen configurations (see
Table 1) of Reverse-Kiel temperature probe were applied to the Blade-Wake rig at 0.125, 0.25, 0.375, 0.5,
0.75, 1.0, 2.0 and 3.0 rotor axial chord lengths downstream of the rotor (trailing edge). At each axial
position the test probe temperature relative to a downstream reference probe temperature (the "error") was
noted. In recognition that the reference probe and the test probes will not necessarily have the same
recovery characteristics, the collated results are corrected by taking the "error" at any given axial
location and deducting from it the "error" at a distance of 5 axial chords downstream. In this way the
reference probe characteristics are eliminated from the results, with the test probe performance being
compared to itself at a far downstream position.

with all probes tested, the greatest errors were seen close to rotor trailing edge and these reduced
to zero (ie. probe temperature equal to flow mass meaned temperature) as the flow became more ordered with
advancing distance from the rotor. It was found that the error associated with probes having the datum
inlet hole diameter (0.2 am) was independent of inlet hole length (over the tested 4:1 range). It was
also noted that the general trend was that reducing the shield length marginally improved probe
performance. The main design feature which controlled probe performance was the inlet hole diameter.
Results are shown in Figure 12(a) which includes results from the bare wire thermocouple probe (H). It is
noteworthy that the earlier work had included a full flow survey at three radial heights with hot wire
anemometry. Significant radial variations ware noted at rotor exit and the characteristic of certain
probes at certain axial locations indicated a temperature less than the apparent mass meaned temperature
which -s attributed to radial fluid migration. Of the probes tested during this study, IF had the
largest inlet diameter, which samples some 12% (in the radial direction) of the rig annulus, and was
therefore most susceptible to radial fluid migration confusing equi-radial flow analysis. Figure 12(b)
shows the performance of the short length shield probes of differing inlet hole diameters. The bare wire
thermocouple probe was again included as a reference. At 0.125, 0.25 and 0.375 rotor axial chord, probe
2D (0.9 mm diameter inlet hole) was consistently more accurate than the other probes. From 0.5 rotor
axial chord onwards there was again little difference between the probes. Also, as before, the larger
inlet diameter probes, tend to indicate a slightly lower than correct mass averaged temperature until
beyond 0.5 rotor axial chord.

The probe configurations tested as lE and 2E require some explanation. Having proposed the Cavity
Averaged Temperature theory as the mechanism for the success of the Reverse-Kiel class of probe, it is
apparent that the convected inlet mass flux, rather than any consideration of an internal jet flow, is the
key feature to be be considered. A more uniform inlet distribution of convected mass flux might be
achieved if more than one inlet orifice was employed. The modelling limitations of PACE prohibited
investigation of multi-hole inlet plates, but it was a simple matter to make up probes 1E and 2E with a
central 0.2 m diameter hole and 8 x 0.2 ma diameter holes equi-spaced on a pitch circle diameter of 1 mm.
Based on inlet areas, this is equivalent to a single central 0.6 mm diameter inlet hole. The performance
of the standard length probe lE is shown in Figure 12(c), as the probe indicated error versus axial
downstream distance. The responses of probes ID (0.9 mm diameter) and IG (0.5 = diameter) are also
included. The cumulative inlet area of the E-series probe response is seen to lie between the G-series
and D-series probes. It appears that the response of the probe is closely governed by the inlet areas and
that the form of that area (single or milti-hole) is not critical to the performance of the probe. This,
of course, is not inconsistent with the Cavity Averaged Temperature theory.

The probe which indicated the least error on the Blade-Wake rig was 2D. At 0.25 and 0.375 rotor
axial chord the probe error was 0.5 K and 0.2 K respectively. At these same positions the datum
Reverse-Kiel probe, IA, indicated errors of 1.6 K and 0.9 K respectively. The bare bead (unshielded)
thermocouple, probe H, was seen to indicate 3 K and 1.2 K error at these distances. Hence probe 2D was
demonstrated to reduce the error by a factor of six over a bare bead thermocouple and reduce the error by
a factor of three to four over the datum Reverse-Kiel probe. Therefore probe 2D was selected as the basis
for the rig standard Reverse-Kiel probe and manufactured accordingly.

A comment on the predictive accuracies of PACE is also relevant here. Using the Cavity Averaged
Temperature theory in conjunction with PACE it was predicted that

(a) a marginal improvement in probe response Lould be achieved by shortening the probe shield,

(b) a marginal improvement could also be achieved by using a thinner inlet plate and
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(c) a major improvement could be made by using a 0.5 mm or 0.9 me diameter inlet hole (the predicted

order of increasing probe accuracy being 0.2 mm, 0.3 me, 1.5 m, 0.9 am, 0.5 am).

As a result of testing on the Blade-Wake rig it was found that

i) a marginal improvement in probe response was achieved by shortening the probe shield,

ii) no discernible difference was observed in varying the inlet plate thickness and

iii) a major improvement was made by using an 0.9 m diameter inlet hole (the measured order of increasing
probe accuracy being 0.2m, 0.5 ime, 1.5 mm, 0.9 m).

It is concluded that the analysis of PACE data using the Cavity Averaged Temperature theory has been
very successful in identifying the changes in probe design necessary to optimise probe performance.

6. A4DCONUC QaLIBRATI(C OM

An aerodynamic recovery factor calibration was carried out on the rig standard Reverse-Kiel probe in
a wind tunnel of known flow.

Recovery Factor, Rf - Tp - Ts (5)

Tt - Ts

It was found that the recovery factor for this probe tended to be low (- 0.75) and its yaw
sensitivity influenced by the precise position of the bead within the sensor. This provides users of the
probe with a problem at high Mach nunbers where the recovery correction can be significant.

7. FAN AN) (COMESSOR BIG TES'1G

To date only limited testing has been undertaken but where it has been applied, integrated mass
averaged temperatures derived using the Reverse Kiel Probe have agreed with torquemeter readings better
than those obtained using conventional combination probes. Of the very few results, however, some have
been confusing and have not been as encouraging as the Blade Wake measurements but further testing is to
be undertaken shortly.

8. NCASIQ1NS AND REOMCNWIrCNS

A slow response temperature sensor has been combined with a judicious shield design in an attempt to
permit the probe to respond correctly in a variety of unsteady turbomachinery flows ie. to indicate the
correct mass-weighted temperature of flows.

8.1 The mass-weighted Reverse-Kiel temperature probe has been developed using ideas from flow fields in
similar geometries, flow visualisation studies (which included the development of the new technique
of hot wire visualisation) and computational fluid dynamics modelling. A parametric variation on the
probe design was assessed using the proposed cavity averaged temperature theory which considered the
inlet mass flux characteristics associated with each design. The predicted best designs we,e
manufactured and tested on the purpose built Blade-Wake rig.

8.2 The testing on the Blade-Wake rig largely confirmed the numerical predictions and the performance of
the optima probe was quantified. At close to rotor trailing edge positions (ie. 0.25 to 0.375 rotor
axial chord downstream) the optimum probe was demonstrated to reduce the error by a factor of six
over a bare bead thermocouple and reduce the error by a factor of three to four over the datum
Reverse-Kiel probe. The optium probe was therefore selected as the basis for a rig standard
Reverse-Kiel probe.

8.3 It is inconvenient, and potentially a source of error, for the Reverse-Kiel temperature probe
recovery characteristics to be so low.

In conclusion, it is felt that a significant advance has been achieved towards the goal of measuring
interstage temperature using a comparatively 'low technology' probe and its wider use in research fan and
compLssor rigs is anticipated.
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Inlet Plate Shield
Probe Length
Designation Hole Diameter Hole Length in mm

in mm in nm

IA 0.2 0.25 3.4

2A 0.2 0.25 2.25

lB 0.2 0.125 3.4

2B 0.2 0.125 2.25

IC 0.2 0.5 3.4

2C 0.2 0.5 2.25

1D 0.9 0.25 3.4

2D 0.9 0.25 2.25

IE * 9 x 0.2 0.25 3.4

2E * 9 x 0.2 0.25 2.25

1F 1.5 - 3.4

2F 1.5 - 2.25

IG 0.5 0.25 3.4

2G 0.5 0.25 2.25

8 holes were drilled of 0.2m diameter on a PCD of Imm, in
addition to a central hole of 0.2mm diameter.

A bare wire thermocouple (unshielded) was also tested and is
designated Probe H.

TABLE 1 rIGNTICN Or THMW s ROB aO IGUAATIONS
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Figure 4 smoke visualisation of Flow in the model
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Figure 5 Smoke wire (a) and Hot Wire (b) visualisation
of Flow in the model at 15* Incidence (Hucknall
Facility)
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SUMMARY

The influence of a downstream stator row on the measurement of compressor rotor performance has
been examined using a CFD code backed by laser anemometry data on a transonic fan stage. The upstream
potential influence of the stator causes unsteady circulation about the rotor blades which is a function of the
rotor circumferential position. This, in turn, results in a non-uniform circumferential pattern of time averaged
temperature and pressure in the stationary frame. An analytical theory relating the temperature and pressure
variations to the circulation perturbation is presented and shown to give good agreement with the numerical
calculations. The results of a parametric study show that the magnitude of this effect is a strong function of
rotor-stator blade row spacing and relative blade counts. The effects range from negligible for large spacings
typical of high bypass ratio fans to several percent of the stage pressure and temperature rise for closely spaced
blade rows typical of high compressors. Because the temperature and pressure perturbations are in spatial
phase,.the net effect on measured rotor efficiency is negligible so long as the pressure and temperature
measurements are made in the same location relative to the stators. If they are not, errors of ±1.5% can result.
The effects of axial position and stator loading are shown to be relatively small.

INTRODUCTION

Aerodynamic performance measurements are the most basic of turbomachinery tools, required for
research, design verification, and development. By performance we refer to measurements of average
temperature and pressure made of the machine inflow and outflow as well as between the blade rows, used to
deduce the turbomachine work and efficiency. It has long been recognized that the interpretation of these
measurements is far from straightforward.

Because these turbomachine flow fields aje spatially nonuniform and highly unsteady, questions
concerned with averaging have received considerable attention. These concerns have started at the probe inlet
(how do conventional pitot type probes behave in unsteady flow fields [1]) and continue through to
measurement interpretation (which averaging technique -- time, mass, stream thrust, etc. -- most closely
represents the thermodynamic quantities of interest 121). Here, we are concerned with questions of spatial
uniformity and spatial averaging.

The best agreements between aerodynamic and shaft torque-based efficiency measurements are generally
found when the aerodynamic measurements are made far downstream of the turbomachine in a region of
uniform flow. In this case, the fluid mechanics of mixing have homogenized the flow. effectively spatially
averaging the temperature and pressure (and incurring a mixing loss in the process, of course). Often. such
preferred probe placement is not possible. The probes may be embedded within the blade rows and often, to
reduce blockage, within the stators themselves. This is especially true in cases in which the rotor performance
is required, in multistage machines when individual stage behavior must be measured, and in small machines in
which instrumentation placement is extremely constrained by blockage and access problems.

Any stationary intra-turbomachine instrumentation placement is dependent on the presumption that the
flow is uniform in the pitchwise direction to the degree that it is adequately sampled by relatively few rakes
mounted about the circumference. For stator leading edge mounted probes in compressors, for example, the
flow is presumed to be completely azimuthally uniform since only one pitchwise position relative to the stators
(e.g. the stator leading edge) is sampled. We know that the flow is not uniform in the case of multistage
machines in which upstream stators clearly introduce azimuthal variation. Circumferential traversing of probes
and rakes solves this problem but is often not done (especially in compressors) due to access, blockage, or cost
considerations. The goal of the work described herein was to examine the importance of probe placement to
the measurement of aerodynamic performance in high speed compressors, and then generate guidelines for
probe placement and/or data "correction". This is very much work in progress but we feel that the results to
date are of general interest.



14-2

The methodology adopted was to employ a multiblade row, unsteady two-dimensional computational
fluid mechanics (CFD) calculation as the basic tool and compare measurements at various locations as calculated
by the code with the true mass averaged performance of the compressor. The basic fidelity of the calculation
was assessed by comparison of the CFD results with laser anemometer measurements where available. The
following sections describe the calculational procedure, the compressor examined, the code verification, the
calculated spatial variation of aerodynamic performance, a discussion of fluid mechanic mechanisms generating
the variations, and the implications and recommendations for the accuracy of performance measurements.

CALCULATIONAL PROCEDURE

The basic tool for this study was a two-dimensional, multiblade row, unsteady, computational fluid
mechanics code known as UNSFLO. UNSFLO uses Ni's explicit Lax-Wendroff method to solve the unsteady
Euler equations on an unstructured grid of quadrilateral cells. A time-inclined computation plane facilitates the
calculation of stages with unequal rotor-stator numbers, greatly reducing the computation time required. For
the calculations presented here, approximately 16,000 grid points were used. The computations were done for
either one rotor and one stator passage or two rotor and three stator passages, depending on the relative blade
row count. The time tilting then serves to adjust the calculation to the desired blade row pitch ratio. More
details on the solution method can be found in [3] and [4].

Approximately 10,00 iterations were required for an initial steady state solution with approximately an
equal number required to achieve unsteady periodicity (this was approximately 30 blade passing periods). A
typical solution time was approximately 10 hours on a three processor Alliant FX/8 computer, or 6 hours on a
Stellar, or 90 hours on a DEC iVAX-Ill (all three machines were used at different times).

The work described herein uses an inviscid version of the code. Furthes calculations using the viscous
version are underway and will be reported at a later date. A specific advantage of UNSFLO for this
investigation is that it permits essentially arbitrary rotor-stator pitches (blade counts) while incumng little
computational overhead. This greatly facilitates parametric examination of the importance of stage design
parameters on measurement accuracy.

COMPRESSOR DESCRIPTION

The compressor chosen for this study is a 1.68 pressure ratio, low aspect ratio, single-stage transonic fan
stage designed at the NASA Lewis Research Center in the mid 1970's 15]. Known as stage 67, this 0.5 meter
diameter machine was selected primarily because of the large amount of experimental data -- including laser
anemometry 16], [7], and time resolved intrastage flow measurements 18] -- which are in the public domain.
Also, there is a considerable number of 2-D, 3-D, inviscid, and viscous calculations published on this geoinetry
[9), [101. The flow path is shown in Figure 1. Calculations were done only for the 2-D streamsurface
indicated, which is slightly outboard of the sonic radius. This position was selected because of the availability
of both laser anemometer and high response probe data at that location as well as a detailed, unsteady 2-D
viscous solution 1101.

2-D. Unsteady.
Response Measurements

23

Arremometry Shock
Data Location

- 18 - Calculated

~ 13 Measured ,

2 3 8 13 1'8 23a

Axial Distance (cm)

Fig. 1: Flow path of NASA LcRC stage 67 Fig. 2: Comparison of measured and calculated
showing streamline used in this study shock pcsitions



VERIFICATION OF CFD CALCULATION

Although UNSFLO had been shown to give quite good results with turbines, it had not been previously
used for high speed compressors. Therefore, it was thought important to establish the fidelity of the calculation
by comparison with data. Also, the influence of the inviscid flow assumption had to be assessed. Table I
compares the calculated and measured values of specific flow (mass flow per unit .rea), and the stage pressure
and temperature ratio at the stage exit along the selected streamline at the design point conditions. These are
quite close for an inviscid calculation. At this condition, there is a small discrepancy between the axial location
of the calculated and measured (by laser anemometry [6]) shock wave positions shown in Figure 2. This :an be
explained by a small difference in rotor blade incidence angle and the absence of boundary layer blockage in a
design with small choke margin.

TABLE 1
Comparison of Calculated and Measured Performance

Along a 2-D Streamtube Near Midspan

CFD Measured
Mass Flow (pU) 280.1 276.8
Pt3/Pt0 1.609 1.634
Tt3/TtO 1.153 1.160

The circumferential variation in the time averaged total temperature as calculated with the Euler turbine
equation from the circumferential velocity change at an axial station between the rotor and stato. is shown in
Figure 3 for both the laser anemometer data and the CFD calculation. Although the absolute levels differ by a
small amount, the level of circumferential variation in temperature is quite well predicted. The experimental
and predicted pitchwise variation in axial velocity perturbation also agree well (Fig. 4).

We conclude from comparisons including those above that the inviscid CFD calculation is capturing the
essential features of the flow field, giving an adequate picture of the spatial distribution of the compressor flow.

Pitchwise Position Pitchwise Position

LFA Data MeasLFA Data FA Data Measurement

Line - Ln

UNSFLO Simulation UNSFLO Simulation

Stators Stators

F T 1 T i r r- -

-1.0 0.0 t.0 -10 000 10

T-T x 1oo% u-U 0o
T U

Fig. 3: Comparison of measured and calculated Fig. 4: As in Fig. 3, but cotiparison of the lime
time-averaged temperature estimated with averaged axial Nclocily disiribuijon: L.J is
Euler's turbine equation from the tangential the local axial velocily: U the piichwise
velocity, as a function of pitchwise location, averaged velocity.
T is the local temperature. T the pitchwise
averaged temperature.



14-4

.436 .104 Station

Circulation .10

5 .432 .10~0 tO Station

Station )

.430 .098 0
Lift

.428 .096
0 .25 .5 .75 1.0

Blade Passing Period
1 0 -1

Fig. 5: Time variation of rotor blade circulation Fig. 6: Pitchwise vorticity distribution at one instant
and lift as a function of blade passing period in time illustrating the magnitude of the shed
(time required to traverse one stator pitch) vorticity perturbation. o._compared to the

time averaged vorticity, o

CALCULATIONA. RESULTS

The Euler temperature measurements and calculations of Figure 3 show a significant variation in the
flowfield temperature with pitchwise position, about ±1% (6'K). Before looking in more detail at probe
placement effects, let us try to understand why the flowfield in the compressor behaves in this manner -- what
causes flow variations on the order of the stator spacing? An obvious answer is the upstream influence of the
potential field of the stator on the rotor aerodynamics. Indeed, this can be seen in the variation of rotor blade
circulation and lift with pitchwise position (Figure 5). The change in circulation results in the shedding 
vorticity downstream of the rotor (Figure 6). In addition, the change in lift and back pressure moves tie
passage shock wave, varying its strength and thus the entropy it produces. This is the only explicit source oi
loss in this inviscid calculation. Since the work done by the rotor htade varies with '),sitiin, the temperature'
and pressure fields wili vary as well.

VORTEX SHEET ANALYSIS OF THE TIME AVERAGED SPATIAl. FLOW VARIATION

Given the variation in rotor blade circulation induced by the potential field ot the doA nstrearn stators. kk c
can calculate the spatial variation in the time averaged flow field analytically as well as numerically. Ilorlhck
SI Ij calculated the stagnation pressure variation due to the circulation change for art incompressible tlow usine

a continuous vortex ';beet model, assuming the distribution to be sinusoidal i.e. considering only the first
spatial harmonic). Here, we attack the problem somewhat differently. pernittina arbitrar, spatial variation and
generaliiing the analysis to enthalpy variation, so that compressible flow may be analyed.

In the absolute, stator frame ot reference. the flow can he niutdelled as a sequence of propaizating ,,rie,
sheets passing through an otherwise ir-rotational flow field. Since the unsteady circulation aroutnd the rotor
blades is phase-locked to the stai r motion relative to the r,)ttrs. in the abi ittle traine the low field is periodic
in time. with the period being equal to the rotor blade passing period. [uts, at a hxed point in the aoselute
frame, the vortex sheets which pass by always have the sane streiih It is this fact %\hich ciuses tile Irte.
averaged stagnation entlthalpy (o be spially non-tinitnu

The stanii g point tr the aiii\sis is (fCCsc
, 
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Assuming that the flow is isentropic and irrotational, except for the passing unsteady vortex sheets shed
by the rotors due to their varying circulation, time-averaging gives

VH o = ux(o (2)

where the sole contribution to the time average ux(o comes from the passing vortex sheets.

Defining uto(x,y) to be the local velocity u(x,y,t) at the time t at which the vortex sheet passes the point
(x,y), y being the tangential direction, it follows that

.0Vo = 0  (3)

and hence H0 is constant along pathlines generated by vortex sheet elements.

Given this result for the "convection" of H0 , it is now sufficient to find the variation of HO in the
circumferential y-direction, at the x-location corresponding to the rotor's trailing edge.

With a suitable choice of origin, the position of the trailing edge of one particular rotor blade is given by
(x,y) = (0,Vt), where V is the rotor wheel speed. Near the trailing edge, the vorticity distribution is given by a
delta function in a coordinate system which is rotated to be normal to the vortex sheet.

co(x,y,t) = -y8 ((y-Vt)cos a - x sin (x) (4)

ot is the rotor-relative flow angle at the trailing edge, and y is the strength of the vortex sheet shed at the
trailing edge of the rotor which varies as the rotor moves, and so is a function of the position of the trailing
edge. Kelvin's theorem (which is valid for an isentropic compressible fluid) gives the following relationship
between yy) and F(y), the circulation around the rotor which is also a function of y, the position of the trailing
edge.

U d _ v d (5)
7 dt dy

In the above equation, U is the magnitude of the rotor-relative velocity at the trailing edge, averaged over the
two sides of the trailing edge. With these pieces, and defining T to be the blade passing period, it is now
possible to calculate the variation of HO in the y-direction.

alH0 -- _
-= -UoOy

S Cos co :I (t o dt

TV
(65)

1 dF
T dv

Integrating this equation produces the final, simple relationship between the perturbation in the time-

averaged stagnation enthalpy 14; and the perurbation in the circulation F'.

l I1.'= I" 7
I t

This analysis, of course, does not tell us what the circulation perturbation is: that would require

considerably more work.
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We can, however, take the circulation 1 UNSFLO(CFD)
perturbation from the numerical analysis - - Eq. (7)
(Fig. 5), and use that to predict the spatial ------- Horlock 1st Harmonic
variation in stagnation enthalpy. This is
compared to the numerically calculated
variation and to that predicted using x
Horlock's method [Il] in Figure 7. The i 0 -
close agreement among the three is
primarily a consistency check between the
analytical and numerical methods, lending
credence to both. It also shows that, at least
for this geometry, the spatial variation in
circulation is essentially sinusoidal and that -11
those phenomena modelled numerically but 0.0 0.2 0.4 0.6 0.8 1.0
not analytically -- shot k wave effects, for AF
example -- are not important here. (r)_ Pitch

Fig. 7: Pitchwise enthalpy distribution as calculated
by the CFD code UNSFLO, Eq. (7), and
using Horlock's methods I I ]

PARAMETRIC EXAMINATION OF THE INFLUENCE OF DESIGN VARIABLES

If the pitchwise flowfield variation is primarily due to the potential field of the stators, we would expect
that the magnitude of this effect to vary with stage design parameters -- in particular, with the axial distance
between the rotor and stator (the gap) and the relative spacing between adjacent stator blades compared to the
spacing between rotor blades (the pitch ratio). The rotor-stator gap should be important since the potential
influence of the stators should die out exponentially upstream of the stators. Thus, increasing the gap should
decrease the pitchwise flowfield variations. Similarly, increasing the pitch ratio (the number of stator blades
relative to the number of rotor blades) should decrease the pitchwise flow variation since in the limit of an
infinite number of stators, the time averaged pitchwise flowfield must be uniform.

We infer from the above that it is important to parametrically examine the influence of these effects,
especially since, depending upon the application, there are very large variations in rotor-stator gap and pitch
ratios. Gaps can vary from as low as 10% of rotor chord in high compressors to 400% in high bypass ratio
fans. Also, the gaps are, in general, not fixed but can vary with radius due to blade sweep. Similarly, rotor-
stator pitch ratios can vary from 2 to 0.1 ( a few large struts about the circumference). The stage studied has a
design gap of 0.78 (axial distance between rotor trailing edge and the stator leading edge divided by the rotor
axial chord) and a pitch ratio of 1.45 (rotor pitch divided by stator pitch). The relatively large gap had been

1.144 15% Chord 1.58
20% Chord

, Upstream 0.515% Chord
1.143 1 57 20% Chord

___ MEAN - 0Upstream
_ .... 0MEAN

C, 1,141 1 7 1.56

E
-0 5 k. "--

'140 1- 1 55
-15

1 138 - 1 54!

00 025 0.5 075 1 0 00 025 05 075 1 0

I (Pitchwise Postion)/(Stator Pitch) I L (Ptchwse Positon)(Stator Pitch) i
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Fig. 8: Pitchwise distnbution (f time averaged stage temperature and press.re ratio at two axial locations (as
percentage of stator axial chord). The rotor-stator gap is (.2 and the rotor-stator pitch ratio is 1.45.
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selected to facilitate detailed intra-stage measurements. Because the UNSFLO CFD code readily accepts
essentially arbitrary pitch ratios, it was straightforward to parametrically vary the gap and pitch ratio of the
calculations (the stator pitch was varied, the rotor pitch held constant -- essentialiy stator blades were added or
deleted).

The calculated pitchwise variations in the time averaged rotor temperature and pressure ratio for a gap
of 0.2 and pitch ratio of 1.45 are shown in Figure 8 for measurement simulated at two axial stations upstream
of the stator leading edge, 15 and 20 percent of the stator axial chord. There are several important
observations to make here. The first is that the pitchwise variation in flow quantities is quite substantial, so
these are not negligible effects. The second is that the pitchwise distribution of temperature and pressure are
more sensitive to the axial measurement location than is the magnitude of the variation. The third observation
is that the pressure and temperature variations are in phase with each other and of similar magnitude. For this
reason, we will only present the results for temperature ratio from here on. Both area and mass averages were
calculated but differed by less than 0.002% for these flows so that only area averages are presented,

The pitchwise variation in the time averaged total temperature between the rotor and stator is shown in
Figure 9 as a function of rotor-stator pitch ratio for a fixed gap of 0.2 for two axial measurement stations
immediately behind the rotor and 10% of stator chord upstream of the stator leading edge. The temperature is
plotted as the local deviation from the pitchwise mean (the time averaged local temperature, T 2 , minus the
pitchwise average of the time averaged total temperature, T2 ) normalized by the mean rotor temperature rise

(T 2 minus the average rotor inlet total temperature, T 1 ). Note that the magnitude of the pitchwise temperature

variation changes from quite small at large pitch ratios (2) to quite large at pitch ratios approaching 1. The
difference in distance between the rotor and stator in the three cases implies a difference in convection times
from the rotor trailing edge to the stators, thus the relative phase shift seen in the near stator leading edge plots.
The variation with rotor-stator gap for the same two axial stations is shown in Figure 10 for a fixed pitch ratio
of 1.45. Note here that, at the gaps typical of fans (0.75-4), the effects are small; but at the closer spacing
typical to compressors, the spatial variation becomes significant.

The above plots reflect the pitchwise nonuniformity of the time averaged flowfield. They also illustrate
that the flow is nonuniform in the axial direction as well. While the variation with pitchwise position is larger
than that for axial position, the axial variation is not negligible.

Rotor Pitch Rotor Pitch
10 -j Stator Pitch 10 Stator Pitch

0.94
5 5 0.94

1.45 ae 1 45
02.00 020 2.00

xx

,Rp-5 -5

-16 -10

15 15. _ _ _ _ _ ,

0.0 0.25 0.5 075 1 0 0,0 0.2 04 0.6 0.8 1 0

1 Pitchwise Position I I Pitchwise Position I
LE LE LE LE

(a) At Rotor Trailing Edge (b) 10% Upstream ot Stator

Fig. 9: The effect of rotor-stator pitch ratio (number of rotors/number of stators) on the normalized, time
averaged temperature rise as would be measured at different pitchwise positions
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Fig. 10: The effects of rotor-stator spacing (gap) on the normalized, time averaged rotor temperature rise as
would be measured at different pitchwise positions

EFFECTS ON MEASURED EFFICIENCY

A primary measure of compressor performance is adiabatic efficiency, which can be calculated from the
measured total temperature and pressure. The efficiency calculated from the time averaged temperature and
pressure at each pitchwise location in Figure 8 is plotted in Figure II as the efficiency perturbation - the local
efficiency, 71, minus the pitchwise mean, 11. Here, we see that the variation of efficiency with pitchwise
location is very small, although the variations of pressure and temperature are not. The reason for this is that
the pitchwise flow variations result predominantly from the variation in rotor blade lift and work as the rotor
blades pass through the potential field of the
stator blades. This variation in work is
performed at essentially constant efficiency (at Pitchwise Position
least in this inviscid calculation) so that the
pitchwise variation in temperature and
pressure are in phase, as can be seen in Fig-
ure 8. 15% Chord

Upstream
It is very important to note that small

efficiency variations seen in Figure II are 20% Chord
based on the presumption that the pressure and Upstream
temperature are measured in exactly the same
pitchwise location. This is not necessarily the
case in all measurement programs. The result Stators
of arbitrary pitchwise location of the
temperature and pressure probes relative to
each other and the stator leading edges at one
axial location is shown in Figure 12 as
contours of local adiabatic efficient error (the
local value minus the average). The variation __

for the worst case (one probe in mid passage, -025 000 0 25
the other at the stator leading edge) is 3%. a
significant error. We conclude from this that 01- tO0%

it is extrzmely important to locate pressure and
temperature instrumentation at the same Fig. 1t Adiabatic efficiency deviation front the
pitchwise locations relative to the stator blades pichwiscAmeaniforftheny odv iniFigro atto avoid this type of sampling errors. pitchwise mean for the flow in Fig 6 at

two axial stations upstream of the stator

leading edge



MEASUREMENTS NEAR THE STATOR LEADING EDGE PLANE

Instrumentation on multistage compressors is most commonly done by cantilevering probes from the
stator leading edge, in order to minimize blockage. Fortunately, this will also minimize the sampling errors in
efficiency measurement by ensuring that the probes are placed at the same relative pitchwise location, as
mentioned above.

We wished to examine whether small changes in axial probe position near the stator leading edge plane
would influence accuracy (in other words, does the length of the pitot tube cantilever matter). In this inviscid
calculation, the leading edge flows are not resolved in sufficient detail to permit an accurate assessment in that
region. Therefore, the fl )w near midpassage was examined. Figure 13 shows the deviation in measured
efficiency for small changes in the probe axial location. The effects are essentially negligible.

INFLUENCE OF STATOR LOADING

The influence of stator loading on the blade row interactions was examined by generating a family of
similar airfoils with differing camber. The results are illustrated in Figure 14, which shows a relatively small
influence on rotor exit temperature distribution for a ±8 degree change in stator tuining.

TIME UNSTEADY FLOW

So far, we have examined only the time averaged flow field. The time resolved flow is, of course.
influenced by the blade row interaction as well. The spatial distribution of the time average is a reflection of
the variation of the time resolved rotor exit flow field with instantaneous pitchwise position. This is illustrated
in Figure 15, which shows the instantaneous temperature ratio at two pitchwise positions upstream at the same
axial station in the rotor stator gap. Note that the waveform shape changes as well as the mean level. This may
introduce a small error in pitot type probes [ 1].

CONCLUSIONS

The work to date has concentrated on examining the influence of rotor-stator interactions on the
measurement of compressor rotor performance. The results can be summarized as follows:

1. The upstream potential field of the stators results in unsteady lift on the upstream rotor blade.

0.25
0.75

0
0

-.5 0.00
20.50

T 0.25-0.25a-
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0.00 -0.50 1

0.00 0.25 0.50 0.75 1.00 -0.2 -0.1 0.0 01 02
Temperature Probe Position Axial Position/Stator Chord

Fig. 12: Error in efficiency (deviation from the Fig. 13: Variation in apparent effiiency
average efficiency) as a function of the measurtiment with probe axial position
locations of the temperature and pressure near stator midpassage
probes relative to each other and the
stators. --- lir- of similar placement.
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2. The unsteady rotor lift results in circumferential or pitchwise nonuniformity of the iotor exit time averaged
flow field.

3. The magnitude of the pitchwise nonuniformity is strongly dependent on the rotor stator spacing and the
relative number of rotor and stator blades.

4. At blade row spacings typical of high bypass ratio turbofans, the nonuniformity is negligible.

5. At blade row spacings typical of compressors, the flow nonuniformity can be substantial, ±2-3% of the stage
average temperature or pressure rise (about 1.5'C for the stage studied).

6. Although the temperature and pressure nonuniformity is large, the adiabatic efficiency is nearly uniform
since the temperature and pressure variations are in phase.

7. Stator leading edge temperature and pressure instrumentation will, therefore, read about I% high but the
resultant efficiency will be within 0.2% of the true pitchwise average.

8. Placing temperature and pressure instrumentation at different relative circumferential positions can result in
large efficiency errors, ±1.5% for the stage studied.

This is very much a report on work in progress. A viscous version of the CFD code is now being run
and other geometries will be examined. An experimental verification of these conclusions is being planned.
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DISCUSSION

Ph. Ramette - SEP, France
The paper is based on inviscid flow calculations using the Euler equations.Has the viscous

version of the code been already tested and will it modify the conclusions?

Author's response
First results from the viscous version of the multiblade row code UNSFO are )ust arriving. It

is expected that the trends remain the same, although the magnitudes may increase somewhat. Also the
conclusion that the efficiency remains almost constant accross the stator gap if the temperature and
pressure probes are co-located may change wnen viscous losses are present.

S.C.P.Cook - Rolls-Royce, Derby, U.K.
Could the authors comment on the magnitude of errors, seen typically in measuring efficiency

by their industrial sponsor, i.e. are the errors seen of the same order of magnitude or greater than
the predictions presented in the paperO

Author's response :
Measurement discrepancies on the order of 50K have been observed in the rear stages of high

pressure compressors. This is higher than the numbers presented in this paper but, of course, the
geometries are different and so one would expect the flows to be somewiat different as well.

Coents by H.B. eyer - DLR Cologne, Germany
The paper demonstrates two sources of major errors when performing 'easurements downstream of

rotors. There is, however, a third error often neglected, which derives from the local throttlir of
i merged probes.
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SUMMARY

A two-dimensional finite volume TVD Euler solver, suited to handle time-dependent transonic flow fields
in turbomachinery components, is here presented and used togheter with a method of characteristics (using a
shock fitting technique) and with an explicit central-difference finite volume code in order to investigate
unsteady flow fields. Special care is given to the accurate treatment of boundary conditions, both of solid-wall
and far-field type. The method is used to compute two unsteady flow problems which have features of transonic
internal flows of practical importance in the analysis of turbomachinery components. The problems are the
unsteady flow in a transonic nozzle with oscillating back pressure and the transonic flow in a rotor blade row
with translating disturbancies at the inflow boundary simulating the wakes shed by a preceding stator blade row.
In the first problem the influence of oscillation frequency upon the flow field is investigated with the three
methods so as to obtain some indications of the relative accuracies of the schemes and a better understanding of
the physical phenomena occurring.

INTRODUCTION

The numerical solution of unsteady fluid dynamics in turbomachinery is gaining more and more interest in
view of a better permormance prediction and a correct mechanical design of the most stressed components.
Actually the most dangerous and least known stresses on turbomachinery bladings are mainly due to pulsating
forces and to.aeroelastic instability phenomena. The experimental investigation in this field often encounters great
difficulties to properly account for differences in shape, amplitude and frequency in a wind tunnel, as well as to
manage the complexities and costs of experimental measurements in rotating machines. For these reasons in the
last thirty years analytical and semi-analytical methods were developed to predict the aerodynamic loadings in
presence of periodic disturbances. Informations obtained in this way proved to be very valuable and easy to
extend in the frequency domain, but are limited to simple geometric configurations, small deflections, and
incompressible flows. As these limitations are unacceptable in many turbomachinery flows, a great work has been
devoted to the extension of analytical and numericai approaches; limiting ourselves to consider inviscid fluid
dynamics, that nevertheless includes a large class of unsteady phenomena, one can trace back the following basic
steps of the research:

extension of analytical and semi-analitycal methods to strong deflections, thicknesses, and to subsonic,
transonic and supersonic rlows.
linear potential numf I solutions.
small perturbations - antial and Euler) harmonic solutions superimposed on non-linear steady Euler ones.
numerical solutions of unsteady Euler equations.

Obviously all these different approaches vary greatly in the complexity of the physical models as well as
in the computational times required; depending on the problem exanined, even the old simplest methods can still
provide useful informations about the influence of the flow unsteadiness on the blade characteristics. In
particular, the small perturbation Euler solutions of Ni [6] and Hall [7] represent an important improvement since
they allow to treat transonic problems characterized by the presence of slip lines and shock waves; this is
especially worth in turbomachines, where many unsteady aerodynamic instances depend on chocking and/or shock
wave motion. However there are restrictive conditions on amplitude and frequency of a disturbance located at
some boundary for the linearization to be valid throughout the domain. Perhaphs the most striking example of the
inherent non-linearity of the transonic regime is an oscillating shock wave: the fluid interested by this motion
experiences finite variations no matter how small is the cause of the motion. Hall overcame this difficulty [7]
separating the domain with discontinuities (shocks) whose motion can be linearized and explicitly accounted for
(shock-fitting). Yet is clear that a transonic flow field in presence of high gradients, and hence great distortions
in the propagation of waves, is highly non linear and an harmonic analysis is often not permissible with
perturbations at the boundary of the order of a few percent. If one turns to the solution of the full Euler
equations, one must be aware that the numerical scheme strongly influences the propagation of disturbances, both
in phase and amplitude. So it is useful to test different methods against each othar; especially those based on the
correct physical signal propagation. In some situations the comparison is illuminating and emphasizes the crucial
need, in turbomachinery applications, for a rigorous formulation of boundary conditions.

TIHEORETICAL APPROACHI AND NUMERICAL METIIODS

The basis of the present flow analysis are the unsteady Euler equations. As previously seen, these
equations can be used to model with a good approximation several unsteady phenomena in turbomachinery blade
rows. Using the non-linear Euler equations one is not restricted to consider small unsteadiness amplitudes and
flows periodic in time; the counteiparts of these advantages are tie increased computational difficulty and cost of
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the numerical solution. In this section the TVD (Total Variation Diminishing) method is presented in some detail
togheter with a brief description of the unsteady method of characteristics used in the first unsteady problem.
The TVD scheme applies to the two-dimensional Euler equations in conservation form; in a Cartesian coordinate
system (x,y) they'can be written as

Sfwdl/ + f (fn, + gn,)dS -0 (0)

where

W [ppupv.pE]
r

f =[ p P U,+ p.u,.P UH]T

g =[pupv,,pv2+p
p v

H]

p =(y- I )po

E + P~a

p

and n,, ny are the components of the unit vector normal to the surface, fixed in space, that encloses the volum
V. The relation among pressure, density and internal energy assumes that the fluid is an ideal gas with constant
specific heats of ratio equal to -/.

Euler equations in conservation form admit weak solutions, i.e. solutions with discontinuities: if one uses
an appropriate numerical scheme to discretize eqn. (1), discontinuities in transonic and supersonic flows can be
automatically captured and followed in their movement; however this appealing feature of the conservative
formulation has some drawbacks that will be addressed below. The Euler equations in integral form lead almost
naturally to a finite volume discretization which has the advantage to fit well complex body geometries, thus
simplifying the treatment of solid wall boundary conditions; however, the grid must be sufficiently smooth and
not too skewed so as not to deteriorate the accuracy of the numerical scheme. Looking at the Euler equations
from another point of view, it can be shown that different wave fields, with different directions and velocities of
propagation, combine themselves to give the solution: thus it is important, especially if dealing with unsteady
flows, that the numerical approximation to eqn. (I) properly accounts for signals propagation; in a finite volume
formulation this can be obtained with a suitable definition of the numerical fluxes at cell interfaces. The TVD
formulation used in the present work tries to satisfy both the requirements of conservation and of correct signal
propagation by using a conservative "upwind" discretization: globally the method can be included in the family of
the so-called MUSCL (Monotonic Upstream-centered Schemes for Conservation Laws) type schemes which have
been originally proposed by B. van Leer [17,181, and further developed in its various parts by other authors.

The semi-discretization of eqn. (1) for the cell i,j gives

dlVP, f

-( t ' , .,,,-F,,- 0 (2)

where Wij is the product of the average cell value W times the volume V of the cell and the various P represent
the numerical fluxes normal to the cell faces. The numerical fluxes at cell interfaces are calculated with the
following procedure which combines the requirements of accuracy and upwinding. In the following we use the
index m for both i or j and omit the other index. At every cell interface m+/2 two sets of variables Wrl.,12 and
V'm.+1/2 are defined just to the right and to the left of the cell interface. These values are used to set up a local
Riemann problem, the solution of which gives the contribution to the fluxes associated with right and left
travelling waves. In the present work the Roe's approximate Riemann solver (16] is employed: first one finds the
eigenvalues and the right and left eigenvectors of the Jacobian matrix of F.t112 in the state between IV're112 and
Wm.t/2 defined by Roe's averaging; defining by urnlm/2 and vm+,/2 the velocity components normal and
tangential to the face m+l/2 , i.e.

1,,,. -(tin,, on,) ,

u_- (sn, -un,)

one obtains

0t, -(itI ) 1 1,3
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where x (= 1)/2. The numerical flux Tnija is then given by

SIV a1 R'

where a[- and al+ are, respectively, the negative and positive projections of the eigenvalues on the normal to the
face and a] is defined as

Eqn. (3) states that the numerical flux is given by the left (right) flux plus (minus) the changes in the flux
due to the wave fieldt which have negative (positive) eigenvalues. The accuracy of the scheme depends on the
definition of the ;V+ and W~- values, which are inierpolated from the values in the neighboring cells taking care to
properly limit the gradients in order to satisfy the TVD constraint. Interpolation is defined, field by field, by the
following relations:

a =L,(l"wtlV,

where the matrix L is evaluated in the cell rs'ntroid. The differences in characteristic variables are properly
limited in such a way that nio new maxima or minima are introduced in the reconstruction. The limsited
differences are defined using the so-called minmod function, i.e.

(2 Iii?!
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3-k
b = I-k

where the parameter k defines schemes of varying accuracy; in the one-dimensional case with uniform mesh
spacing and without any limiting, the value k = 1/3 results in a third order upwind-biased scheme, the choices
k -- 1 and k = 0 define, respectively, the second order fully upwind and the second order Fromm scheme.
Reckoning the importance of reducing the dispersion errors, here was adopted k - 1/3. The minmod function is
defined as minmod(x,y) = sign(x)maxO,min[jxj,ysign(x)]) and is 0 if x and y have opposite signs; as a
consequence the scheme, second order or third order accurate in regions of smooth flow, becomes first order
accurate at points of maxima and minima: this is the principal drawback of the TVD limiter formulation, which
introduces significat,: errors where the gradients change sign.

The values lVm+12 and Y-,+1./2 are finally given by

l,/-, =1.! 1 4 1lk)a' I(-1 R'

l,!I -=, 
-  

lk)a' ,+(I1-k)a' R,

The finite volume diiscretization described above allows to calculate the residual in each cell; from eqn. (2)
the unknowns can be marched in time by a proper time discretization. In this work a simple explicit two stage
Runge-Kutta algorithm has been used:

o.. 1 !R ( W'I,) + R ( W,.

Boundary conditions

In turbomachinery applications cne a~ua!' 6 .ndq four types of boundary conditions, namely: solid wall,
periodicity, inflow, outflow.

Solid wall boundary conditions

An accurate treatment of solid wall boundary points is crucial especially for inviscid flows, because most
of the spurious entropy productions of conservative schemes arise at solid surfaces. In the TVD scheme a
node-centr,.d finite volume discretization has been used and hence the boundary points lie just on the boundary,
on the outer edge of a half control volume. At the boundary points the updating of unknowns is basecd on the
theory of characteristics: the compatibility relations in the direction normal to the wall are found by multiplying
the matrix (4) of left eigenvectors by the system of eqn. (I). The boundary condition is implemented substituting
the row of L associated with the incoming eigenvalue with the tangency condition. The discreti7ed forr of the
compatibili, relations can be written as

L I Il"'+"iti R(Iw , l o. ('

where in the matrix L5 the row corresponding to the incoming eigenalue is set to lero; All' expresss the
variation of the unknowns over the time step and R(lvn) are the residuals. The resideals hase a contribution from
the balance of fluxes along the boundary (performed as for the interior points) and a contribution from the
balance of fluxes in the transversal direction (at the wall containing only the pressure term). The system of eqn
(6) is completed with the tangency condition, i.e.

.l( p )rt , + ,:l( ~t; )tr = C) ( s

The system of eqn. (6) and (7) can thus be solved for

where the matrix L 2 is equal to L t except for the null row substituted with that deduced from eqn. (7). The
described procedure is applied both in the predictor and in the corrector step of time integration.



Periodicity boundary conditions

If grid points are periodic in tangential direction and if any eventual unsteadiness along the inflow and
outflow boi ndary is periodic over the pitch, the periodicity conditions are trivial to implement. The treatment of
disturbancies with period different than the pitch is more difficult because one must introduce periodicity
conditions lagged in time or perform the calculations over a group of blades; an original alternative, proposed by
M. Giles, is to tilt in time the computational plane (see Ref. [Il]).

Inflow and outflow boundary conditions

A correct and accurate implementation of inflow and outflow b.c.'s is extremely important both in steady
and unsteady calculations; in the former case one is interested not to introduce spjrious reflections that slow
down convergence and alter significantly the interior flow field (forcing one to keep the boundaries off the
blades), in the latter one wants to assign b.c.'s which allow to specify the evolution in time of some variables and
which interact correctly with the interior of the computational domain. The theory of characteristics, with
different degrees of approximation, can be used to specify both the number and the type of b.c.'s. As for the
solid wall b.c.'s, the TVD method updates inflow and outflow boundary points finding the local compatibility
relations and substituting the relations associated with the incoming eigenvalues with the boundary conditions. If
non-reflecting b.c.'s are desired, one must set the values of the characteristic variables associated with the
incoming eigenvalues. This is not a trivial task even in a one-dimensional problem because one ten wants to
impose a varit !e that is not a characteristic one (for example the pressure at the outflow boundary); in two
dimensions th

t  is harder since one has so find the boundary distribution of characteristic variables whi h in turn
depends on the inner solution and which satisfies user specified boundary values in an average scnse. The
non-reflecting b.c.'s here implemented follow closely the theory developed by M. Giles: the complete descr;tion
can be found in Ref. [10-11]. Briefly, Giles' approach is based upon a characteristic analysis of the linearize,

Euler equations; the main feature is that the b.c.'s are truly two-dimensional. In the steady case the changes over
a time step of the incoming characteristic variables are given by an average change, determined to satisfy a
number of specified average quantities (flow angle, total enthalpy and entropy at inflow, pressure at outflow),
plus a distribution of local changes. The spatial harmonics of the local changes in the incoming characteristics are
related to the outgoing ones through the non-reflecting boundary conditions. The unsteady b.c.'s must prescribe
unsteady incoming disturbances and must be transparent to outgoing waves. The first function is accomplished by
defining appropriate models of the sources of unsteadiness (for example wakes, weak shocks, potential
disturbances): note that these nodels specify variations over the time step of all the four consersative variables,
however the actual changes in the outgoing characteristic variables depend upon the difference between computed
and prescribed values. The non-reflecting condition leads to a set of first-order partial differential equations
along the boundary.

The method of characteristics (CHAR) used in this work is presented in detail in Ref. [15]. where it is
applied to different problems (concerning nozzles, airfoils and turbomachinery blade rows). Essentially it solves
:he two-dimensional unsteady Euler equations in non-conservative form, where the energy equation is substituted
"ith the conservation of entropy along the path line. The set of equations is hyperbal in time and hence can be
reduced to a set of compatibility equations along special bicharacteristic lines lying on the Mach cone and alorg
the path line. The numerical solution at each node of the computational grid is obtained starting fioi,, the
solution at the previous time level, where the variables at the intersections of the bicharacteristics are evaluated
by means of a bi-parabolic interpolation. All the numerical interpolations are performed by accurately preserving
the physical domain of dependence for the Rien-rnn variables. If discoritinuities are detected, they are explicitly
introduced as slip-lines or shock waves. The characteristics define the flow field on both sides of the
discontinuities and the proper explicit relatios (e.g. the Rankine- Hugoniot relations) complete the solution giving
the speed and the geometry of the discontinuity surfaces. The detection and the geometrical definition of the
shocks are very complicated and at present the method can not treat intricate shock patterns.

RESULTS AND DISCUSSION

Before presenting and discussing the results of the unsteady computations, an example of a steady flow
calculation is given, showing the effectiveness of the solid wall and of the far field b.c.'s implemented in the
TVD scheme. For this purpose, the staggered wedge cascade shown in Fig. I (an AGARD test case proposed b\ J.
Denton) has been chosen since it has an analytical solution and presents sosse flow features difficult to be
accurvtely solved by a numerical method, namely: shock reflection and cancellation, small total pressure losres,
strong trailing edge shock crossing the outflow boundary. Fig. 2 (isobar lines and total pressure distribution along
the blade) shows that no reflection originates at the outflow boundary and that the total pressure loss is rather
close to the analytical result. The improvement of these results with respect to those shown in Figg. 3 and 4,
obtained with the well known Jameson's Adaptive Dissipation (AD) method (Ref. [14)) and with a previous
version of the TVD scheme, is striking: in the AD method the far field b.c.'s are based on a one-dimensiona!
characteristic approach and the pressure at solid walls is found by using the normal momentum equation; in the
previous TVD version the far field was treated as in the AD method and the pressure at solid walls was
determined by solving a local one-dimensional Riemann problem. The shortcomings experienced with the TVD
method concern the high number of operations per time step and the slow convergence rate t, the steady state
(this behaviour is ascribed by some authors to the influence of high frequency errors introduced by the flux
limiters). The conclusion that stems from this steady test case is that the TVD method is very accurate (even not
,o fast and easy to implement) and represents an improvement over more commonly used schemes.

The use of numerical methods in unsteady computations is rather delicate and requires special attention to
the accuracy, dissipation and dispersion properties of the schemes in order to discriminate between numerical and



physical aspects in the numerical solution. In the first unsteady flow problem considered in this wvork three
differenst methods, namely the TVD, CHtAR, and AD methods, have been used to perform a comparative Studs;
the aimi was twofold:

to get some hints of the numerical errors peculiar to each method by comparing the results obtained with the
different schemesl

*to gain sonie insighst into the physical aspects of the propagation of unsteady perturbations in trasonic eginse.
The problem considered is she transonic unsteady flow in a nozzle with a shock wave in the divergL.it part

subject to a back pressure oscillar .. , sinusoidally in time; she pressure oscillation amplitude was set to '7%) of the
stead' valca and the influence of tire perturbation frequency f (oscillations per second) upon the computed flow
field was exanmined spanning the folleving values of reduced frequency: 1/3, 1, 3, where the reduced froquency
f, is defined .s

fI-

Nvhere L is thie nozzle lensgth and C0 , is the outlet speed of sound based on the isentropic outlet conditions 7ig.
5shsows the 60xA0 compotational grid, aiebraicatly generated and endowed with good properties of smcoth-,ss

and ortisogosality; in this Figure are also indicated the steady shock positions for the esaximun, average, arnt

minimum outlet pressure (corresponding to isentropic Mach numbers of 0.565, 0.65, 0.727) and the points on the
axis %there tire pressure was recorded during the unsteady computations. Tire isohlach lines of Fig. 6 sh ) ho,
he starting solution (.lf , = 0.65) was computed by the TVD and CHAR methods: it is noies'orthy . s 'pi1
he conceptual difference between the two methods the soluticons are almsost identical. The unsteady beh trio,,-

,is -sserined looking at a global parameter (ie ioteo~il of nozzle %,all pressure) sod at the local pressure i
:if orerentioi--d points; in all cases tfise unstop 'y conmputations were continued until the periodicity of the sclie'
,,aa satisFact 'Os: note that in the following graphs the cycle count refers to tho last three complete ;reriI s of

ccair.As regards the integral of w-all pressure represented in Fig. 7, it is evident a general trend: riiF:I
frcqcencv of tire disturbance increases the phas, lag and reduces the amsplitude of the response, i..t n:a!
fL law Isviates more front a quali-steady solution. Analigous results, not reported here, are obtained 'sh th
tsr-a mrethods: however, the AD nsethsod strows a more pronounced difference betwseen the results at tl o f';ghe''
frequency and those at losser freqirescies From a careful esamination of Fig. 7it can bie argued that a n rflirs'i
17has oiur develops rising the frequency: this feature is smore clear in Figg. 9 and '0 swhole the pressure eoit
at the stations on this axis is represented. At the lowest frequency tire pressure varies horns nicats at all sitr.
!'Ut the one affected by the sck mrotion, whilst at the highest frequency the pressure oeciltri;,: i f ar 1r:r.
b-eing sinusoidal. In t4ir tatter case the struck moves quite a short (see Fig. 8 the~ h s L
.iiplocersscnt has been nor rmalicetd Over she length of 1,he 07aZle diVergent potlion): this; ssrggests ti-e
that a little shock displacemet,: is sot rccessarily associated with a linear behaviour of the fFlote fi;-II Fi
I I and 12 it appears that for 1, 1/3 the behaviour is quite similar for the tirree iethods (:irlart frti - h
region), on the other hand the results of I g. t13 for f, = 3 outline a marked phase differenc botee. ao t s I
and TVT) metho)ds and a very great phasi and amplitude difference between the A)and the 0o tt
In Order to i. /eStigate ieeeS aspects mere closely, the calculations for f, = 3 have been repeated~ on a re:o,
I SCO conmputational grid: Fig. 14 shus that the results of the three methods ire now is mucs be'tter aeroro'
b~ut all stronphv sos-linear. The comparison between coarse and fine mtesh results ailloers to d.irow tile-~

*thre AtD niethod suftees fromr releva.nt errors in tire amplitude and tphase losoc:tsaaii ,t' a hii
disturboace; is this respect thre TVD and CHIAR miethrods performi iucir l'etter sirosig isis h-i'

i;ct ifn.
*the ris-lineair behaviour of tire flow field depends on thre amrplitude and on tire frequr'enc' ofii

osciltatiesi: is fart, due to tire non-line; character of the Pttlor equations, si isoidilditi'ce i'
stiI amnpli tude but suffic iently hsighs frequo.- y ins tielir into r4o1%cs wire 1 eve ser'. efire Sn' a '1 '

hut tliat are no longer sinusoidlal. 1-ii means that a criterrion to distingiuish bet eon linear and s'snlnoi
ri.t:,;ii'shrld sk."ito acceitit tire arliplitrite of the :vosigned ilisiurlir ant asell as its tirtic

fle seconld unsteadry prolbleer considered is this -ork is the itsiuation i stales sired tasatr, I
erorgthe riflote bounelarN vof the followking rotor ro",. I Ie stake is erode ,d in (lie siateir framre (

'hre it is sulpposeel to he isobraric anil iseenthaipic and to lit've in itgned e l-its defect: the seer'd il
;prefil;' ihas a maisrmum svelicits' defect or t and its thicknes 5in o et 0 tre c. It tire ti !.I
f-reeeoe tire woke is stoving .- tangential dirction sth a sr,itr ejutal atee e,~ tire i~ot;iepc'
'pl, eel: ti esle?-rate clocity lis been chosen to test tire nitnrite nel icrc -Crt e t,- ms a eet

tIresent tire cole,.,c bn sirthe TVD mrethiod, canr treat rinseals d,ii,tetii it '0 porise- ,r th-,
rir,-,it msost ire streseri that we sutccessfutlly impierr'entedt only rre tin' liei es' i!

r_-el in "ef. [1 11. The tttrl'ise blade is the .. :7!nly tested lii \ KI gas t ce-: r% ,r i!Iv
h)A-t. -128 x3 2 coi......tstional gr id and the isoha- antI isohloc-h cost aijrs of zh io 0 ~ ,-,h o !

et r, a^, generated with in aigeitaic zonal approach wich &,:irastet ai tlii ii'r i ' ii' i

r-s eI's 1Fesiet to .. ni-Ol portion of th, conrpttt1ionnl &linr t ice p 'or'' ti- ,0 n"r~n:I.c
is'-INset if acstasin iirtsr-ldr onmpmtalironr. As if) tire stAveeir'l ste0 01"J I

ex'l'nrt fisoothy two melt n'ttr- 'feto is visibl,n fosr tis eni - e 'a''. .. ni I,1n.:,_
r. itti intoractiosn -etween tii -lhock ir-I tire stake gene'rated l% h , ni'' td I''-5 nt 0." Z5
o' \Fo Nt epritel wi, ien' is ai,, vi'ry i agni-sment belrettr'ei il t:S re air Ic ex- i Il
!itir tion on tire tiale rrrrfjce.

'tir unsteady cositatri:tioiss rsiero started fro.m tire strids itiijs I d t'i~~ 'sio -1 rcear.
1iti-1 ~ of tie islet dirttrince (each cycle corresprontding rouillils it. ;0' tric st' -). I ig. i(' si -,!_
r f It': the 5"tj force ex;, riencol isv ttre iMade: it is interesting ta .. te that thrtung- tin rce ',:
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around a mean value that is somewhat lower than the steady value. In Fig. 17 are reported the contours of
relative total pressure difference between the steady and the actual values, i.e. (PtA.,tdy-Pt)/Pt1,teady; the interval
contour is 0.005. The wakes deform passing trough the channel due to faster flow near the suction side. The
unsteady velocity vector plot of Fig. 18, obtained by subtracting the steady solution from the actual one, shows
the "negative jet" behaviour of the wake and the vortices that are generated on the two sides of the wake segment
inside the blade channel. These vortices are not so evident as in the example reported in Ref. [13]; this is due to
the fact that the wakes follow each other in a rapid sequence and the leading vortex of a new wake segment
entering the blade channel tends to attenuate the lagging vortex generated by the preceding wake segment. A
calculation with a more resonable tangential velocity of the wakes should give a clearer picture of the vortices
inside the blade channel. A final observation about Fig. 18 is that the arrows around the trailing edge shock are
meaningless and are caused by a slight unsteady shock motion.

All the computations presented in this section were performed on a IHP835 computer, characterized by a
CPU speed of 14 Mips.

CONCLUSIONS

The TVD method presented in this work has proven to be accurate both for steady and unsteady Euler
computations of internal flows. The addressed cases confirmed the importance to precisely treat the solid-wall
and far-field boundaries. The first unsteady problem investigated allowed to emphasize two interesting topics: the
numerical properties of different schemes and the physical influence of the frequency of an imposed disturbance.
It can be concluded that in the analysis of unsteady phenomena are more advisable schemes that account for the
correct propagation of waves, and that in some transonic high-frequency oscillating flows the non-linearities play
an essential role. The second unsteady problem examined showed the practical interest of such computations in
turbomachinery applications, even without tackling the more complex issue of the stator-rotor interaction.
Further investigation is needed to properly implement the two-dimensional far-field unsteady boundary
conditions.
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Summary

The plane flow of a perfect gas through an oscillating cascade at a Mach number close to
one is analyzed using matched asymptotic expansions. In the case of steady flow the
field quantities in the regions between airfoils are governed by equations for one-di-
mensional flow in a first approximation if thickness, camber and angle of incidence of
the blades are small. Moreover, for a particular range of these parameters the velocity
disturbances satisfy linear equations ahead of and behind the cascade. The %ase nroperty
is shu-, to hold in the case of unsteady flow provided the reduced frequency and the
amplitudes of the oscillations are small compared to unity. Furthermore, the effects of
the sizes of the various parameters on the flow field are discussed. Surface pressures
are calculated for cascades of flat plate and double circular arc airfoils.

I Intrdugtion

Rapid progress in the design of turbomachines has made transonic flow through parts of
the compressor or turbine stages a normal feature. At the same time. it has substan-
tially increased the need to study unsteady flow effects. Some of these can be
described, sufficiently accurate for engineering purposes, by means of the equations of
inviscid flow [11). This applies for instance to the passage of sound waves, which are
introduced into the flow ahead of or behind the blades of a stage and unstalied forced
or self-excited oscillations (flutter) of the blades. These three phenomena can be
approximated by the same mathematical model, however. The following considerations,
toierefore, are restricted to plane, inviscid, unsteady flow through a cascade of
airfoils. Before turning to the mathematical approach adopted in this study it is useful
first to outline briefly the methods which have been applied so far. Details can be
found in (11] and [14) and in the references cited therein.
Linearization of the governing equations leads to the complete decoupling of the effects
due to airfoil shape and airfoil motion. Accordingly, the unsteady problem reduces to
that for the flow through a cascade of flat plates at zero mean angle of incidence. As
shown by Lin et al (8] and Landahl (7], linearization of the governing equations of un-
steady transonic flow is possible, if the unsteady effects take place sufficiently fast
i. e. if the frequency is sufficiently high. Unsteady transonic cascade flows have been
studied in this limit by Surampudi and Adamczyk [12].
However, the interaction between steady and unsteady contributions to the flow field is
significant for the prediction of unsteady phenomena in many cases of practical impor-
tance. These interaction effects are retained to some extent if time lineariz'tion of
the governing equations is carried out. To this end it is assumed that the unsteady
disturbances of the field quantities are small compared to the quantities characterizing
the steady flow field governed by nonlinear equations. As in the case of purely linear
theory, the unsteady perturbations satisfy linear differential equations. The coef-
ficients entering these equations vary with the spatial coordinates, however [14].
One of the important features of transonic flows is the occurrence of different length
scales associated with the variation of the field quantities in longitudinal and lateral
direction i. e. the distance in the direction of the flow required for the change of a
field quantity by a certain amount is much less than the distance in lateral direction
required for the same change. This suggests that singular perturbation theory may be
useful to obtain approximate solutions for transonic flow through cascades. As shown by
Messiter and Adamson (9] for the case of steady transonic flow, application of the me-
thod of matched asymptotic expansions leads to a decomposition of the flow field into

vuaetal subregions which can be studied separately. Apart from the substantial simplifi-
cation of the original problem a much deeper insight into the physical phenomena invol-
ved is gained in this way. Specifically, Messiter and Adamson (9] found that the field
quantities in regions between airfoils are governed by equations for one-dimensional
flow in a first approximations if thickness, camber and angle of incidence of the blades
are small. Moreover, for a particular range of these parameters the velocity
perturbations satisfy linear equations ahead of and behind the cascade. Based on these
investigations and the studies of Messiter and Adamson (10] dealing with unsteady
channel flow, a smatl perturbation theory for the treatment of unsteady transonic flow

through oscillating cascades will be developed. As it will turn out. the decomposition
of the flow field into several subregions holdinq in case of steady flow only applies if
the frequency of the oscillation is sufficiently low. However. results from the in-
vestigation of unsteady channel flow indicate that i, teresting phenumena, such as motion



of shocks through the whole channel and formation of shocks in the channel region occur
in this parameter range.

2 Problem formulation

We consider disturbances caused by an oscillating two-dimensicnal ca-cade which is pla-
ced into a uniform stream slightly below or above the speed of sound, Fig1l. The flow
medium is a perfect gas with constant ratio 7 of the specific heats. It will be assumed
that the thickness 6, the camber 6, the amplitude 6b of the plunging motion
nondimensional with the chord length F, the angle of incidence (Y and the amplitude ap of
the pitching motion are small compared to one. Since viscous effects are neglected and
shock waves are weak, the field quantities can be expressed in terms of the velocity
potential j to the order considered.
Introducing the nondimensional variables

where (, 9), o, (-, 1), :T d"' note Cartesian coordinates, the time. the velocity
components, the critical speed of sound, a characteristic frequency and the reduced fre-
quency, respectively, the gasdynamic eauatioti can be written in the form

Here the spoed of sound is given by

The boundary conditions at the blade surface y=h*(x,r) requires, (Fig.I)

Vortex sheets caused by the time dependence of the circulation around blades are assumed
to emanate from the trailing edges. Hence, the difference of the pressure disturbances
between the upper and lower surface of a blade vanishes as the trailing edge is
approached and the velocities remain finite (unsteady Kutta condition, see e. g. [3]).
Furthermore, appropriate jump relations across moving shocks [5] and the radiation
condition (4], pp418, have to be satisfied. The jump relation across vortex sheets is
found to be

We consider the twn-dimensional cascade to be an idealization of a three-dimensional
stage. Hence, the flow field is assumed to repeate itself in p-direction after Nb blades
of the rotor or stator, (Fig.l). Since the spatial period can be smaller, however, it is
defited by an effective number of blades Ns.
Using the definition of the reduced frequency (1) and choosing FzO.lm for the chord
lengtt and aft3OOm/sec for the critical speed of sound yields k:0.4-2.1 for vibrations of
the airfoils with natural frequencies of 200 to lO00Hz (1), pp236, and k=O.2 for the
passage of sound waves with a frequenc, of 100 Hz through the cascade. The periodic
pressure changes associated with the relative motion of the rotor and stator cascades
are equivalent to k=9.4 based on a circumferential velocity of 450m/sec, a blade spacing
of bO,lm and transonic relative-velocities in the stages.

In the following and throughout the the rest of the paper we shall consider uniform flow
with a free stream Mach number M_ slightly below or above one which is perturbed by a
cascade of thin airfoils performing oscillations of small amplitude. As a consequence,
parameters small compared to one represent the difference betv-een the speed of sound and
the velocity of the free stream and the magnitudes of all other disturbances. Hence, the
velocity potential o can be written in the form

With the exception of small regions centered at the leading and trailing edges of the
blades the derivatives IkI, 'pyl and Iplof the disturbance potential P are small compared
to one.
Inserting eq.(6) into Eqs.(2) to (5) yields the approximation
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to the gasdynamic equation. The boundary conditions reduce to

1, I- - '

Indices u, 1 are used to characterize the upper or the lower surface of an airfoil. The
time dependent functions gb(T) and gp(T) describe the plunging and the pitching motions
of the airfoils. The jump relation dcross vortex sheets simplifies to

AL '% - _, 1 .1) ,,1 1 ': ' o ,t9 ,

The jump relations across shocks have to be transformed accordingly, but will not be
needed in the following.

3 Flow field structure for low reduced frequency

To simplify the discussion of the asymptotic flow structure it is useful first to spe-
cify the relative orders of magnitude of the relevant perturbation parameters I1-M2I, 6.
ap and &b- 10 this end the modified perturbation potential o+ accounting for the
different orders of magnitude of the velocity disturbances and the different length
scales in the various subregions is defined in the form

p'-"!l 7 , . .!9 .r -9 H*

where

The parameters 01.02 and u have to be chosen such that O++.4P. and I+ are 0(1) in the
region under consideration. Inserting eq.(lO) into eq.(7) yields

Without loss of generality the boundary condition (8) and the jump relation across
vortex sheets (9) can be written as

where

As indicated by eq.(12), the locations of the pivots of the airfoils have no first order

influence on their unsteady aerodynamic response to the pitching motion if k,<l. The
representation of the perturbation potential i+ given by eq.(10) is appropriate for the
dis-ussion of the channel region but has to be modified according to

in the flow regions upstream and downstream of the cascade. M* denotes the Mach number
of the free stream based on the critical speed of sound. As pointed out e- lier, it is
one of the aims of the present study to identify ranges of the perturbation parameters
such that the flow outside the channel region is governed by linear equations. The
requirement that the transonic similarity parameter (I-M )/((+l)6M ]

2 1 } 
is large

compared to one then yields immediately

, /' il .\I 1 II,



Of course, the characteristic streamwise length scales i n tie channel r eg nor- and
outside the channel are O(l). Ic will be assumed that the distalce between the blades is
comparable with the chord length. As a consequence, the lateral length stale in the
channel region is O(1) too, while it is 0( - in the regions upstream and dTown-

stream of the channel region. Furthermore, the v-component of the velocity is of the
same order of magnitude in the whole flow field. Hence, the u-disturbances in the regi-

ons between the blades are much larger than those elsewhere. This indicates that add,

tional regions centered at the leading and trailing edges of the blade-_ where the u
perturbations change their orders of magnitude, have to ..e inc. 2? f to orbtainr the

complete flow structure. Since the lateral length scale in these transition teglon l-

0(1' the streamwise length scale is much smaller and 0( 
1 

M* [). Finally. a more
detailed analysis indicates that the regions upstream and downstream of the transition
layers have to be devided into near and far fields.

Inspection of the jump relation (9) holding across the vortex sheets emanating from the

trailing edges of the bladc_ shows that

Here jL characterizes the amplitude of the unsteady velocity perturbatiorc i) the chinnerr

region, eq.(lO). Since the vortices forming the vortex sheets are conve ted doensIream

approximately with the free stream velocity the appropriate length scale in the

streamwise direction entering the equation for the perturbations caused by these sheet.

is 0(I/k).
The different scalings of the coordinatec and the field quantities outlined so f r c on
be formulated most simply if the parameters '.i and p+ holding in the various

subregions of the flow field are expressed in terms of on, reference Paramete which

will be chosen as

Owing to the condition (15) the flow in the far field regions is governed by linear

equations. Imposing the additional requirement that the field quantities in the relion-

between the blades satisfy the equations for one-dimensional unsteady flow one ottains

Insertion of expansions (10), (14) and appropriate generalizations holding it the trai

sition layers into the governing equations te. g. fII). (12), (13) for the th nnrel flow
region etc.) taking into account eqs.(15) and (io) finally leads to the sci,' of parame
ters 0, 0+ and i+ listed in table I.

I ,rilt I i

fn~n till l1

Table 1: Coordinate stretchings and orders of magnitude of the velocity disturbairres in
the various regions of the asymptotic flow structure.

It should be noted that these results remain unchanged if the governing equat ion,

holding in the channel region are further simplified as summarized in table 2.

S"I o I

(pf,)* . l , i uti, , r u~ li ',,

-0(- h ,

Table 2: Properties of the flow inside the channel region for various parameter ranges.
thickness or angle of incidence.mplitude of the pitching oscillation &por kb of the plunging oscillation.



Eollowing Messiter and Adamson the perturbation parameter C 1i defined a

tire asymptotic e~pansions of the field quantities holding in the var ious reion- of the

flow field ire foundl to proceed in powers of -rr/and powers of -I' multiplied by ,1 t (b)

i, passng wt men ccc, that. the desr r iption of the flow in terms of thesexpaft ion

reqtiies., -,i addition, the introduction of suitably chosen coordinate system- whic1h

reflect the geometric properties of the flow structure, Fig1 . more deta lied

desci ipt ion of these coordinate systems is given in [6] and [q],

-irally. two consequences of the choice of the reference quantities and the a-%umptcon,

leading to the results discussed in this section should be pointed out- First, using the

airfoil chord as the referecce length requires the effective period of the cascade Ned

to be ( )- Second. due to cumulative effects associated with the descr iption of wave

propagation phenomena by linear differential equations the far field solutions are not

cr iformlv valid at large distances from the cascade. Preliminary consideration. indiC.ate

that the ranoge of validity of the asymptotic theory in its present form ca) be extended

o both cases osing th method of multiple scales. However, detailed calculatin'
- 

I-axe

-t been c-' r ic-I rrrt -so far .

t ime linear i.'at ion for cascades of flat plate and double (rirculai arc tic fuil-I i er fr -

i ,j i chching o-rj c I t iors

The jpper and lower -rr fare s of the blades are jlverr in the form

I t is assumed that the blades of the c a-r ade per form hirtlonis pi tchin o-. , il I itcn-. tbot

their mid Chord roir'ts with equal thcrse -hift rt between mrdjacent t'de- re rgle ot

irrcidence of the cascade in ste.dy flow cs chosen such that there P. rc, f lcrw irr)orri t,,

leading edges. As, a consequence, the solution to tihe t r ansonr in .-lm I I (I t rittni e

equation overning the fto1 ir the entran(e and e it regionF- reduces to thr ot fr.),

flow [QJ. So fa r. t;e (case of f.ck -free flow in the ch.rnrl region al. ter I t ied

Work dealing with the ef fects of shock waves on the f low in the-e r e-non i- 0r1

progress, finally, the following di.-.(iics).mn cf the tlow t rber tie, will be re-trcc tr.J tn

the leading order terms of the as ' ynpt otic expansior), f r tin- f IeId jc rrt it e- , r.

echibit tihe -ame frequency as the pItchr- motion Owcrrq to thte rrrrnrl icrer I I t .f tre-

jove r firg equ.-t iror terims depending or til tiple- oc the Jr ivirti- frtiperr rt
higher order.

rcc)Irdirrg to the resuIlt- listed irr tatle 2' the corrcept of time li r iz ii or, applce It

C t)( , I ) O(E ) k 1)(E) and 3 acn lt 
)  

Itnrtrrcdc oig tfce e paor .i..rr. of th,' v(t11 ty

p.tent ial fo, the v-it iOUs r egironi. irto the gover ni rrrj eqirat iI o, (7 tihe 0r-r1 , I,

Ondl1 tion (H) and. if nece.ary, the )limp relatiOn a( rcr wvrr te- sheets I i yields the

.toady and rtteacIy probclet- for t he -* r ergor-*. rr e t ht' teady pr oblem h,- lee

lisrI-tssed exten1sively 1rc [") I t -if f i es to orrcertr.te on t1r cl I c, ,I i f t trr

n-, t eady di stu F bar(res

frerneI regotc

The first unsteady teris of the empansion fri the per tubati on Potent a are Jfrvel net by

inhomogeneous wave eqrations with coefficients depenrding on the leadin4 oider steady vv

locity distribution. Since the speed of down-Ateam propagating waves ,I hfilte in

terms of the scaled time, -oluifiorns to thi- eqiittlrrrs- -leteo,1 crcjrtr tr. Ihe -pit ) Itt1,t..,

tes descr ibe upstream propagating wave-- I xploiting the fart t hat f iel Id 1ant it ie- i ,re

tar monic furc tlions of time finally IePd-, to a set tf o rclJItat y dli f fer -ci IA I .. uit i t

Entrance region

Even upstream p-opagattng waves pas the ernttrace region in a time Interval which is

asymptotically smell. Similar to cI], solutions to taplare's equation goverting the

first order unsteady per turthition potent ial can be found rising a Schwar r-( hr istoffel

mapping. As in case of steady f low source igensolution)s ( I.3I, ppS2, have to be added to

this solutien. the Poisson equation governing the higher order terms can be -,olvel using

the complex characteristics of Laplace's equation. The first order velocity disturbance

is found to contain the well known leading edge singularity- To remove this

nonuniformity it would be necessary to consider art additional asymptotic expansion

holding in small raighborhonds oif the leading edges



-,..,,..

t I t i I -t oI f l, I h

Ni-., r , I I - " t 11 fat o ,- 1- ..... .. I . I I, -I.-) e I I I t t
I C", r Itwi , ii A ' .. .L1h t f i-- i' - I, ) t tro-1r e l i I tt - lt .fi

I-r,.' IU r1, tre 1 i.1m i- the .,i , ienI I i a _ -p r r ,i I -Ii li L ' ha e f riI. ii' j t , lj1 eti-i ,' i- , t -I r I-it-I ,I I~rr, t - s

,-terifl) t Ite I. -a l-tin tell i hi IiI.I Ii he' inhod tt r i 'it Ioi -i- V t I I it'.I

riiiti reP iir-iiice

III-- n Ih e~g a f I b e o et~ ,1,ri i a 11 h!,c l e , ; h . r l t } l1 J I 'It I OIn a I Iiqiiir 1 oc i* ii tii, lItc': St

T-ri rear Ii ita Lh i f it fIii' ti-rO Ii-irhuI thiht'e, th3 lit' I't l eii , ir1 e' 0 ai ii, (I r
I~ ii ~It (I-t Iii- I ilii iii I -, I -I-I 'II I in I t-' ni-i-ni- t,ie tc IIi 'ii I" ii t' -i- I'i )1i' it-' I i C i

ti-h ind Jt he c Irc ade ir e i-e I e plcelI' >r,&,I-J arid t hr er-I t he -- I liii i~riiiti

- Itt h Aii'j p r-nCe jrie

'-ta.r ti- nl I-Iem tie fir, f Ie Id -oI-Iiit i-in t hI--' ii' te h ii I"iiI tn' e-u I t iiii
the f-t field -;IlIut In ahead of the 1- i-itde re dlt ?II- ined -. Ilt iii''ri t I-I'

ii n utrcted iri vn' iIou. w ay , to yieIdA Im Iti A i-lit -jih'IiIO,- If Ir- fi I-I r ;rit Ii' t I

' i aId, ti lE I owe -ut faice of the hi--I-.de.. he fel I I - 1.4 Ei-i ,1tn -I ' i ip- I I-al I tn rtI I I I
h -iu- re/veio ity i-i-a-ti iut irin- pi-reci-ted in ht.i t 'rf-'e[ i I A IIi-pOi.ite - li t I r' Itt

ti-he i--rper rilde '-i I-r in d i I te i n ter- i , frL0 1d A-ir- f (,i I Ii tby i-1I'Ii- l lfi-ei-,,? ,I

1i7r1Uti-iirr-n hiioidi-j i rI e h trelevArit Piitr Aini- ., nd ri- I I i-I Iiti 'j'(r r l I I I I I I .
I. Af id -u-rtraI t Ii-'j the common p.,I tc S aiIiI- A, i y. e r,, I iti - "3uu I I I I he I I I I
1 - I -i-

.  
i -trecfrJ u'ai-s the ei-triii Iie, fhe , ii riieI Ad I he; I-IIl - i ,

,,oiedu rC y Ie i ded ' )mpui-.it' -- ,ritt I-I fo I tf- Itei sr- i r i ( ! . ! I t
I-iweI- b I tide -. jt t ice. for sMIIal ti -I fi ite I ri'I-- t I f Iti"' 'I-'r ti) IIt'~t i)- [, nitl tIrI E . 1'rii-

'vn- , tfi-e i"I- e'1 1 c -;oniutior - ca tIi-lI.iterl it r I d ' ii r' , 1 , 'tin) ii .-
Ihe ict r I nrg rntr ni e -nd exit ,i-' i i-i-nc

,  
i-ri I m

r
. l'pvZl - I l tp

aiirr/velocity (Il I-tIr ib-it i-on-
, 

Ociol At the',e poIit--,.

ih evilI)At ion -. f tIit- analyt i A i I-'ln- -- t i-A l ' r i i ii rt I

, i-Itr .al1 0 , di. d . I f or the ppt'erni- I rdl -iti f ( I ,l 
I  

I I tii fit' t I 'r'I -

fl, l -e . t aut. i A ir:,, spline ii w r' r i - ti-nir irte, '-i rt I-, .rii. r ii I i o I I

'if fn er-ice r ti-li-et-en ti vIalues of the prti ,-?riie i-deftf II )l

I rti- I 11 i e - 1 n i o i-iWe I ru fii t t I Ii h I -. , t- I ,.

th .ii r i-i-ri.ti-n-C iri.fe li-' pi-es'rri ree ttar iei i-n riii tii-r i-- f i on-t r'" t .vI

pe,_ r Ict -l J. fh, n-AL-ti le- of the i-ir-- t--. t ly p r'-'i ,-I d Ii-i-- t II i- - I tieh ll-r t' u Ii tt'

,trin Iy le eni' err ri- diAltrI,- e e t e r) tte i r tif- I h t t 11-nth t f Irt ila.t e -aII lh
,lotIe A I rIri-ii ri, 'r- , 't.( -le,. itre h-. e i-t- h tttweer ,i. Ii-fo I o iLI -1-.11 or dl A l I-I-I (raiy i--

t-ion-re I -,een tnI- i-i- i-- b. ,ut-'tAr I I i lIy i th f equeni cy. I(Ir tfiter Ri) E'. tii' I- I-d... tiiiii i-

the di l,--an'r'irrr trt'er the air foil- Ir- i ',e the AI-f Iu rce if tihe i-teady eIO- ity t '-- tI
ti ,iae- i-n th ,i-ir trjy f i-piri'ae. Th- f e ttrct dlA-i-iI i--f''A , i-ilIy ar thI, J , tIt.e , I
Ire A e (fI i-q. t o 0 ) d'ue tio the i-maI I tthi i-rkne,- o IIf the ni-r foi-lI-.
1i04or-ir trIIttr'Iy, rrI.eII imeItal i-lt, fll irini tte pararnetel e I r I te ll CeVeI ti- ti-ti .tr-yl'Y tl L I I
the-ry Ir i-tAt F"t rit f o ,m ' eem i-ct ti I, ti . .vcilA It i i -me i Flo- ii-'i- i-I ItI-i I Ii

i h I III- ati fy thi-e ln.i-cuI Ai -umi-p t i-- . f 11it , tth r 9 A I l' t ppr'r i i telV y lh, i -'oii
rrttt- rm I t,y Ve' ]l- , ( I',I. Nl'i-JI I A A a Aiii . Ilyti-al rI- l ' i- I t- I i- i t,0 7 i 0 01).'.
'Jl Ai- toel Iri - Iil. II, 'ire IIr go d 4'. 1.i--emerIt de'.rri-te ti- tIF-AIf I thal IhI i f. i.rel i in-)W, Ii
r I- ,k ~ fo, I (onrip , J 1 t t hir I -J , ) P, i t 1 1 1 1 hI) I-. - He-.". t t ) I-P ,J'I . t It", t Ill .. .



the unsteady pressure disturbances caused by oscillations with a relatively large value
of the reduced fre.,uency k=0.23 are displayed in Fig. 12 and still satisfactory a', ant
between numerical and analytical predictions is observed. Deviations occur in thL ase
lag between the oscillation of the ,.tte and its aerodynamic response. This effect is
prcrably a consequence of the simplification of the flow properties in the entrance and
exit subregions where the asymptotic theory predicts an infinite wave propagation speed.

6 Concluding remarks

Ti has been shown thlat asymptotic methods can be applied successfully to study the flow
through lightly loaded, oscillating cascades at transonic conditions.

in its present form the theory outlined in this paper applies to purely subsonic flows.
However, only minor modifications are necessary to include also the case of slightly su-
personic flow. Further eneralizations which should be considered concern the case of
airfoils of more general shapes at arbitrary angles of inciden(ce and mcving shock waves.
This would substantially widen the applicability of the method to engineering problems.
The developement of a theoy to investigate the case of steady and unsteady disturbances
being of the same order of maonitude also seems to - possible as indicated by the
results obtained for channel flows of this type [10).
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Summary

The intensity of unsteadiness in compressors strongly depends on the flow velocity and
the overall pressure ratio. Thus investigations of the unsteady effects in case of
supersonic flow are of great importance with regard to performance and reliability. For
that purpose the unsteady flow in a supersonic compressor stage was studied in a series
of experiments at the Technical University Aachen.
A review on the specially developed measuring techniques including flow visualization
and the design of miniaturized semiconductor probes is given. The main features of
unsteady supersonic flow in the compressor are discussed by means of characteristic
experimental results.

Nomenclature

c absolute velocity a absolute flow angle
Ma Mach number m. range of yaw angle
n/no speed ratio calibration
p pressure 0 relative flow angle
T. blade passing period K ratio of specific
U voltage heats
w relative velocity

Subscripts Superscripts

abs absolute - time averaged value
ax axial fluctuating value
L left behind the shock
R right
rel relative
t total

I. Introduction

The aerodynamic and mechanical performance of highly loaded trans- and supersonic
compressors is influenced to a great extent by unsteady effects (stall and surge,
flutter, excitation by blade row interaction). Referring to subsonic flow the latter
subject is discussed in numerous papers, summarized for example in /I/.
For transonic and supersonic flow in compressors the data base is limited. The princi-
ples of unsteady blade row interaction at supersonic flow velocities for the first time

have been investigated by the method of characteristics in /2/ for the example of flat
plate cascades. The unsteady upstream effects in front of cascades are studied in /3/

by theory and experiment.

First data on the complex unsteady blade row interaction for transonic/supersonic flow
in a real compressor stage are achieved by measuring the unsteady wall pressure
distribution /4,5/, by optical techniques /6,7,81, and by semiconductor probe traverses
/9,10/. A theoretical approach of viscous unsteady transonic cascade flow is given in
/11/. On the basis of these results the blade row interaction in transonic and super-
sonic compressors can be characterized as shown in Fig. I:

In case of supersonic relative or absolute flow velocities in the gap between
the blade rows in addition to viscous effects also gasdynamic effects
(shocks/expansion waves) yield unsteady blade row interaction.
Regarding gasdynamic effects the axial Mach number is decisive for the trans-
port of disturbances.
For axial subsonic flow and supersonic relative (rotor) respectively absolute
(stator) velocities the suction side part of the front waves and the pressure
side part of the trailing edge shock system result in an unsteady influence on
the neighbouring blade row.

- If the axial Mach number is supersonic, the upstream impact vanishes. In down-
stream direction both the suction and the pressure side trailing edge waves of
the rotor interfere with the downstream stator.

- Generally the viscous effects are concentrated in the wakes of the blading,
causing heavy unsteady fluctuations of the inlet shock system of the downstream

blade row.
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-2 In addition the self excited oscillation of shock waves caused by their
interaction with boundary layers and/or wakes can influence also the bow shock
system and thus generate unsteady upstream effects with a frequency different
from blade passing harmonics.

The present paper will give additional data and their interpretation on the unsteady
effects in case of axial subsonic/supersonic relative flow in front of rotors and in
case of axial subsonic respectively supersonic flow in stators.

2. Techniques of Measurement

The investigations of unsteady rotor and stator flow are performed in a compressor test
rig run with an air-freon-mixture /12,13/. In the supersonic flow the visualization of
density gradients is possible by means of schlieren-photography. The whole set-up of
the optical arrangement applied in the test rig is shown in Fig. 2. By using a cylin-
drical optical system and a reflecting, polished hub the flow field in the stator is
visualized. For the investigation of unsteady flow effects a stroboscopic light with a
flash duration of few nanoseconds is used. The flash frequency is triggered by the
rotor blades. An additional time-delay-unit allows phase angle variations, i.e. a
definition of fixed relative positions between rotor and stator blading.
The main requirement for the acquisition of unsteady flow data are high response
pressure transducers. The eigenfrequency of the applied semiconductor transducers
(Kulite XCQ-050, XCQ-O93, LQL-062 and LQL-n80) is about 125 to 250 KHz. Thus, the
pressure fluctuations induced by the rotor blade frequency of f-.. = 4.2 KHz can be
determined with a sufficient accuracy. In order to avoid possible errors because of the
offset drift due to temperature influence, only the fluctuating part of the semiconduc-
tor signal is measured. The fluctuation quantities then are superimposed to the
pneumatically measured time averaged data. The pressure transducers are implemented in
the casing and in the blade surface of several stator blades (Fig. 3). Thus, the
determination of pressure fluctuations is possible along the casing and the pressure
and suction side of the profiles.

To perform measurements of flow angle and pressure fluctuations in the supersonic flow
behind the rotor two probes have been developed. Previous investigations /14/ in case
of low supersonic Mach numbers and big yaw angles showed strong interactions between
the detaching stem shock and the probe head for probes with a cranked stem. This would
cause an abrupt change of the probes' characteristics. To avoid this, the applied
probes have been designed with a wedge type pick-up-head, Fig. 4. Pneumatic pressure
taps on the lateral side of the wedge allow to adjust the probes with respect to the
time mean flow. Pressure fluctuations are measured by Kulite XCQI,- and tQL-transducers.

The calibration of the probes was carried out in a closed calibration channel. To
increase or decrease the pressure level an additional air-compressor and a vacuum-pump
are connected to the closed loop. Supersonic Mach numbers in the test section can be
generated by exchangeable Laval-nozzles. Calibration tests with variation of Mach
number and pressure level were performed in air and an air-freon-mixture. Due to
differences of the concentration of the air-freon-mixture in calibration and compressor
tests the influence of the ratio of specific heats has to be considered. Therefore, the
probes' characteristics are determined directly by a theoretical description of the
supersonic flow around the wedge /15/.

In the case of the total pressure probe the assumption of a normal shock in front of
the total pressure tube is made. A comparison of total pressure losses calculated with
basic equations for the normal shock on the one hand and measured data on the other
hand shows good agreement, Fig. 5. The total pressure behind the shock remains constant
over a range of - 20 yaw angle variation.
Regarding the wedge probe for static pressure and yaw angle measurement different flow
conditions have to be distinguished, depending on the direction of the flow vector
(Fig. 6). Assuming the flow direction behind the shock is parallel to the wedge surface
the flow turning angle B is defined as follows:

left: B.* a

right: B B.... - a (B....s. 15-)

Then a division into three domains is possible (Fig. 6):

I ? < 0 Prandtl-Meyer-Expansion

II 0 c B ... attached shock

IIl 0... < 9 < 90, detached shock

Configurations I and II can be calculated with basic equations of supersonic aerodyna-
mics. The third domain is approached by considering the extreme point B = 90'

. 
For B

90 the assumption of a normal shock is made, i.e. the pressure registered by the
transducer is interpreted as the total pressure behind a normal shock. A cubic spline
interpolation based on data points from configurations I and II and the extreme point B
- 90- is utilized for the description of the yaw angle characteristic. Fig. 7 gives a
comparison of this approach to the experimental results in air. The agreement is quite
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good, the average error in yaw angle is less than 0.5'
. 

In general, the approach gets
more accurate for high Mach numbers.

The described procedure allows the calculation of the probe's characteristic for any
ratio of specific heats. For the mixture of air and freon (t = 1.15) the correspondance
between calibration data and the theoretical approach was investigated in the same way.
The agreement between experiment and theory is as good as was shown for the measure-
ments in air, so the developed approach seems suitable for the description of the wedge
probes' characteristic in the flow behind the supersonic rotor.

The signals of the yaw angle probe are caused by pressure and angle fluctuations. A
pressure change is registered by both transducers equally independent of the angle
position. According to this an alternation of the flow angle results in opposite
changes of the transducer signals. To evaluate measured data the following separation
of the signal into pressure-dependent and angle-dependent components is applied:

U
2. . (pn) = f- . (p(t)) + f.-,-.a (nW t))

f .-. only depends on pressure and is given by the static pressure calibration of the
transducers:

Ko I Ko I
U = I+ p ao . = - -- L m a - m = - L m

Ki K, Ki K,

f - (p(t)) a.-,.. a,-,.. p(t)

f_.. is known by the yaw angle characteristic calculated in the described manner. To
simplify the computation the angle characteristic is reduced to a linear fonction in
the environment of the measured data point.

f.-,.. (m(t)) = bo-, ., + b,-2 ., aL(t)

As measurements are only carried out with respect to the time mean flow, the first
coefficient vanishes. To avoid errors due to the zero offset of the transducers, only
the fluctuating parts of the voltage are registered during the measurements:

U_.. (j, Z) = IlL. = a-... . p + b,.-,,.

By linear combinations

Z, + lJ- = (a, ! a,) p bbi,_ + b,.)

the fluctuation quantities of static pressure and flow angle are derived:

- bi, .,bi, - a.l, .,Z

a.. bi. - a, bi. a,. b, - a. b,.

The resulting time dependent values are superimposed on the time averaged data. As the
characteristics of both probes depend on the above calculated pressure and Mach number,
the procedure is carried out as an iteration until a certain error margin is reached.
The consideration of the ratio of specific heats which depends on the measured concen-
tration in the closed freon cycle is included in this procedure.

3. Quasisteady upstream effects of rotors

A survey on the general flow pattern under discussion gives Fig. 8. showing the wall
pressure distribution (superposition of the pneumatic pressure measurements and
semiconductor data) upstream and in passage of the supersonic rotor. The upstream axial
flo, obviously is subsonic. Thus the front waves moving with the rotor in circumferen-
tial direction result in an unsteady pressure disturbance of the inlet flow.

The strong 3D-nature of this quasisteady pressure field upstream of a supersonic rotor
is shown by the isobars of the unsteady portion of local static pressure in Fig. 9.
These data are acquired by traverses with semiconductor probes about half a pitch
upstream of the rotor. The decay of this quasisteady disturbances of the inlet flow was
studied at midspan. A summary of these data is given in Fig. 10. For different axial
positions at midspan in front of the supersonic rotor the amplitude of the local
pressure pulsation is plotted. The rotor speed is chosen as an additional parameter.
The following main features can be stated:

- The pulsations induced by the rotor front waves, as expected, decay hyperboli-
cally in axial direction for n/no , 0.75.

- If the rotor speed becomes lower the intensity of the pressure disturbances
remains more severe moving upstream from the rotor.
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- For a fixed axial position the amplitude grows reducing the rotor speed. Thus

the reduction in relative Mach number and resulting drop in front wave pressure

ratio is overcuopensated by the detachment of the leading edge shock sy.Lem and

accordingly bigger . -ock angles. The most intensive fluctuations are generated

at 75% speed where the relative velocities are slightly supersonic and the
front waves detach remarkably from the leading edge.

- The shock induced quasisteady upstream cffects for equal axial position are an

order of magnitude higher than subsonic upstre-m interference (e.g. n/0

0.38).

The intensity and the losses of bow shocks are commonly modelled by 2i-approximaions

accounting for leading edge thickness and deviation of the stagnation streamline

/16,17/. As the upstream effects of supersonic/transonic rotors are quasisteady, these

models can also be applied to determine the upstream decay of pressure pulsation
induced by the rotor. Comparing, however, the results with the measured data (Fig. I1)

the bow shock pressure ratio computed by the 2D-method proves to be too low. Only if
the 3D-nature of the bow shock (see Fig. 9) and especially the influence of the passage

flow and the back pressure respectively is taken into account, i.e. a 3D or quasi 3D-

computation of the whole rotor is carried out /18/. the predicted quasisteady pressure

rise in the front waves meets the experimental data.

4. Experimental results of unsteady measurements behind the rotor

Rotor exit flow

As shown in Fig. I the interacting phenomena are reinforced considerably by trailing

edge shock and expansion waves in case of supersonic exit Mach numbers. In more detail,

the flow configuration in the rotor exit is clarified by means of the flow pattern in
Fig. 12. In the investigated supersonic impulse-type rotor the relative flow is

accelerated from inlet to exit /12/. So the trailing edge shock formation i f-,-4 as

in trans- and supersonic turbine cascades.

The location of the shocks results from measured fluctuating quantities downstream of
the rotor. A result of these measurements is shown in Fig. 13. The distribution of the

alternating static pressure in the midspan of tl.c divergent annulus is presented. The

influence of the pressure side trailing edge shock is recognizable by steep gradients.
An analysis of the point of time at which the shock-induced gradients of unsteady

pressure are registered (see marks in Fig. 13a) leads to the quasisteady location of
the pressure side trailing edge shock (Fig. 13b). In comparison with this the suction

side shocks cause small pressure gradients which are more difficult to recognize. One

reason is the diminishing shock strength due to the expansion waves of the neighbouring

rotor blade.

A more detailed investigation of the shock induced gradients takes place by studying

the alternating parts of unsteady pressures and Mach numbers in the rotor exit at

measuring position 7. In Fig. 14a the fluctuating quantities versus time related to the
blade passing period of time are represented. The marks on the non-dimensional time
axis indicate the position of a rotor blade.

Due to the direction of the suction side shocks the probes register first the state
after the shock and then, with increasing time, the state in front of the shock.

Therefore, a transient increase of the unsteady total pressure and simultaneously a

reduction in amplitude of the unsteady static pressure indicates the influence of the

suction side trailing edge shocks. Owing to the different geometry, the pressure side

trailing edge shock causes negative gradients in case of total pressure and positive

ones in case of static pressure. In Fig. 14a the zones influenced by the pressure side

and the suction side trailing edge shock are indicated with "SS" and "PS".

oitnii the wake region, a sharp separation of the interacting boundary layer-, expan-

sion- and shock-effects is not possible. Reference values for the shock-induced changes
of the alternating pressure amplitude can be derived from the shock equations. The

estimated increase of static pressure across the pressure side shock is corresponding

very well with the measured gradients.

Within the wake region, a deceleration of the flow down to sonic and subsonic Mach

numbers is registered. Simultaneously, local minima of the unsteady total and static

pressure occur. Especially, the axial Mach number becomes subsonic. Outside of the wake

region the loss of total pressure declines, the flow expands up to high supersonic Mach

numbers as the angle of absolute flow increases and the angle of relative flow decrea-
ses. This can be described as a periodically unsteady starting process of the axial

flow component. In order to emphasize this Fig. lab shows the unsteady velocity

triangles resulting from measured values at the numbered positions of a rotor pitch.

Unsteady stator flow

The rotor-produced inhomogeneities discussed above lead to periodical alternations of

the flow quantities in the stator. To analyse these unsteady flow effects a spark-
stroboscopic-schlierentechnique as well as semiconductor transducers mounted in thi

surface of the stator blades are applied. In the following the results of these

Investigations are discussed.
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The photographs of the stator flow taken at design speed show the transport of the wake
flow and the pulsating shock systems (Fig. 15). By means of a different phase shift of
the spark release relative to the rotor blade trigger a comparison of the same stator
channels in different photographs provides information about the time-dependent changes
of the flow field.
In the entrance region of the stator the suction side trailing edge shocks of the rotor
are marked. Because of that a geometrical assignment of the trailin, edges of the rotor
to the illustrated stator blades is possible. One can see that the suction side leading
edge shocks of the stator are erased within the influential sphere of the wake (picture
A, channel 2; B,2; D,3; E,I; E.4). Due to the higher degree of turbulence, the wake
flow is recognizable within the stator channels in the more coarse structure areas on
the schlieren-photographs. The transient transport of the wake flow is recognizable in
channel 2 and 3 by succeeding comparison of the pictures A to N, Near the pressure side
the zones of higher turbulence exist longer than near the suction side (B,2; C,2). With
exception of the entrance region of the stator, the influence of the dissipative wake
flow along the suction side is limited at a small sphere near the surface of the
profile (E). In this area, the transport takes place in strongly accelerated flow so
that with time increase, the wake flow is accelerated.

In the range of the undisturbed main flow, the suction side leading edge shocks are
located within the entrance of the stator. The turning of the supersonic flow along the
pressure side is caused by single shocks which are focussed in the area of the leading
edge of the second blade row. badex the influence of the strong gradients in the wake
flow, the shock systems are pulsating (pressure side channel 2 and 4).

Fig. 16 shows the quantitative consequences of the inhomogeneous flow in the stator
inlet on the alternating profile pressure distribution. The wake induced turning of the
absolute velocity vector in circumferential direction causes simultaneously occuring
pressure alternations ("W") on both sides of the stator profiles at the position of the
first pressure transducers (PSI and SSI). The compression at the pressure side results
in a positive gradient and the expansion around the suction side in a negative gradient
of the unsteady pressure. The wake-induced increase of the pressure side shock strength
and the decrease of the suction side shock strength causes a reinforcement of the
pressure amplitudes. The wake-induced reduction of the absolute velocity causes
pressure changes of the same amount and same gradient on the pressure and suction side
of the profile. The pressure fluctuations with the same gradients on both sides of the
stator blades ('S") are caused by the interactions of the trailing edge shocks of the
rotor blades with the stator front shocks.

Due to inhomogeneous flow of the rotor blades the shock systems in the whole stitor are
stimulated to oscillations. These shock pulsations are reinforcing the unsteady
pressure fluctuations in the flow field. As a result in the area of supersonic turning
and in the pressure side channel between the first and the second row of the stator,

the registered magnitude of the alternating pressure is clearly higher than the
registered pressure changings on the suction side. This is a consequence of the steep
gradients in the wake flow which are concentrated near the pressure side of the stator
blades as seen in the schlieren-pictures (Fig. 15).

In subsonic flow, on both sides of the surface of the profile, the registered maximum
amplitudes of the alternating pressure are nearly of the same amount (Fig. 17). With
increasing Mach numbers, the unsteady pressure fluctuations grow and reach maximum
values at design speed and supersonic axial Mach numbers. In the entrance region of the
profiles the range of pressure fluctuations increases due to the high incidence angles.

As a result of the increasing intensity of unsteady pressure pulsations (with increa-
sing Mach numbers) the relation between the fluctuating and mean-time values of the
alternating profile-load-components increases, too. With higher supersonic Mach
numbers, the maximum range of variation of the dynamic blade-load reaches the order of
magnitude of the time-mean values /19/.

S. Conclusion

The main features of unsteady supersonic flow in a compressor have been discussed. In
case of a supersonic relative flow the upstream effects have a strong 3D-structure. The
maximum of rotor-induced upstream pressure fluctuations is found for transonic telative
flown.

The downstream unsteady pressure gradients are reinforced considerably by the trailing
edge shocks of the supersonic rotor. Within the wake region the axial Mach number at
design speed becomes subsonic by simultaneously increasing relative flow angles and
decreasing absolute flow angles. Over the whole blade-passing period a periodically
unsteady starting process of the axial flow takes place. By means of schlieren-photo-
graphs the interactions of rotor trailing edge shocks and wake flow with the leading
edge shocks of the stator is shown. Within the stator, the transport of the wake flow
is visible. The main part of the wake flow is located near the pressure side of the
stator blades. Especially in these regions the wake-induced shock oscillations re-
inforce the amplitude of the unsteady pressure. Along the suction side the registered
pressure fluctuations are lower,
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DISCLISSION

H.J. Lichtfuss, MTU, Germany
The paper shows a total pressure probe for supersonic flow and the calibration curves obtained

in a calibration tunnel. Within this figure the agreement is good between measured and calibrated normal
shock pressure rises. The real problem within a compressor comes from the fact that the local Mach
Number is not known and the measured static pressure has to be used, which is usually of more doubt.

Author's response :
The comparison of the total pressure losses across a normal shock in front of the wedge probe

results from measurements in a calibration channel, where Mach Number, total pressure and static
oressure were well known.

In case of the measurements in the compressor, the information concerning the Mach Number
results from the measured pressures of the second wedge probe. Thus, both probes have to be used
simultaneously. More details are given in the reference.

Reference : W.Elmendorf - 'Semiconductor Wedge Probes for Unsteady Flow Measurements" in Symposium on

measuring techniques for transonic and supersonic flow - Oxford 1988

S.C.P. Cook - Rolls-Royce, U.K.
Question concerning the calibration of the semiconductor wedge probes: could the author state

on the effect of pitch on the wedge probe calibrations and to what extent, if any, it can be believed
that the actual compressor test results will have been influenced by this.

Author's response :
Due to the wedge type pick-up-head opf the probes, there is only little influence of the pitch

angle in the supersonic flow. This was verified by several calibration tests. Consequently, the pitch
influence on the compressor test results was neglected.

K.R.Garwood - U.K.
Could the authors state wether in the data presented for the rotor exit traverse, the stator

vanes were in the correct axial pitching relative to the rotor, or had they been removed.

Author's response :
Actually the stator vanes have been removed, the measurements of the Rotor exit Flow were

carried out without the stator.
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MODELLING UNSTEADY TRANSITION AND ITS EFFECTS ON PROFILE LOSS

by

H.P.Hodson
Department of Engineering

Whittle Laboratory
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Cambridge CB3 ODY
United Kingdom

ABSTRACT
This paper considers the effects of wake interactions on the transition processes of turbomachine blade boundary layers. A

simple model of unsteady transition is proposed which is then used to identify a relationship between a new reduced frequency
parameter and the profile loss of a blade row which is subjected to unsteady inflow. The value of this new parameter is also used to
identify the nature of the boundary layer development on the blade surfaces. The influence of other parameters on the transition process
is also discussed. The model is then extended to deal with the more general case. The validity of the models is demonstrated by a
comparison with a correlation of the effects of wake-generated unsteadiness on profile loss which was originally proposed by Speidel.
The effects of unsteady inflow on four idealized turbine blades are considered.

NOMENCLATURE
Cx Axial chord of current blade row y Time averaged intermittency factor
p Pitch of upstream blade row (0=laminar; l=turbulent)
r Mean Radius 0 Boundary layer momentum thickness
Re0 Reynolds number based on local momentum 40 Flow coefficient

thickness and free-stream velocity o Radian Frequency = 2rrIT
s Surface Distance Io Reduced Frequency Parameter
T Wake Passing Period
t Time
t* Dimensionless Time = t/T ft Fully Turbulent (see text)
Ub Mean Blade Speed I Laminar, End of attached laminar flow
V Free-Stream Velocity le Leading Edge
Y Profile Loss Coefficient m End of unsteady transition zone

max Maximum Value of
a Angle of trajectory of leading edge of t Turbulent, Start of turbulent flow

transition zone in s-t diagrams te Trailing Edge
3 Angle of trajectory of trailing edge of tr Transition

transition zone in s-t diagrams x Axial
1. INTRODUCTION

It is known that in axial-flow turbomachines the efficiency of the mid-span blade-sections can be significantly different to that
of equivalent cascades which operate with steady inflow (e.g. Lopatitskii et al., 1969). It is only recently, however, that the details of
the unsteady flow have received much attention.

The relative motion of adjacent blade rows in axial turbomachines gives rise to a variety of unsteady interactions. The potential
influence of a blade extends both upstream and downstream. Wakes convect only downstream of the blades and their rate of decay is
much less than that of the potential influence (Dring et al., 1982). In low aspect ratio machines, the secondary flow vortices also cause
unsteadiness in succeeding blade rows (Binder, 1985). In transonic turbines, further interactions arise as the direct result of the
impingement of the trailing shock waves on the downstream blade row (e.g., Doorly and Oldfield, 1985). Despite the increased
awareness of the importance of unsteady flows very few publications (e.g. Speidel, 1957, Hodson, 1983, Tanaka, 1984, Hodson and
Addison, 1988, Binder et al., 1988 and Sharma et al., 1988) have concerned themselves with the effect of unsteady flows on the
overall performance of axial machines.

Wake interactions are present in all turbomachine stages. The present paper is specifically concerned with wake interactions and
their effect on profile loss. A simple model of unsteady transition is presented. This is used to explain the effects of periodic
unsteadiness on the profile loss of turbomachine blade rows and to highlight the most important aspects. The model is then extended to
deal with the more general case. Comparisons are made between results obtained using the model and available experimental data.

2. PREVIOUS RESEARCH INTO UNSTEADY BOUNDARY LAYER DEVELOPMENT
The majority of research concerned with the impact of wake interactions on blade surface boundary layers (e.g. Walker, 1974,

Hodson, 1984, Doorly, 1987, Dong 1988) has concluded that the most significant effect of the interaction is the periodic forcing of
transition of the boundary layers. It is this forcing that is responsible for the changes in profile loss.

Distance-time diagrams are often usd to illustrate how the state of a boundary layer varies with time over the blade surface.
Fig. l is a distance-time diagram based on those presented by Pfeil et al. (1982), Doorly and Oldfield (1985), LaGraff et al. (1988),
Hodson and Addison (1988), Dong (1988) Addison and Hodson (1989a) and Addison and Dong (1989) who investigated the effects
of wakes on the transition process. The abscissa is the non-dimensional surface distance (s/s,.x) while the ordinate is the non-
dimensional time (t*=tdT) where T represents the wake passing period. In such diagrams, a line parallel to the distance axis represents
instantaneous propagation while a line parallel to the time axis indicates a stationary phenomenon. The hatched area represents the
turbulent flow.

In fig. I the first occurrence of transition from laminar to turbulent flow which marks the creation of the turbulent patch begins
not at the leading edge but at a short distance beyond the point at which the response of the boundary layer to large disturbances tn the
free-stream first becomes unstable (Addison and Hodson, 1989a and 1989b). Currently available data suggest that transition does not
begin until the momentum thickness-based Reynolds number Reg exceeds a value of approximately 163, which is consistent with the
known behaviour of laminar boundary layers undergoing natural transition (e.g. Abu-Ghannan and Shaw, 1980). Having formed, the
turbulent patch begins to grow as is convects along the blade surface. As a consequence, the front of the turbulent patch propagates at a
velocity which is of similar magnitude to that of the free-stream while the rear propagates at a speed which is much less than that of the
leading edge but still in the downstream direction. Eventually, the leading edge of one patch catches up with and then merges with thetrailing edge of the preceding patch thus forming a turbulent boundary layer. In several respects. these turbulent patches are equivalent

to the individual turbulent spots which form during natural transition.
Table I lists the available data concerning propagation rates. The first six cases are concerned with the formation of individual

turbulent spots, The table shows that in the majority of cases, the trailing edge of a turbulent patch or individual spot propagates at
approximately half the free-stream velocity and that the quoted values vary very little. In contrast, the propagation rates of the leading
edge differ considerably.

In the cascade simulations and turbomachine tests which are listed in Table 1, the leading edge propagation rate usually a
to be equal to or greater than that of the free-stream . Addison and Hodson (1989a) explain that this is because although transition is
most likely to occur near the centre-line of the wake, where the turbulence is greatest, the undisturbed (i.e. laminar) part of the



Authors/Configuratio/Reynolds Number/Cause of transition VldV VI&V
(Apparent) (Anarent)

Schubaner and Klebanoff. Flat Plate, Spark 0.88 0.1
Wy nanski et al.. Flat Plate. Spark 0.g9 0.5
Obremski and Fejer. Flat Plate, Oscillating external flow 0.88 0.58
Houdeille et al., Flat Plate, Oscillating eternal flow 0.89 0.48
Pfeil et al., Flat Plate, Accelerating flow, Wakes 0.75 -0.9 0.54
lodson et al., Single Stage Turbine rotor, Re=3.5x10

5
, Individual turbulent -os -1.0 -0.5

Doorly and Oldfield, Turbine rotor cascade. Wakes Re=2x 1 Ensemble aeraged data 01.0 0.5
LaGraff et al., Turbine rotor cascade, Wakes, Re=9xl0

5
. Ensemble averaged data -1.0 0.5

Addison and Hodson, Single Stage Turbine rotor. Re=3xl
5
. Ensemble averaged data -1.0 0.3

Dong Supercrit. Compressor cascade, Re=3x10
5
. Wakes, Ensemble averaged data 0.76 0.56

Addison and Dong. Supercrit. Compressor cascade, Re.,l.Sx0
5
, Wakes, Ensemble averaged data >1.0 -0.5

Table 1 Comparison of Propagation Rates for Leading and Trailing Edges of Turbulent Patches in Transitional Boundary Layers

boundary layer continues to develop so that it becomes capable of undergoing transition at the lower levels of free-stream turbulence
which are to be found away from the centre-line of the wakes. Simultaneously, the wake itself travels at a speed approximately equal to
that of the free-stream and therefore at a faster rate than the leading edge of a conventional spot (e.g. Schubauer and Klebanoff, 1955).
Thus, further spots can form ahead of the zone of influence of the single initial spot. Because the formation of spots is a stochastic
process and the transition data are usually ensemble averaged, the above effects combine to produce an appagnl propagation rate of the
leading edges which is at least equal to the free-stream velocity. Though not necessarily a true propagation rate, the term will continue
to be used for convenience. The extent to which this apparent propagation rate can exceed the free-stream velocity is dependent on the
wake characteristics and Reynolds number (Addison and Hodson, 1989b). It is also more appropriate to refer to these periodically
intermittent regions as transitional rather than turbulent. In the case of the trailing edge of the transitional patches, the effects mentioned
above tend to cancel so that the propagation rate indicated by the ensemble averaged data corresponds more closely to that associated
with the rear of a single spot.

In order to be able to predict the effect of unsteady inflow on the profile loss of compressor or turbine blade rows, it is
necessary to make an estimate (in the absence of a model) of the time dependent "intermittent" state of the blade surface boundary
layers. Ideally, the formation and growth rates of the individual turbulent spots which make up the transitional patches should be
employed. Unfortunately, published data is not in form which allows an estimate of these parameters to be made. However, the state of
the boundary layers is also related to the information presented in s-t diagrams and the analyses presented below rely on appropriate
choices for the apparent leading and trailing edge propagation rates of the turbulent patches. Specifying these propagation rates is
equivalent to specifying a certain combination of the average formation and growth rates of the individual turbulent spots.

3. A SIMPLE MODEL OF UNSTEADY BOUNDARY LAYER TRANSITION AND DEVELOPMENT
The results of Speidel (1957) suggest that the profile loss of a blade row is dependent on a reduced frequency which defines the

character of the wake-generated unsteady flow in relation to the development of the blade surface boundary layers. The simplest model
of unsteady wake-induced boundary layer transition will be used to explain why this is so.

Figs I and 2 are idealized surface distance-time diagrams which illustrate two possible modes of boundary layer transition. In
the case of steady flow, natural transition or laminar separation takes place at a distance s, from the leading edge. In the unsteady case,
transition begins at a distance st from the leading edge where a turbulent and not a transitional patch begins to develop. The boundary
layer state is assumed to be either laminar or turbulent. It is never intermediate between the two and transition occurs in a step-wise
fashion. Thus, the hatched areas represent the turbulent flow. Fig. I refers to the case where the turbulent (i.e. not transitional) patches
generated by successive wakes merge at a surface location sm (points M) which is upstream of the location of steady state transition si.
Fig. 2 corresponds to the situation when only part of the wake passing cycle contains a moving transition "point". In either case,
attached laminar flow may persist up to the trailing edge when operating with stationary inflow (i.e., Sl=sm.).

The transition process will be assumed to be quasi-steady. Justification for the quasi-steady assumption may be found in the
discussion by Addison and Hodson (1989b). They argued that the most important time-scales with regards to unsteady transition were
those associated with the time it takes for the free-stream turbulence to diffuse into the boundary layer and the periodic time of the wake
passing, which will generally be much greater than the diffusion time so that the process may be regarded as quasi-steady. Since values
for the conventional forms of the reduced frequency parameter will therefore convey little or no information about the unsteady
transition process, an alternative definition is required.

The coalescence of turbulent patches formed by successive wakes is related to the rate at which they grow as they move across
the blade surface and the time interval between them. A new reduced frequency is therefore defined by the equatioa

S1

S, V

where (a is the frequency of the disturbances and V is the free-stream velocity. Since, in the present simplified analysis, the latter will
be assumed to be constant and equal to the average value over the surface between the points s, and si, eqn (la) becomes

S= -s
-  lb)

The reduced frequency as defined above represents the ratio of convection to periodic time-scales and relates specifically to the
unsteady transition zone of the blade surface in question.

For the purposes of this simple model, it will also be assumed that the leading edge of a turbulent patch advances at the same
rate as the free-stream (lines AA in fig. I and fig. 2) while the trailing edge lags, convecting at a rate which is one half of the free-
stream velocity. Therefore, the slope of the trailing edge of each patch is twice that of the leading edge in the distance-time diagrams,
i.e.

2 tan a = tan (2)

The above assumptions are equivalent to specifying a linear variation of a time-averaged intermittency function y between the
locations s, (y4) and sm (r- 1, in the case of fig. I ant L etween the locations s1 (y=0) and s, (y< I) with a step change to fully turbulent
flow (y=l) at st, in the case of fig. 2. None of the above assumptions are strictly necessary; they are made in order to simplify the
analysis. The assumption of constant free-stream velocity is based on the premise that the unsteady transition zone will not occupy a
large proportion of the surface length. Dring et al. (1982), Hodson (1983), Ashworth et al. (1985) have all shown that unsteady
transition of this type occupied no moe than 40 percent of the surface length at typical reduced frequencies in axial turbines.
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For transition of the type shown in fig. 1. trigonometric considerations lead to the result that the physical length of the
unsteady transition zone (sin - st) is given by

I+tana t. '] tan[Sm'S'S ] (3)

so that by eqn. (2)

sm- =tan (4)

where

ta a yt -_O Sm nax =. r

. S -s t S 2x s - st (5)

Fig. 3 shows the results of a series of boundary layer calculations in which the laminar-turbulent transition point su was varied
from the leading to the trailing edge of a flat plate. The flat plate had a constant free-stream velocity. The ordinate in fig. 3 is the
increase in profile loss above the laminar value (Y-YI) expressed as a fraction of the maximum possible change the latter being the
difference between the fully turbulent (Y) and fully laminar (YI) values. The results show that for the case of zero pressure gradient,
the increment in loss varies almost linearly with the amount of surface (s_, - s5 ) that is covered by turbulent flow. Therefore, it will be
assumed that the profile loss varies linearly with the extra amount of blade surface which is, on average, covered by turbulent flow.
Evaluating the area under the curve of fig. 3 reveals that, in the case of a transition point which slowly and cyclically moves back and
forth between the leading and trailing edges of the flat plate in, say, a sawtooth fashion, the above assumption leads to an error in the
average additional profile loss which is equal to 4 percent of the maximum change (Y'-Y).

When transition foil, -s the pattern shown in fig. 1, the above assumptions lead to the result that the profile loss associated
with the blade surface in question is equal to the average of the values which correspond to transition at the points T and M, whence

Y = 1/2 ( Y, + Y. ) (6)

Furthermore, if transition occurs at s, in the absence of wakes or free-stream turbulence, then

Ym=Y+(YI Yt)
sm ' s~s, st(7)

or

Y = 1/2[ 2Y + (Y]" Y) {~"'
St! ] (8)

which on substitution from eqn. (2) can be rearranged to give
1 1 21c
_.'= II- (9)

The left-hand side of eqn. (9) represents the fractional increase in loss above the steady state value. It approaches unity when the
reduced frequency becomes very large.

In circumstances which give rise to transition of the type indicated in fig. 2 and using the same assumptions as above, the
profile loss coefficient is given by

Y = 1/2 (Yi 
+ 
YO) 0 - At*) + Yj At* (10)

where At* represents the fraction of the wake passing cycle for which laminar flow persists at the trailing edge of the attached lamsnar
region (s=sl). Here, trigonometry and the above mentioned assumptions result in

(l- At*)= l s
, ltanoct (11)

which, on substitution into and rearrangement of eqn. (10), gives

= Y Ito (12)

Eqn. (9) and eqn. (12) are identical when the turbulent patches converge either at the steady state transition point (s,,=st) or at
the trailing edge (sm=s_). This equality corresponds to the special case

1 (13)

while eqn. (12) is valid for lower values of the reduced frequency ((0/2t 5 1) and eqn. (9) for higher values (0/2t ; I). Thus.

. ,(14)

where 0f is defined by eqn. (Ib).
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4. SPEIDEL'S UNSTEADY PROFILE LOSS CORRELATION: A COMPARISON WITH THE SIMPLE MODEL
The generalized effects of wake-generated unsteadiness on the time-averaged profile loss of a turbine blade row have been

considered by Speidel (1951,1952.1953 and 1957). A symmetrical aerofoil was tested either in a free-stream or in two different but
symmetrical convergent ducts in order to create typical turbine blade surface velocity distributions. The measured distributions are
presented in fig. 4. Simulated wakes from an upstream blade row were generated using a steel wire aligned with the span-wise
direction 0.15 chord lengths ahead of the aerofoil. The wire had a diameter of 0.02 chord lengths; above this diameter, the profile loss
of the aerofoil was shown to be independent of the size of the wire. Unsteady inflow was created by oscillating the wire in the pitch-
wise direction. The amplitude of the oscillations was sufficient to ensure that the increase in profile loss was also independent of the
amplitude. Since it is the turbulence in the wake that is largely responsible for the transition of the boundary layers, it is therefore
unlikely that the experiment was compromised by the use of an oscillating wire. Indeed, the symmetry of the entire test configuration
meant that the time-mean response of each surface of the aerofoil to the wakes was identical and that it was sufficient to measure the
effects of the oscillating wire on the loss within the wake flow. The results obtained by Speidel, therefore, may be used to validate the
proposed models.

Speidel found that the profile loss depended on a reduced frequency parameter which characterized the unsteady flow. He
defined the reduced frequency parameter by the equation

t1
S5eideI = i5)-15 MS~dd(15)

where st is the distance along the surface from the leading edge to the end of attached laminar flow when the inflow is undisturbed, V is
the average surface velocity over that length and to is the disturbance frequency of the wakes.

Speidel expressed the fractional increase in loss as the difference between the actual profile loss Y and that with steady inflow
Y1, expressed as a fraction of the difference between a maximum value Yft and the steady state low turbulence value Y1. He correlated
this against the reduced frequency parameter HSeidel SO that the general form of the correlation

y- Y f(t
t

Speidel) (16)

is similar to that of eqn, (14). The value of Yf, in eqn, (16), which Speidel claimed was the value for fully turbulent flow, was deduced
from measurements made with the wire positioned on the axis of the tunnel so that the wake continuously affected both surfaces of the
aerofoil. In practice, it is unlikely that turbulent spots could have been sustained within the boundary layer close to the leading edge.
However, the chord-based Reynolds numbers associated with Speidel's experiments are typically in the range from 1.6 to 3.7x 101 and
calculations show that Re0= 163 when s/s_,--0.05 so that the stability point for large free-stream disturbances will be very close to the
leading edge. Thus, it is not unreasonable to assume that wake induced transition effectively commences at the leading edge (i.e.. s ,,sJ
so that

l WSpende] (17)

and

Y, = Y (19)

Thus, eqn. (14) represents a more general form of Speidels correlation.
Fig. 5 shows Speidel's correlation together with eqn. (14) and some additional data. As the reduced frequency increases front

zero, the profile loss increases (in practice, it may sometimes decrease) from the undisturbed level and asymptotically approaches a
limit equal to that obtained with steady turbulent flow over the surface from st tos_,. It should be noted that in some cases, the
numerator and denominator of the ordinates are produced by the subtraction of very similar numbers so that some scatter of the data is
inevitable. The reduced frequencies of the majority of turbomachine blade rows will lie in the range from 0.5 to 1.0. Given the
simplicity of the model proposed above and the accuracy of the experimental data, the agreement between the data and eqn, (i4) is very
satisfactory.

The success of the simple model in predicting the observed trends is essentially due to the recognition that the nature of the
time-dependent unsteady transition, as illustrated by the s-t diagrams, dominates the generation of the additional loss. Fig. 5 confirms
the significance of the reduced frequency parameter (3 in relation to the generation of profile loss. This is because the quantity 0,2n
represents the ratio of the time it takes for a wake to convect across the transition zone (s - si) at the free-stream velocity V to the
periodic time of the disturbance (02n). The agreement between the data and eqn. (14) shows that suitable choices have been generally
made for the propagation rates of the leading (Vte=V) and trailing edges (Vte=1/2V) of the turbulent spots, the data of the present author
being the major exception as will be discussed below. It is sufficient to assume that the state of the boundary layer is either laminar or
turbulent.

The significance of the parameter U/2t7 extends beyond that indicated by eqn. (14) since its magnitude can be used to predict the
unsteady nature of the blade surface boundary layers, For example, laminar separation is unlikely to occur if 13/27 > I (see fig. 1 ) _.J
in this case, the value of H/2n dictates the length of the unsteady transition zone (see eqn. (2)). Likewise. if U3/2t 5 1 (see fig. 2). then
should laminar separation be predicted when the flow is steady, it is most probable that it will occur in the presence of unsteady flow.
In this case, the value of M12tn determines the fraction At* of the wake-passing period for which the laminar flow exists at the distance
si/s.. , from the leading edge (see eqn (11)). In a multistage axial flow turbine, Binder et al. (1988), Dong (1988) and Addison and
Dong (1989) have observed the periodic forniation and decay of laminar separations in the presence of wake interactions. If 13/2A. 1.
the profile loss may be satisfactorily determined from steady state measurements or predictions.

S. THE DATA OF YURINSKIY AND SHESTACIIENKO
The effects of wake-generated unsteady flow on profile loss have also been reported by Yurinskiy and Shestachenko (1974).

who rotated a spoked wheel of radial, circular bars in front of a linear cascade of impulse blades. They investigated the effects of
changing the axial distance between the bars and the cascade over a range of flow coefficients. The changes in axial distance resulted in
differing wake strengths. The test rig was similar in principle to the later construction of Doorly and Oldfield 11985).

It is not possible to add their data to the correlation of fig. 5 because the asymptotic value Yt is unknown. Instead. their data
have been plotted in fig. 6. The abscissa is the ratio of the bar speed 11h to the isentropic expansion velocity V, which, on substitution
of the values quoted by the authors, is approximately one half of the ratio M/2yr (i.e.. i,'V,,='/25/2n) when st={1 . Fig. 6 shows that
for the range of U/V, investigated and a given axial spacing, the additional loss due to the unsteadiness increases linearly. This is
consistent with eqn. (14) when Hf/2nSl.

Unfortunately, fig. 6 also shows that the additional loss is also dependent on the axial gap between the rotating bars and the
impulse cascade. The variation in gap is very large. This fact becomes particularly evident when it is noted that the inlet flow angle will
be of the order of 70* (the actual value is not given). Therefore, the character of the inflow will vary from discrete wakes at the smallest
gap to a virtually uniform flow, albeit with turbulence, at the largest gap, Transition correlations (e.g. Abu-Ghannan and Shaw, 1980)
indicate that the critical value of the Reynolds number based on the momentum thickness of the boundary layer Ree is a strong function
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of the free-stream turbulence level when the level is of the order of a few percent. Therefore, the effect of these changes will be to alter
the position s, at which transition first occurs. The variation of loss with axial gap, which amounts to a factor of two at a given value of
Ub/Vi, suggests a change in the maximum available transition length (s-s,) of the same magnitude (see eqn. (14) for example) which is
not unreasonable. These results therefore support the case that it is inadequate to assume that transition begins immediately the wakes
touch the blade surface or, indeed, when Re0 reaches a value of 163.

6. THE EFFECT OF A FINITE WAKE THICKNESS
The simple model presented above is based upon the premise that transition is periodically initiated at a point which corresponds

to the centre-line of the wake. In practice, the profile of turbulence within a wake is such that near the centre-line, the intensity is
relatively constant. If the wake is relatively thin, this is not important. When the wake width is large however, as it might be in L.P.
turbines if gross separation of the suction surface boundary layers were to occur, it is possible that transition will not be initiated at a
point in time and space but, in effect, at a point in space over a finite period in time. The length of this period, when expressed as a
proportion of the periodic time, is denoted by the quantity Aw* as shown by fig. 7. The s-t diagrams of Addison and Hodson (I 989a)
contain more than a suggestion of such a phenomenon.

Following the same lines as the simple analysis presented above, it can be shown that

I _ 1 2 i 03 >
1 - - Aw*) 2  

TC I -Aw*
Y - Yz L

- + Aw* <- - Aw (19)

which reduces to eqn. (14) when Aw*=0.
Eqn. (19) is plotted in fig. 8. It shows that at low reduced frequencies, the fractional increase in profile loss is equal to Aw*,

the effect being reduced when the frequency exceeds the value given by

SD
= I -Aw* (20)

which also corresponds to the frequency at which the individual patches caused by successive wakes merge at the point where attached
laminar flow would otherwise cease. The relationship (eqn. (20)) is plotted as a dashed line in fig. 8 and shows that the reduced
frequency at which this occurs reduces in proportion to the wake thickness. Typical values of Aw* are, as yet, unavailable but given
the success of the simple correlation, they may generally be expected to be small at least at the higher Reynolds numbers found in
turbomachines.

7. THE EFFECT OF A NON-UNIFORM FREE-STREAM VELOCITY: A MORE EXACT MODEL
So far. it has been assumed that the free-stream velocity is equal to the mean value over the maximum possible extent of the

unsteady transition Lune (i.e., si s5so. In practice, the velocity may not be coio,,,,it vver this distance so that the turnulent wedges
shown in figs. 1 and 2 are no longer bounded by straight lines. Fig. II shows one such example. Nor is it correct to use the form of
the reduced frequency given in Eqn. (lb); the more general definition (i.e., Eqn. (la)) will be employed below.

It has already been noted that in Speidel's experiments, turbulent flow is unlikely to have been sustained near the leading edge
and that the earliest transition could have occurred would have been near s/sm,.=0.05, where Ree-163. If it is assumed that this
location represents the distance s, and that st is equal to the values given by Speidel (1953). the data of fig. 5 can be replotted against
the reduced frequency parameter as defined by Eqn. (la) to produce the correlation shown in fig. 9. The data of Pfeil and Herbst
(1979) (ss, 5--0.14, st/s_,.=l.0) and the present author (sd/s=--0.54, ss,_O--0.8) are also shown. The differences between the
positions of the data points in the two figures are very small, which helps to explain the success of Speidel's original correlation.

A non-uniform velocity distribution will also result in a growth rate of the laminar and turbulent boundary layers which is
different to that on a flat plate in a zero pressure gradient. Fig. 10 shows the effect of changing the transition point upon the fractional
increase in profile loss of the kanal I andfreistrahl aerofoils. The calculations were carried out at the highest Reynolds number tested
and the transition point was varied over the range shown in the figure. Unlike the case of the flat plate, the loss no longer varies linearly
with the location of transition, particularly for the kanal II aerofoil. The results for the turbine rotor suction surface of the present author
(sd'sm,=0.54, s/sm,--0.8) are also shown in fig. 10. Like thefreistrahl aerofoil, there is less variation in the free-stream velocity in
this case so that the variation of loss is nearly linear. Thus, the assumption that the additional loss produced by the wake interaction is
proportional to the additional area of the blade which is on average covered by turbulent flow appears to be valid for the turbine rotor
and thefreistrahl aerofoil but not for the kanal II aerofoil.

In order to examine the significance of a non-uniform velocity distribution, the velocities measured by Speidel (fig. 4) were
used as iiput data to two calculation nitthuds. The flirst psnt If . i ,icthod coni,:i,...l uf , ime-marching calculation which traced the
development of adjacent turbulent patches in s-t space and so determined their shape. The time-marching calculation produces s-t
diagrams such as that of fig. 11. Thus, it is possible to determine the relative proportion of time for which a boundary layer is turbulent
at a given location in space, which is in effect the intermittency y. or where and when transition begins for a parcel of boundary layer
fluid which leaves the leading edge at a given time with a specified convection rate.
7.1 A stri calculation method

In the first series of calculations, the s-t space was divided into small strips of equal width in time At running from the leading
to the trailing edge of the blade. The width At was sufficiently small that the final solution was independent of the size of the strip. For
each strip, it was assumed that the development of the boundary layer was quasi-steady and that the rate of convection of information
(the mean propagation rate) was 0.72V, though the precise value is of little significance. Thus, a series of steady state boundary layer
calculations (Cebeci and Car', 1978) were performed for each strip using the information on boundary layer state derived from the s-t
diagrams. The mean integral thicknesses of the boundary layer during its development beyond tht start of unsteady transition were then
determined by averaging the results obtained for all the strips.

The results obtained by this method are shown by the dotted and chain-dotted lines in fig. 9. The line for the kanal I1 aerofoil
(Re = 3.6xl06) shoui that it should be significantly more sensitive to unsteady inflow than thefreistrahl aerofoil which has a flat-
topped pressure dist, bution. This is consistent with the trends exhibited by the experimental data though the prediction indicates a
higher level of sensib ,ity than the data admits to. This discrepancy is not understood although the margin of error in the experimental
data relating to the kanalII aerofoil is known to be typically of the order (Yt-YI): much greater than for the other two of Speidels test
cases. Nevertheless, the model and data suggest that a correlation based solely upon the reduced frequency parameter, while indicating
the general trends, is not sufficient for an accurate prediction of the effects of unsteady inflow when there is a very large variation in the
free-stream velocity over the potential transition zone. Under these circumstances, it is necessary to take account of the non-linear
relationshio which exists between the profile loss and the location of transition. It will be shown below that the effect of a var)ing free-
stream veiocity on use shape of .,,i. turbuient patches in the s-t diagrams (i.e. the intermittency) is much less important.



In the case of the experiments conducted by Pfeil and Herbst and by Hodson, transition occurs in a region of essentially
constant velocity so that the profile loss varies almost linearly with the location of the transition point along the surface over the
potential transition zone. Therefore, the data of Pfeil and Herbst agree particularly well with the model. However, the model
significantly underestimates the effect of unsteady inflow on the turbine rotor of the present author, a result which can be attributed to
the very rapid spread of the turbulent patches (see below).
7.2 An average intermittncv model

The s-t diagrams, using the same assumptions as above, may be used to specify the time-averaged intermittency of the blade
surface boundary layers. The boundary layer calculation employs a differential method using an eddy viscosity derived from mixing
length arguments. For a given height within the boundary layer, the eddy viscosity was determined according to the relationship

errff = Claminar + YCsurbulent (21)

where y is the intermittency determined frooa the s-t diagrams.
A calculation was performed for the kanal//llaerofoil, again at a Reynolds number of 3.6x 106. This test case was chosen again

since, of those investigated, it exhibits the greatest deviation from the 'wetted area' assumption. The reduced frequcncy chosen
corresponds to that of fig. 11. The corresponding variation of intermittency is plotted in fig. 12. It has a value of zero before the start of
transition and unity after transition is complete. Over the unsteady transition zone, the variation of y is virtually linear ., that the effect
of having a non-uniform free-stream velocity over the transition zone is sltght.

Table 2 compares the losses predicted by the 'strip' and 'average-insermittency' models. The difference amounts to only
approximately 16 percent of the fractional increase in the predicted loss.

Calculation method I Y1
Strip method 0.54
Average-intermittency method .6

Table 2: Comparison of predicted losses for the kanal 11 aerofoil for tY21t = 0.7

A question remains as to which of the above two methods is more appropriate. At most low reduced frequencies (say. Ms 1.0)
when, for e"'mple, separated flow or natural transition may persist for relatively long periods of time between the wakes, the quasi-
steady meshod is clearly more applicable. The average-intermittency method denies the very existence of unsteady flow. However. at
high reduced frequencies, the time-scales for turbulent diffusion will be greater than those of the wake-passing (Addison and Hodson,
1989b) so that the average-intermittency method may well be more appropriate.

8. THE INFLUENCE OF THE FORMATION AND GROWTH RATES OF TIlE TURBULENT SPOTS
So far, the unsteady transition process has been assumd to be -riodi .. witi a singi- , iirbulent patch tornning at a distance soon

after the response of the boundary layer to large disturbances becomes unstable. The leading edge of the wedges has been assumed to
propagate with the wake in the free-stream. Fig. 13 is based upon a figure presented by Addison and Hodson (19

8
9a), who showed

that the above may not always be the case; several turbulent spots may form underneath te footprint of a single wake and as a
consequence, the apparent rate of propagation may be so great as to appear negative (see Table I ). The data in fig. 13 were obtained on
the suction surface of a turbine rotor blade using surface mounted hot-film gauges which were calibrated for the measurement of wall
shear stress. The figure shows the development of the phase-locked random unsteadiness. It indicates that turbulent flow begins near
s/sma-0.4

5 
which is soon after Ree=163. The latest occurrence of transition is limited by a possible laminar separation at s/Smax,0.8

The free-stream velocity is relatively constant over the specified transition zone so that the variation of loss with transition locaton is
almost linear (see Fig. 10)

To illustrate the importance of using the correct value of the (apparent) leading edge propagation rate, the strip calculation
method was applied to the profile of Hodson (and of Addison and Hodson), a variety of leading and trailing edge propagation rates
being chosen. For the purpose of the calculation, due regard was given to the fact that the experimental data is ensemble averaged and
that as a result, the start of transition at 0.

4
5Srnax as indicated by fig. 13 does not represent the start of fully turbulent flow within the

wedges formed on the s-t diagram. Therefore, transition from fully laminar to fully turbulent flow was specified as beginning at
st/Smax=0.54 rather than at 0.

4 5
Smax.

Fig. 14 shows the results of the predictions, the information being presented in the same way as in fig. 9. For the purpose of
plotting the experimental data point, the maximum and minimum values of the trailing edge momentum thicknesses are those given by
the predictions. Fig. 14 shows that the increase in profile loss is a strong function of the apparent leading edge propagation rate which
is in reality, a combination of the spot formation rate and the propagation rate of the individual spots. The solid line drawn over the s-t
diagram of fig. 13 shows the start of transition employed by the calculation with the turbine operating at the condition corresponding to
the measurements. The agreement between the prediction, based upon the measured propagation rates (Vle= I.0V: Vte--0.3V), and the
measured trailing edge momentum thickness is also encouraging, although the measured value is higher than that predicted. A
comparison was also made between the predictions of the strip and average intermittency methods for the turbine rotor of Hodson. The
maximum difference in the integral thicknesses of the boundary layers predicted by the two methods at any point on the blade surface
was insignificant.

The surface distributions of the integral parameters of the suction surface boundary layer are also available for the above test
case (lodson, 1983). Fig. 15 shows the measured variation of the momentum thickness 0 and shape factor iH (=5*/0). The measured
vlues for a laminar flow cascade of equivalent geometry to the turbine rotor (Hodson. 1983) are also shown. The data show that in the
turbine rotor, the measured momentum thicknesses and shape factor are, respectively, higher than and lower than the cascade values.
Addison and Hodson (1989a) argue that these differences suggest that the boundary layer ahead of transition is not fully laminar. Thus.
an underprediction of the measured loss might be expected using the models so far described.

The average intermittency (Eqn. (21)) model was modified to take account of the facts noted above. The s-t diagram of fig. 13
was again used as a basis for the predictions but with the simple alteration that the average intermittency y was not allowed to be lower
than 0.1. The resulting surface variations of the integral parameters which correspond to the operating point of the turbine are plotted in
Fig. 15. The agreement between the predictions and measured data is self evident, the further increase in trailing edge momentum
thickness due to the change representing 7 percent of the predicted value, It is also noted that although the average intermittency varies
almost linearly with surface distance, the shape factor falls more rapidly during the earlier stages of transition than towards the end
suggesting that care must be taken when using the shape factor to represent the "state" of the boundary layer.

9. AN EXAMINATION OF FORWARD AND AFT-LOADED TURBINE BLADES
In this section, the effects of unsteadiness upon two sets of idealized turbine blades are considered at a Reynolds number of

3xl0
5
. The profiles have not been optimized in any way, their distributions being chosen so as to permit a stmple comparison of

differing design philosophies
The velocity distributions corresponding to the suction surfaces of the four profiles are shown in fig, 16. Peak suction on the
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forward-loaded profiles 30L and 30H occurs at S/smnu = 0.3 while it is found at s/smut = 0.5 on the aft-loaded profiles SOL and
S0H. Profiles 30L and SOL have attached laminar flow over their entire surface length when the inflow is steady. They are relatively
lightly loaded, the Lift as defined by the line integral

Ssx

r=-L- ds(22)

being equal to 0.925. Profiles 30H and SOH have a higher loading (r=0.975). As a result, laminar separation occurs at S/s1nax = 0.8
on profile S0 H in the absence of wakes. For the sake of simplicity, transition in the absence of unsteady inflow was specified at this
location. Laminar separation will not occur in the case of profile 30H. The location of the start of transition (Ree-163) is also indicated
in fig. 16.

The stnip calculation method described above was used to calculate the trailing edge momentum thickness for each of the four
profiles over a range of frequencies. Two different leading edge propagation rates (Vle=L.OV, Vte-) were investigated. Since the
variation in velocity over the potential transition zone is relatively small, the four profiles appear to be equally sensitive to unsteady
inflow when the results are plotted in a manner similar to previous figures. However, this disguises the fact that the upper (Yr) and
lower (YO) limits of the profile loss and the lengths of the transition zones (Si - sO of the four profiles exhibit differences. Thus, the data
is presented as in fig. 17, where the abscissa represents the ratio of the convection time over the entire surface to the periodic time while
the ordinate is the predicted trailing edge momentum thickness per unit lift. Usually, the abscissa will have a value in the range from
0.5 to 2.0. The loss typically rises by 50 percent over this range.

Fig. 17 shows that the forward-loaded profiles 30L and 30H respectively present a lower time-averaged profile loss than the
aft loaded profiles SOL and SOH at the lower frequencies. At the highest frequencies, the opposite is true. The change-over point for
the more highly loaded profiles occurs at a much higher frequency. This is because profile 50H has a higher profile loss in the absence
of wakes and because it is much less susceptible to unsteady inflow since it has a shorter surface length over which unsteady transition
can occur. The change-over point occurs at lower frequencies for higher values of Vie (i.e. when rate of formation and growth of the
turbulent spots is higher).

If a turbine stage has significantly more rotor than stator blades, the stator bladcs will tend to lie to the right of the above
mentioned change-over point and the rotors to the left. In such cases, the results of fig. 17 suggest that the stator blades should be aft-
loaded and that rotors should be forward-loaded. However, if laminar separation can be avoided in between the wakes, the differences
between the aft- and forward-loaded profiles is relatively small. In situations where the design constraints dictate that laminar separation
will occur whatever the loading philosophy, the relative insensitivity of these profiles to incoming wakes suggests that steady flow
calculations may well be sufficient. This might explain the relative success of some highly loaded L.P. turbine designs.

10. FURTHER DISCUSSION
This paper has attempted to present, by modelling, the most important features of wake-induced boundary layer transition. It

has been shown thst a new form of the reduced frequency parameter (eqn. (1)) can be used to characterize the boundary layer
development and the .lditional profile loss associated with the unsteady transition, providing that a reasonable estimate is made of the
rate of growth and the formation of the turbulent spots during transition. A linear variation (or nearly linear in the case of non-uniforn
free-stream velocities) .,f the time-averaged intermiency over the unstiady transition zone (stgs5s) has been found to be adequate for
the present purposes. in practice, of course, the formation of spots within the so-called transitional patches is a stochastic process so
that transition appears on the s-t diagrams to be gradual rather than instantaneous when ensemble averaged over many cycles (see fig.
13). Similarly, natural transition to turbulent flow which occurs between the wakes at low reduced frequencies is also gradual.
Nevertheless, the assumption that transition is step-wise in fashion also appears to be sufficient for the present purposes.

The models presented successfully predict the influence of wakes upon high Reynolds number blade profiles. This is because
there is much less uncertainty over the growth rates of the turbulent patches (see Table 1). With reference to the last point, Addison and
Hodson (1989b) have suggested that it is only at relatively low Reynolds numbers (Re-3xt0 5

) that significant differences exist
between the idealized processes of fig. I or fig. 2 and the true process. It is also important to recognize that transition does not
necessarily commence close to the leading edge and that the wakes may be sufficiently broad so as to affect the shape of the s-t
diagrams, particularly at these low Reynolds numbers. Though a start of transition criterion has been suggested (Ree-163), evidence
of later transition has also been presented. The success of all the analyses provides further evidence to suggest that the process of
wake-induced transition can be considered to be quasi-steady at representative reduced frequencies.

The effects of wake-generated unsteadiness on the profile loss of a turbine blade were considered recently by Sharma et al.
(1988) who also replotted and added to the earlier correlation of Speidel (1957). Sharma et al. chose to re-define the reduced frequency
parameter as

fs- = o Cx =Ub Cx I Cx (1

which represents the ratio of the convection time of the wakes through the blade row (C5 /Vx) to the wake passing period (o/2x).
Presumably, this form was chosen because it is a simple function of the flow coefficient (0,=Vx/Ub) and the geomeiry. The above
definition differs from that proposed by the present author (eqn. (I)) and by Speidel (eqn. (i5)) and so does not admit to the possibility
that it is the ratio of the time it takes for a wake to convect across the transition zone (s, -si) at the free-stream velocity V to the periodic
time of the disturbance (o/2n) which determines the transition process. Attention should be paid to the flow on each blade surface
before the effect of wake-generated unsteady flow can be modeled.

In their current forms, the present models and the correlation are of limited use to the turbine designer during the initial stages of
the design process. This is because the exact nature of the geometry (sma) and the limits for boundary layer transition (s and si) are
unknown until a design nears completion. However, manufacturers of specific turbines tend to design within relatively narrow
constraints so that relationships can be established, for example, between the chord and surface lengths and between, say, the
Reynolds number and the distances s/S,,, and sis... This approach, rather than using a form of the reduced frequency such as that
proposed by Sharma et al., is to be preferred since the physical process of unsteady transition is embodied within the parameter 012n.
Once a design nears completion, the location of first point of instability st can be determined, for example, by use of transition
correlations; the undisturbed transition length s, may be found and it is no longer necessary to assume a constant free-stream velocity.

Though much of the above discussion has concerned itself with the effects of wake-interactions on the profile loss of turbine
blades, compressors ar not excluded from the model but there is little available evidence to confirm this (e.g. Tanaka, 1984, Dong,
1988). Likewise, the influence of wake-induced transition of the time-averaged heat transfer characteristics of turbine blades might
readily be modelled though in such circumstances, the assumption that transition occurs in a step-wise fashion will probably result in
local errors.



11. CONCLUSIONS
A simple model of unsteady transition has been proposed. It has been used to identify a relationship between a new form of the

reduced frequency parameter and the profile loss of a blade row which is subjected to unsteady inflow. The value of this new parameter
not only determines the effect upon the profile loss but also the nature of the unsteady transition process. It describes, for example,
whether forced transition ends before the location of either natural transition or laminar separation and the length of the resulting
unsteady transition zone. The model is shown to be consistent with expeimertal observations. It successfully explains the correlation
by Speidel of effects of wake-generated unsteadiness on the profile loss of turbine blade rows.

Extensions to the simple model show that the formation and growth rates of the turbulent spots have a major influence on the
susceptibility of a profile to unsteady inflow and that further information is required regarding these matters and the stability of laminar
boundary layers in the presence of unsteady, turbulent wake flows. The transition process may be considered to be quasi-steady and
adequately represented by a step change in boundary layer state.

A simple investigation of four idealized turbine blade surface velocity distributions showed that, for a given loading, aft-loaded
blades are to be preferred at the higher blade passing frequencies and that forward loaded profiles are more suitable at the lower
frequencies encountered in typical turbomachines. In the case of the more lightly loaded profiles, for which laminar separation was not
predicted under steady flow conditions, the benefits of changing the loading distribution were slight. When the distance between the
first possible occurrence of transition and the start of steady transition, whether via laminar separation or not, is small, then the profile
will be relatively insensitive to unsteady inflow.

12. ACKNOWLEDGEMENT
The author wishes to thank Dr. Stark of the Institut fir Str6mungsmechanik, Technische Universitt, Braunschweig who made

copies of Speidel's internal reports available to him.

13. REFERENCES
Abu-Ghannan, B.J. and Shaw, R., "Natural transition of boundary layers - the effects of turbulence, pressure gradient and

flow history," J. Mech. Eng. Sci., Vol. 22, No. 5, 1980, pp 213-228
Addison, J.S. and Hodson, H.P. "Unsteady Transition in an Axial Flow Turbine - Part 1, Measurements on the Turbine

Rotor," ASME paper No. 89-GT-289, June 1989, 1989a
Addison, J.S. and Hodson, H.P. "Unsteady Transition in an Axial Flow Turbine - Part 2, Cascade Measurements and

Modelling," ASME paper No. 89-GT-290, June 1989, 1989b
Ashworth, D.A., LaGraff, I.E., Schultz, D.L., and Grindrod, K.J., "Unsteady Aerodynamic and Heat Transfer Processes

in a Transonic Turbine Stage," ASME Paper 85-GT-128, 1985.
Binder, A., "Turbulence Production Due to Secondary Vortex Cutting in a Turbine Rotor," ASME Journal of Engineering

for Gas Turbines and Power, Vol 107, October 1985, pp 1039-1046.
Binder, A., Schroeder, Th., Hourmouziadis, I., "Turbulence measurements in a multistage low-pressure turbine," ASME

paper No. 88-GT-79, 1988.
Dong, Y., "Boundary Layers on Compressor Blades," PhD Thesis, Cambridge University, April 1988.
Doorly, D.J. and Oldfield, M.L.U., "Simulation of the effects of shock wave passing on a turbine rotor blade," ASME

paper No. 85-GT-112, 1985
Dring, R.P., Joslyn, H.D., Hardin, L.W., and Wagner, J.H., "Turbine Rotor-Stator Interaction," ASME paper 82-GT-3.

1982
Hodson, H.P., "Boundary Layer and Loss Measurements on the Rotor of an Axial Flow Turbine," ASME Jnl. of

Engineering for Gas Turbines and Power, Vol. 106, April 1984.
Hodson, H.P., "The Development of Unsteady Boundary Layers on the Rotor of an Axial-Flow Turbine," AGARD conf.

on Viscous Effects in Turbomachines, AGARD CP-351, Copenhagen, June 1983.
Hodson, H.P. et al., unpublished data.
Hodson, H.P. and Addison, J.S., "Wake-Boundary Layer Interactions in an Axial-Flow Turbine at Off-Design

Conditions," ASME Paper 88-GT-233.
LaGraff, I.E., Ashworth, D.A., and Schultz, D.L., "Measurement and Modelling of the Gas Turbine Blade Transition

Process as Disturbed by Wakes," ASME Paper 88-GT-232, 1988.
Lopatitskii, A.O., et al., "Energy Losses in the Transient State of an Incident Flow on the Moving Blades of Turbine

Stages," Teploenergetika, Vol. 17, No. 10, 1970, pp. 21-23.
Obremski, H.J, and Fejer, A.A., "Transition in Oscillating Boundary Layer Flows," Journal of Fluid Mechanics, VnI 29,

pp
93
-111.

Pfeil, H., and Herbst, R., "Transition Procedure of Instationary Boundary Layers," ASME Paper 79-GT-128. 1979.
Pfeil, H., Herbst, R. and Schroeder, T., "Investigation of Laminar-Turbulent transition of boundary layers disturbed by

wakes." ASME paper No. 82-GT-124, 1982
Schubauer, G.B., and Klebanoff, P.S., "Contributions on the Mechanics of Boundary Layer Transition," NACA TN 3489

(1955) and NACA Rep. 1289 (1956)
Sharma, O.P., Renaud, E., Butler, T.L., Milsaps, K, Dring, R.P. and Joslyn, H.D. "Rotor-stator interaction in multi-stage

axial-flow turbines",.AIAA paper No. AIAA-88-3013, presented at AIAA/ASME/SAE/ASEE 24th Joint Prop. Conf., Boston Ma..
July 1988.

Speidel, L., "Untersuchungen tiber die Verwendung von Laninarprofsen in riner Reaktionsturbine", Bericht 51/5, Institut
fir Strmungsmechanik der Technischen Hochschule Braunschweig, 1951

Speidel, L., "Untersuchungen iber die Verwendung von Laminarprofilen in einer Reaktionsturbine", Bericht 52/11, Institut
fir Str6mungsmechanik der Technischen Hochschule Braunschweig, 1952

Speidel, L., "Untersuchungen Ober die Verwendung von Laminarprofilen in einer Reaktionsturbine", Bericht 53/14. Institut
fir StrOmungsmechanik der Technischen Hochschule Braunschweig, 1953

Speidel, L., "Beeinflussung der laminaren Grezschicht dutch periodische Strorungen der Zustrtlmung," Z. Flugwiss. 5,
Vol. 9, 1957.

Tanaka, S., "Influence of a Periodical Fluctuation on a Profile Loss of a Cascade - Pa-t I, Determination of the Total
Pressure Loss Coefficient," Bulletin of ISME, Vol. 27, No. 226, Apr. 1984, pp. 660-666.

Walker, G.J., "The Unsteady Nature of Boundary Layer Transition on an Axial-Flow Compressor Blade," ASME Paper
74-GT- 135.

Wygnanski, I., Sokolov, M., and Friedman, D., "On a Turbulent Spot in a Laminar Boundary Layer,", J.P.M., Vol. 78,
Pt. 4, 1976, pp. 785-819

Yurinskiy, V.T., and Shestachenko, I.,Ya., "Losses in an Impulse Turbine Cascade in an Unsteady Flow," Fluid
Mechanics-Soviet Research, Vol. 3, No. I, Jan 1974, pp. 22-27.



3. 0 .. ,..A3.0 I

->>

1.0 2 .0
T .' &-

KA

N, <<

0., - s-L ,0

0.0 0.2 0.4 0.6 0M6.8 1.0 0.10 0.2 0.4 0.6 0.8 1.0

S/s MIXaSna

Fig. I Schematic distance-time diagram of boundary layer states Fig. 2 Schematic distanc-i diagram of boundary layer statesshowing end of forced transition before natural transition showing combined forced and natural transition (assuming(assuming constant free-stream velocity) constant free-streamn velocity)

Steady State Transition Point it Rr 3,7xn106
1.2

Frestruhl /

o. - ,-Tra sition it leading edge L .0 . * f
A

0.8 -. 0.8 - : ,1'
KawlII 11

0.6 -> 0.6 41 '

0.4 0.4

o 1.. 
____-_Y,________

0I.2 0.2

Trransition at trailing edge

0.0 - - -- (1.0 --- P' T--- Ti- -- I
0.0 0.2 0.4 0.6 0.8 1.0 0.I 0.O2 0.4 0.6 0.8 1 0

Fraction of surface covered by laminar flow, -q U

Fig. 3 Effect of transition location on profile loss of a flat plate Fig. 4 Velocity disti-butions corresponding to Speidel's test caseswith zero pressure gradient



1.0

00

0.6

0.4

7 A

0.20E

0.0 0.5 1.0 1.5 2.0 2.S

2,7 2-,r V

Fig. 5 Conrelation after Speidel of effects of unsteadiness oin prof-ie
loss showing comparison of simple model and espenimenti]
data

2(5.

15.

5.0

s 10. - T T -

0.0 0.1 0.2 0.3 (1.4 0.5 11.6 0.7

Fig. 6 Effect of wake passing frequency, anial spacing and wake
intensity on profile loss (after Yurinskiy and Shcstachenkol,
blade chord =3flii, liar diameter = I-.,rm. 0 axial gap
1/6 Chord; U antal gap - a55 Chord; A axial gap =i Chord.



3.0 - - 1

2.0<

- AA
Aw

1.0 -

0.0 -

0.0 0.2 0.4 0.6 0.8 1.0

S/S m

Fig. 7 Schematic distance-tinie diagram of boundary layer states
showing combined forced and natural transition, with forced
transition being initiated by a wake of width Aw* (assuming
constant firee-stteamr velocity)

1.0-

0.8Es.()

0.6

0.4

0.2

0.0 - T -

0.() 0.5 1.0 1.5 2.0 2.5

2x

Fig. 8 Prediction, from eqn. (19). of effect of unsteadiness on
profile loss; showing effect of wakes of finite width width
Aw* (see also ig. 5)

___________________________________4



1.0 -

Freisrah

0 Eqn. (14)

.7 A

L // /
0.6 -/ y /.

0.4 /E

0 Speidel Freistrald N Kanall A Kanalil 0
Pfeil and Herbst 0

Hodson

0.0 I

0.0 0.5 1.0 sI 1.5 2.0 2.5

St

Fig. 9 Re-correlation of the effects of unsteadiness on profile loss
showing comparison of models and experimental data (see
also fig. 5)

LII .. Kanal I1 Velocity Distribution

= 0.05s_,,; S1 0.96s.,
/ st

0.8 rys I Y- Y' l 07

"-i S vo,

0 -Freisth Velocity .strbnsrn
.5 ~ ~ S " S 00-;~; S, OA."n

-" I Idon's turbine rotor Y
O 04 s, =0 54,.; s 0 8 ',, - I ,s .. 

3. 0 
0 70-_ 

-- --

-ds

St. S

a 0 0 -2.--5---T

0.0 0.2 1.4 0.6 0.8 1.0

F ractio n o f u a n sitioni zo n e co v e re d b y la m ina r fl o w , 1 .5./.....<-'.

Fig 1 Effect of transition location on profile loss for profiles with 1.0 -
non-uniformr velocity distributions 1.0

O .~ ' , ,

0.5

0.0

0.0 0.5 10

0/...
Fig. II Distance-time diagram of bounda y layer states s -,ing

effect of non -uniform velocity distibution for Spl.,es
Kanal /1 aerofoil



1.0-3.

2.5
0.5.

0. 7 0

0.000.0

00 0.5 1. 0.0 0. 1.0L

s/V

1.00

1., 0.6V

0.45

0.2 .

0.0 0.5 1.0 0.5 2.0 2.5

SIS..AtsSI

Fig.~ ~ ~ ~ ~ ~ Fg 14 Prediction of eieaea itritny f cto f sdon leaig and Ditaniin edg a fscinsraerno
resuts f Fi. II fr p props aatio ra tes se un n s die ss def i H d on nhtfl aaaqie nailfo

turbine roorAdio ndHdo, 99)



18-!4

0.002 1.2
E 0

0.000 1.0 -

Cascade Measuremn 0.. / "
P'redictionj 0. /1

0 2.5 - -, Turbine Me-surenret V /

" 2.0 o ~ ~ u .6 - F
Profile 301,

1.5 Profile SL1
0.0 0.5 1.0 Profile 3011 . .. .

0.4 Profile 5011

Re0 - 163 e

Lanmina Sepation o
Fig. 15 Predicted and measured suction surface boundary layer 0.2

development for the turbine rotor of Hodson

0.0 - - - I -

0.0 0.2 0.4 0.6 0.8 1.0

s/sn,,,

Fig. 16 Idealized velocity distributions for turbine suction surfaces

0.0030

0.0025 V =

0.0020S V1 = 1.0

0.0015

0.0010 MY

Profile 30L

Profile SOL
0.0005 Profile 30H

Profile SOH -----

I ~~0.0000ii iii

0.0 0.5 1.0 1.5 2.0 2.5

2it Vi

Fig. 17 Effect of unsteadiness on loss of idealized turbine suction
surfaces



DISCUSSION

M.L.G. Oldfield, Oxford University, UK

Have you considered modifying your simple model to take into
account the effects of a finite wake width ? This would make
the initial transition width greater and increase the losses
further. Your data shows a "blunt" start to transition,
which would confirm this.

Authors' response :

The paper does discuss this aspect of unsteady transition.
Equ (19) and fig. 8 reveal that at low reduced frequencies,
the additional profile loss increases in proportion to the
initial width of the wake while at high reduced frequencies
this effect is reduced. With reference to our own data, the
"blunt start" to transition does appear to exist but as
section 8 shows, this is of little relevance. This is because
the "start" represents the earliest detected occurrence of a
turbulent spot and not the location where, on a more rational
basis, transition is sufficiently well underway during each
wake passing cycle that the profile loss is affected.

H.D. Schulz, RWTH Aachen, Germany

To apply your model, one needs to know first where the flow
commences forced transition (due to the wakes) and secondly,
at low reduced frequency, where the flow in between wakes
undergoes natural transition. Do you have any suitable
correlations for that ?

Author's response

The experimental test data on the unsteady loss correlation style
plots can only appear because the start of forced and natural
transition are either known or easily inferred. In general,
this will not be the case and, as the question suggests,
additional data in, say, the form of a correlation is
required. At the Whittle Laboratory, we have already had some
success at predicting the start of unsteady transition using
steady flow correlations (see Addison and Hodson, 1989b) but
the question of spot formation growth rates still remains
unanswered. In the present paper, I have attempted to
illustrate the importance of the various aspects of unsteady
steady transition rather than make time predictions.

L. Leboeuf, ECL, France

How do you compute the starting location and length of transition
region ?

Author's response:

The model presented assumes that transition occurs in a step-
wise manner so that the "transition length" can simply be
determined from the s-t diagrams. In practice, the change of
state is gradual but the simplifying assumption doer not appear
to affect the overall result.
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Time-dependent Measurements on Vibrating Annular
Turbine Cascades Under Various Steady State

Conditions

A. B6lcs, T. H. Fransson, D. Schldfli

Ecole Polytechnique F6ddrale de Lausanne

Lausanne, Switzerland

Abstract

Two-dimensional sections of three turbine blades have been investigated experimentally in an non-rotating annular
cascade facility with respect to its steady-state and unsteady aerodynamic characteristics. The sections are representative
for the near tip sections of the blades where the nominal flow conditions are subsonic at inlet and near sonic or supersonic
at the outlet. Emphasis has been put on the time dependent aerodynamic coupling effects between the neighbour blades.

Unsteady experimental data have been obtained with the blades vibrating both in the "travelling wave" mode as well as
with "single blade excitation". Decomposition of the experimental data, obtained in the "travelling wave mode", into local
along the blade surfaces) and integrated unsteady aerodynamic influence coefficients indicates that the largest

aerodynamic excitation comes from the suction surface leading edge region and, in some cases, from the pressure surface
trailing edge region for all three cascades.

The unsteady aerodynamic influence coefficients indicate that for sub- and supersonic outlet flow velocities, all three
blade-geometries are self-damped (i.e. a single vibrating blade has a damping influence on itself), but an instability may
arise because of the aerodynamic coupling effects between, essentially, the reference blade and its immediate suction
side neighbour and, to a lesser extent, its pressure side neighbour. For transonic outlet flow velocities however, a clear
destabilizing effect of the (for this flow regime) almost normal shock on the blade itself appears, constituting an excitation
mechanism leading eventually to single blade flutter.

Nomenclature

Symbol Explanation Dimension
A Blade amplitude [mm or deg)
Bn Blade number "n" [-]
c Blade chord length [mim]

ch Unsteady force coefficient in direction of bending vibration mode Ch = cp A (X/C)i

cp Unsteady perturbation pressure coefficient cp (x,t) - 1 pwlP

cp Modified unsteady perturbation pressure coefficient h (x,t) = P PL[I
n m

cppS Unsteady pressure side pressure coefficient generated on blade "i" by vibration of blade "n" I-)
Enncpss Unsteady suction side pressure coefficient generated on blade "i" by vibration of blade "n"
Cw Aerodynamic work coefficient per cycle of blade vibration mode H
D, Pressure transducer number "i" on blade pressure surface 1-]

f Blade vibration frequency [Hz]
h Dimensionless ( with chord ) bending vibration amplitude [-]



I I-

k Reduced frequency k = w
M Mach Number [-1
p Time-averaged pressure [mbar]

p Unsteady perturbation pressure [mbar]
Si Pressure transducer number " on blade suction surface -]
t Time [sac 1
w flow velocity [ms-11
x chordwise coordinate [m]
y normal to chord coordinate [m]

Flow angle [deg)

y Stagger angle [deg]
6 Blade vibration direction [deg]
A (x/c) Normalized blade surface element projected into the normal to vibration direction [-]

(0 Natural frequency of the blades [s- 11
a Interblade phase angle. Positive when blade "n+l" leads blade "n" [deg]

Phase angle. Positive when perturbation quantity leads blade "n" [deg]

- Aerodynamic damping coefficient 1-]

Subscript

h Bending motion
loc local value

Is Blade lower surface (=suction surface)
ps Blade pressure surface

s Isentropic
ss Blade suction surface
us Blade upper surface (=pressure surface)
I Upstream flow conditions
2 Downstream flow conditions

Introduction

The last rotor stages of modern turbines have blade rows with high aspect ratios and relatively low natural frequencies.
especially when unshrouded. Such blade rows may be subject to self-excited flutter vibrations, in particular in the transonic
flow region, where normal shock waves on the blade can constitute a powerful excitation mechanism. As the power per
machine unit is increasing, such operating conditions are often realized, and it is therefore important to predict the
aeroelastic stability of bladings worting in the transsonic flow domain.

At present several theoretical models to predict the unsteady dynamic forces on vibrating turbomachine blades show
acceptable results with respect to the flutter stability limits for blades operating at low an medium subsonic flow velocities.
However, their validity has not yet been clearly established for high subsonic and transsonic flow regimes [B61cs and
Fransson, 1986]. For a safe design of turbomachine blades it is therefore still necessary to perform experimental
aercelastic investigations. Instrumentation and testing on full scale or model machines are difficult and expensive [see e.g.
Barton and Halliwell, 1987]. For this reason tests are often performed in annular [Kobayashi, 1984;1988; B6lcs and
Schlfli, 1987] or linear test facilities [Buffum and Fleeter, 1988: Szdch~nyi et al, 1984; Carta, 19821.

Linear cascades allow easy flow measurements with good flow visualizations at reasonable costs, but have also
disadvantages such as the necessity of tailboards to establish a flow periodicity within the cascade. Especially at
transsonic flow velocities tailboards influence the flow field. In the annular test facility, on the other hand, flow
measurements in the transonic flow regime are easy since, without any special precautions, the flow periodicity is self-
regulated in the cascade, The disadvantage of the annular cascade is the higher cost and a more difficult set-up and
interpretation of Schlieren and other flow visualizations.
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The annular arrangement is of importance for unsteady measurements because of the true circumferential steady and
unsteady flow periodicity: the unsteady pressure waves propagate circumferentially without interruption. This is not the
case in linear cascades with tailboards, whose influence on the time-dependent experimental results is a priori
unpre-'icable On the other hand, recent experimental and numerical results in annular cascades indicate that in practical
cases considering only 7-9 blades (out of 20 in tne annular cascade) is sufficient to determitie correctly the essential
features of the unsteady behaviour of the cascade [BdIcs et al, 1989; Gerolymos, 1988; Buffum and Fleeter, 1988].

The objective of the present study is to examine the steady-state and unsteady aerodynamics through three different
vibrating turbine cascades for sub-, trans- and supersonic outlet flow conditions.

The steady-state and unsteady blade surface pressures of the annular non-rotating turbine casacades operating under
these conditions ere studied, with the blades at rest or oscillating in the "travelling wave" vibration mode in the first
bending direction, respectively.

Annular test facility and data reduction

The tests on the cascades presented were performed in the non-rotating annular cascade tunnel at the Swiss Federal
Institut of Technology, Lausanne [B61cs, 1983. The flow in this wind tunnel is created in the radial-axial annular nozzle
shown in Fig. 1, The velocity and flow angle profiles in the test section are obtained by the regulation of the two separate
inlet valves ("1" and "2" in Fig. 1) and the two independent inlet guide vanes ("5" and "6").

The velocity profile in the inlet section can furthermore be influenced by two separate boundary layer suctions immediately
downstream of the preswid vanes. Four independent suctions just up- and downstream of the test cascade can act on the
velocity profile as well as on the boundary layer on the outer and inner tunnel walls.

As the annular cascade is "closed" circumferentially, the up-and downstream flow periodicity will not be disturbed by lateral
boundaries as in a linear test facility, and the inlet and outlet flow conditions adjust themselves in relation to the pressure
ratio.

The flow conditions are measured with two aerodynamic probes (8") which can traverse the charnel height. Measurement
in the circumferential direction is achieved by rotating the cascade in small steps, while the probe remains fixed. Pressure
taps ("10") are located on the inner and outer walls in order to determine the periodicity and the static pressure in the flow
field. The test facility is also equipped with Schlieren optic ("9") and laser holography for flow visualization.

The compressed air for the test facility is produced by a continuously running four stage radial compressor which has a
maximum mass flow rate of 10 kg/s and a maximum pressure ratio of 3.5. The suction of the wall boundary layers can be
performed with a second compressor (2 kg/s, pressure ratio 8).

Unsteady flow experiments with vibrating blades can be performed in two ways in the annular cascade test facility at the
EPF-Lausanne [Schlfli, 1989]. In the first way all the blades are vibrated in the travelling wave mode, and in the second
one only one blade is oscillated at the time. Summation of the effects of the single vibrating blades yields the informalion
for the travelling wave mode. Schifli [19891 has shown that both measuring techniques give similar unsteady
aerodynamic results.

For the tests presented here the data were obtained in the travelling wave formulation, and thereafter reduced into
influence coefficients. Both the steady state and time dependent data acquisitions, as well as the data reduction procedure
for the time dependent results in the travelling wave mode have been reported earlier (for example by [Bolcs and Schlafli,
1987]) and are thus not described here,

Model Cascades

The three annular cascades presented here consist of 20 prismatic blades each. The model test blades have a tip
diameter of 0.4 m, a hub diameter of 0.32 m and a blade height of 0.0395 m with a tip-clearance of 0.5 mm (see Fig 2
and Table 1 for cascade geometries), The nominal flow conditions of the sections under investigation are also given in
Table 1 All three cascades have blades equipped with steady-state and time-dependent instrumentation. As the present
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study treats the unsteady aspects of the cascades, only the time-dependent instrumentation is represented in Fig. 2. The
pressure transducers employed are mounted directly in the vibrating blades. Details about the mounting of the pressure
transducers and the oata acqu ,, ii ccuracy ;s g:.cn by B6lc1 et al [1989] ar' is thus not rpeqt,(; here

Each blade is elastically suspended on a spring-mass system (Bblcs and Schlll (19841), designed to reproduce the first
three eigenfrequencies, as well as the vibration direction of the first bending mode, as determined from the real blading in
the turbine for the corresponding section.

The blades are forced into an organized vibration mode by means of electromagnetic exciters and the vibration is
measured by inductive displacement transducers or strain gauges on the spring (B61cs and Schldfli [1984]). The
electromagnetic system can exert a limited force on the blade. The blade vibration amplitude and phase angle are
therefore not rigorously constant in time and between the blades, but subject to small fluctuations that depend on the
mechanical properties of the cascade (such as coupling between the blades) and the vibration mode selected, as well as
non periodic flow perturbations (see for example Schlifli [1989]).

Cascade I Cascade II Cascade III
Machine type Gas turbine Steam turbine Steam turbine

Stagger angle (0) 49.0 56.6 73.4
Blade chord (mm) 78.5 74.4 52.8
Profile thickness/chord length (%) 10 17 5.2
Pitch/chord ratio -) 0. 72 0.74 1.07

Nominal upstream Mach number M, (-) 0.34 0. 31 0.40
Nominal inlet flow angle P, () 10 -44 -62
Nominal downstream Mach number (-) 0.95 0.90 1.34
Nominal outlet flow angle )12 (°) -58 -72 -71

Vibration direction 8 (°) 90 61 43
Vibration frequency (1st bending) (Hz) 210-230 140-150 220-230
Reduced frc'uency -) 0.14-0.21 0.08-0.13 0.08-0.17
Pressure transducers on suction side 6 6 5
Pressure transducers on pressure side 5 5 5

Table 1: Cascade data

Results and discussions

The results presented have been selected as representative for the three cascades under different steady-state operating
conditions. The presentation of the results relies heavily on the influence coefficient concept as discussed by B61cs et al,
[19891.

The unsteady force coefficients presented below are the result of a sum of the unsteady pressure coefficients, weighed
with the blade surface element associated to the particular pressure. Obviously, for rapidly chordwise changing pressure
coefficient amplitudes and phase angles, the so determined force coefficient is not very accurate for the limited number of
pressures measured on the blade. Nevertheless, it is representative for the global effetcs observed and perfectly suitable

for the comparison between and classification of the different experimental results.

Cascade 1

Aerodynamic damping

The aerodynamic damping coefficient as presented in fig 3 resumes the unsteady behaviour ol cascade 1 as a function of

the outlet flow velocity. The pressure side is stable for most of the cases over the entire interblade phase angle range with
a maximum stability in the range a=1800-2700 and a minimum from o=00-180. The damping coefficient is a smooth function

for some tests, but shows some scatter for others; the origin of this scatter is uncertain. On the suction side, the damping
curve is roughly sine wave shaped, centered at different _-levels depending on t"-. cult.- flow velocity: For supersonic flow
(M2.'1.31) if is centered approximately at the stability limit resulting in an unstable interblade phase angle range 200' < o
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< 3600. For lower flow velocities (M2$=1.19, 1.06) the damping curve is shifted towards more stable values and the

unstable interblade phase angle range decreases. For near-sonic outlet flow however, a radical change in the shape of
the damping is observed: The suction Qidp bcon'ne unstable ovr the entire interbiade p-aze a-g:a ra,.e. li b , es
sufficiently unstable indeed to outweigh the positive damping generated on the pressure side: the blade is
aerodynamically unstable regardless of the interblade phase angle. Examination of the influence coefficients below shows
that this behaviour is caused by the normal shock on the suction side itself, causing a single-blade instability. The scatter
of the data compared to the other cases is larger, which is attributed to a large random component of the shock motion
superposed on the harmonic component.

For subsonic outlet flow conditions, the cascade behaves in a manner similar to the supersonic case: The pressure side is
stable over the entire interblade phase angle range, and the suction side shows an instability around o-90'. A certain

discrepancy is observed for two experiments at M2 =0.93, where only the inlet flow angle and vibration frequency are
slightly different (0: f=234Hz, 1=120, &: f=210 Hz, f3i=150). In the latter case a larger damping is observed. The reason for
this is the pressure side influence coefficient phase angles for blade "0", which are closer to Op=90* and yield therefore a

larger stability margin. On the suction side differences in the amplitude and phase angles are observed in the rear part of
the profile, leading to the different stability. There are no obvious reasons for these discrepancies.

From the aerodynamic damping curves the following conclusion can be drawn: the unsteady behaviour of the cascade for
sub- and supersonic outlet flow is, in terms of aerodynamic damping, very similar; a different behaviour is observed for
transsonic flow, where the generalized instability of the suction side over the whole interblade phase angle range is

observed.

Influence coefficients

The differences related to the outlet flow velocity occur mainly on the suction side, wherefore pressure side data are not

presented here.

An example for supersonic flow shows that the relevant interactions occur between blade 0" and "-1" (fig 4). At the leading
edge, an influence from more distant blades, propagating in the upstream flow, is observed. Towards the trailing edge, the

amplitude of the interactions decreases rapidly. An effect of the impact of the trailing edge shock from blade '-I" on blade
VO is observed at x/c-0.64 (symbol "A"). For transsonic flow, however (fig 5), a difference is observed towards the

trailing edge: The normal shock situated in the proximity of the rearmost pressure transducer symbol generates a large
pressure amplitude depending on the vibration of the blade at which it is attached, blade 0 (symbol "x"). Influences from

the other blades are relatively small, but even the "+1 neighbour blade (symbol ") generates a perceptible effect near

the trailing edge.

The imaginary part of the 0-blade pressure influence coefficient indicates whether a blade generates a exciting or

damping effect on itself. This eigen-stability is summarized in F;g 6: For super- and transsonic outlet flow velocities, a small
unstable zone is observed between 20% and 50% of the blade chord. It is compensated by the stable zones near the
leading edge and in the rear part of the profile. In the transsonic case however, the phase angle of the pressure induced by

the shock motion (symbol "+", rearmost position) results in an important negative damping: integration of the local damping

coefficients into the self-damping of the entire profile yields a negative value; the shock motion causes a single blade flutter
instability, which is independent of aeroelastic coupling effects. For subsonic flow, a behaviour globally similar to the

supersonic case is observed, but the data are considerably more scattered. It is interesting to note that for decreasing
outlet Mach number, the suction side becomes slightly unstable.

Cascade 2

Aerodynamic Damping

The unsteady behaviour of cascade 2 in terms of aerodynamic damping is summarized in Figs 7 and 8. In a similar manner

to cascade 1, the pressure side is stable for most of the operating conditions; in some cases a slight instability occurs for
interblade phase angles close to 0=00. On the suction side however, a considerable influence of the downstream Mach

number is observed: For M2 =1.42, the damping is a sine-wave shaped curve, centered quite accurately at the stability limit
-=0. For decreasing outlet flow velocity, the damping curve conserves is sine-wave shape, but is shifted towards positive

values 1M,,-.1 .26, M2,=.13) as for cascade I: his means that the eigen-stability of the blade increases while the coupling

effects remain similar. For outlet flow velocities close to sonic, the damping curve is shifted towards negative values; at the

same time the amplitude of the curve decreases, which indicates weaker coupling effects. The mean value of the curve,

which indicates directly the eigen-slability of the blade, is negative for this case. As shown by the local eigendamping
along the blade chord in fig 9a, this effect is caused by the shock on the suction side, much the same way as for cascade 1
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For subsonic outlet Mach numbers, the pressure side damping in fig 8 is the same as for supersonic flow; differences are
noticeable on the suction side: For M21=0.85, M2s=0.86 a "hole" in the damping coefficient curve appears for o=54' , which
didPpear, iui i ji.0 and ;V.V3 O,:.t f;,;.'c i !. !. d'i ! t!" -4 4^c! nf the mc' distant "-2" and "-3" blades which

change in relative intensity and phase angle, resulting in different superposed global effects.

The influence of the steady state flow conditions in the cascade on the local eigendamping on the profile is shown in fig 9.
The stabilizing effects of the shocks at M2s~l 42, M2s=1.13 in contrast with the destabilizing effect of the normal shock at

M2s=1.04 is clearly visible.

Influence of the Inlet flow angle:

The steady state inlet flow velocity depends directly on the flow angle, thus affecting the scale of the conventional unsteady
pressure coefficient definition. Therefore an alternate form of the unsteady pressure coefficient ,) ud,::to;, al the inlet
flow velocity is used to compare results with different inlet flow angles. A difference of almost 30 in the inrO, flow angle
influences the steady state blade Mach number distnbution (fig tOa) on the fiis, 20% of the blade chord on the suct,., S:dS
and on about 80% on the pressure side. The unsteady behaviour however only marginally depends on the inlet flow angle
(fig lOb and c). For the close to axial inlet flow angle of 1=-12 ° a less smooth rise of the unsteady pressure towards the
trailing edge is observed on the pressure side than for PI-45°. The phase angles show the same trend, with a more
pronounced scatter for flj=-45". On the suction side, for the close to axial flow the expansion at the leading edge is
stronger and the unsteady pressure amplitude larger than '-" 0 --451. as well as the (for this cascade) typical drop of the
unsteady pressure observed aft of the throat location and the chordwise phase angle varlaton. In conclusion, a difference
of more than 301 of the inlet flow angle leads only to some quantitative discrepancies, but not to a qualitatively different
behaviour of the cascade. This is to be expected, since the steady-state flow through the cascade is almost the same.

Interblade Channel effects

Examination of the pressure influence coefficients shows also how the important interactions are generated across the
blade passage. The example in fig 11 illustrates this in the following way: If we imagine that only blade "82" is vibrating,
then blade "B1" will see a pressure induced by its pressure side neighbour "+1", while for blade "83" the same blade "82"

will be suction side neighbour "-1". Therefore the pressure side interblade channel is described by the coefficients c o-o
(symbol *") for the vibrating blade itself and c "*.) (symbol "N") for its neighbour "B3". The suction side interblade channel'98 .po (symbol "m") for blade "BI". It is readily
is described by the coefficients c " (symbol "x") for the blade itself and cp syoI

seen that the suction side loads induced have phase angles close to 0' and 1800 near the throat location (at about 30%
cord), which means that they behave in an almost quasi-steady manner. As regards the pressure side effects, a change of
sign along the chord is observed: From almost in-phase at the leading edge, it changes to opposite-phase towards the

trailing edge. Pressure and suction side pressures across the channel throat are almost in opposite phase as
schematically represented below.

Cascade 3

Cascade 3 is non-overlapping, to the difference of cascades 1 and 2. The inlet flow angle of the cascade has a large
influence on the pressure side steady state pressure distribution on the blade (see fig 12a), while the suction side pressure
distributions are almost identical despite of a 210 difference of the inlet flow angle. A strong expansion at the leading edge
is followed by a shock and recompression extending over more than 50% of the blade chord. This is due to a flow
separation at the leading edge for both cases. Schlieren flow visualizations show a normal shock which can be identified
from the blade surface pressures. The unsteady pressure distributions (fig 12b) are different in both cases especially on
the suction side despite of the similarity of the steady state pressures. On the pressure side, for 01=-65 ° , the largest
un,;toady pressure is generated at the leading edge and the phase angle varies smoothly from the leading to the trailing
edge. For Pt=-44 ° 

the unsteady pressure increases from the leading edge to the trailing edge. The phase angle near the
leading edge is in upposite phase with respect to the former case, but amplitude, and phase angles tend to similar values
towards the trailing edge. On the suction side, large discrepancies are observed: Amplitudes and phase angles differ much
in the first half of the profile and tend to somewhat similar values in the aft part of the profile. The essential difference is
observed in the (modified) aerodynamic damping which shows that the cascade is stable or neutral for P=-65°, but
unstable for )3,=-44" over the whole interblade phase angle range. As for cascades 1 and 2, the damping curve is centered
at a negative value, which means that the suction side is intrinsically unstable due to single blade flutter, depending on the
inlet flow angle.
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For subsonic flow an aerodynamic damping as shown in fig 13 is obtained. 1 he pressure side is close to neutral over
almost the entire interblade phase angle range, whereas the suction side is slightly unstable between 1800<0<360 ° . On
tho suclion side a nAak in the dnmpir,, is observed for an interblade phase angle o=540 which is close to the theoretical

downstream resonance phase angle. The pressure influence coefficients show that the important interactions are
generated near the leadinw edge between blades "0" and "-1", both for the pressure and suction side. Influences from the
other blades are considerably smaller with the exception of blade "+1" , which generates a noticeable effect towards the
trailing edge, closest to the source of the perturbation.

Acoustic resonances

One topic that still stirs controversy is the question of the acoustic resonances. The axial propagation conditions of
unsteady perturbations are called "subresonant" (or "cut-ott") when perturbations decay axially and "superresonant" (or
"cut-on") when perturbations propagate undamped. The limit between the two cases is called the "acoustic resonance" and
corresponds to perturbations propagating undamped circumferentially. In theoretical predictions, the resonance results in
a discontinuity of e.g. the unsteady blade load as a function of the interblade phase angle (see for example [Verdon,
1987]). Resonance effects have been experimentally observed in a test rig with long ducts [Smith, 1972], but none of the
experimental results from oscillating cascades to the authors' knowledge exhibits evidence of these resonance effects.

In the experiments presented above, the axial length of undisturbed flow is relatively short (in the order of 6 to 8 blade

chords downstream, 3 blade chords upstream). This may be too small for a reliably perceptible reson-'nce effect to

develop, and the possibility of reflections from up- and downstream is uncertain. However, this corresponds more to the

real operating nonditions of a turbine than infinite undisturbed up- and downstream flow. On the other hand, theoretical
predictions for cascade 2 show a very narrow interblade phase angle region where definite resonance effects would occur,

and their detection would probably be difficuflt n the cascadc e"periment.

Conclusions

The unsteady behaviour of different types of turbine cascades have been investigated in an annular cascade test facility.
The investigations concentrated on the influence of the interblade phase angle for the unsteady parameters and the outlet
flow velocity for the steady state flow, the effect of the inlet flow angle being studied only briefly and partly.

The following conclusions are drawn from the experiments:

* For all cascades the relevant interactions are observed between direct neighbour blades. Their most important
intensity is localized in the overlapping part of the cascade (where present), in the "Interblade duct". Influences from more
distant blades have to propagate in the up- and downstream flow field and are considerably weaker,

For supersonic flow, the oblique shock waves in the cascade flow have a stabilizing influence, which is more or less
pronounced according to the flow velocity and the cascade geometry.

* For transsonic outlet flow conditions an instability appears (which may depend on the inlet flow angle), which is
caused by the normal shock on the suction side of the profile of turbine blades. The inherent Instability of a normal shock
acts with a positive feedback on the blade vibration and presents a single-blade flutter mechanism: It Is independent of the
vibration of neighbour blades and cannot be fought by measures such as mistuning of the blade row. This phenomenon is
tG be expected on compressor blades also.

* The inlet flow angle has little influence on the unsteady behaviour of overlapping turbine cascades with well defined
interblade channels. It has a large influence on cascades with tip-section profiles, which may be stable for small and

unstable for large incidence flow angles.
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1,2 Inlet valves 9 cylindrical optic for flow visuaization

3,4 Outer and inner settling chamber 10 Static wall pressure taps
5,6 Outer and inner preswirl vanes 11 Outlet flow collector

7 Test cascade 12 Outlet valve
8 Aerodynamic probes up- and downstream -) Boundary layer sd.ction

Fig. 1: Schematic view of the annular test facility at the EPF-Lausanne.
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a: Cascade 1. Gas turbine cascade, midspan section
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b: Cascade 2: Steam turbine cascade, midspan section

C: Cascade 3: Steam turbine cascade, tip section

Fig. 2: Cascade geometries and locations of pressure transducers
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SUMMARY

The development of the profile boundary layers, particularly the locii of transition
and separation, largely depend on the turbulence level of the free-stream and the wake
flow effects.
For comparison, a detailed survey of the profile boundary layers in an annular compres-
sor cascade has been carried out first at a steady, uniform incoming flow and secondly
with a rotor upstream. The rotor incorporates cylindrical spokes causing periodic wakes
and thus a higher overall turbulence level of the flow, Its impact on the profile
boundary layer history and the performance of the compressor cascade will be discussed.

NOMENCLATURE

BPf blade passing frequency U anemometer output voltage
c blade chord I, anemometer output voltage
C absolute flow velocity at zero flow
Cp pressure coefficient W relative velocity

Cp = (P--P_.)/(P2-P_..) W wake
E rate of heat transfer x axial direction
ET end of transition y circumferential direction
F free-stream z spanwise direction
i incidence a flow angle measured frum
H blade height axial direction
L blade surface length a boundary layer thickness
LSB laminar separation bubble 8 momentum thickness
Ma Mach number
P pressure
PS pressure side (1- cc )(c/c ) dy
r radius
r. leading edge radius 0
r. trailing edge radius E turning angle
Re.. non steady Reynolds number A stagger angle
s blade spacing p density
S center of gravity shear stress
SS suction side W circumferentially mass-
ST start of transition averaged loss coefficient
t blade thickness i - (P=,-P.,IP, -P')
T blade passing period 0 vorticity
TS location of turbulent boundary

layer separation
To turbulence level To = C../C
U rotational velocity

Subscript Suerscri ts

O design flow angle ! ) mass-averaged
2 upstream of the cascade (circumferential)
3 downstream of the cascade I ) time-averaged
Ioc local (- averaged over the entire
a blade midspan height passage
RMS root mean square ( ) periodical fluctuation
s static
sec secondary
t total
w blade surface
w wake
- free-stream
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I) INTRODUCTION

The recent trend towards closer blade row spacing in turbomachinery, especially in
aircraft engines, amplifies the considerable unsteadiness in the flow field. Most of
the present analysis and design of aircraft engines are based on steady aerodynamics,
even though it is known that the close proximity of rotating and stationary blade rows
and the resulting unsteady flow can have a profound effect upon the performance of
turbomachines (Hodson /I/).

The unsteady flow associated with blade row interaction has a major influence on blade
boundary layers, transition, turbulence intensities, corner separation, blade pressures
and the performance of a blade row. The most significant effect is thought to be the
periodic forcing of the transition of the blade surface boundary layers and the
influence this has upon the aerodynamic and thermodynamic performance of the blade row
(references /1,2,3!). The presence of the wake above the blade surfaces causes the
formation of a turbulent patch within an otherwise laminar boundary layer. The leading
edge of this patch travels with the leading edge of the wake at approximately the free-
stream velocity. The rear of the patch travels more slowly, at a rate which is more
typical of that observed at the rear of turbulent spots formed by natural transition
(Pfeil et al. /2/). Due to the differing leading and trailing velocities, the patches
merge and form a turbulent boundary layer. It was found that while the turbulence in
the wake always provokes an earlier start of transition, the transition length might
increase due to becalmed regions in between wakes where no turbulent spot can arise
(Pfeil et al. /2/). Hence, depending on wake spacing, the transition process might be
completed downstream or ahead of the would-be position of the end of natural tran-
sition, and up to now little is known about the transition behaviour on compressor
blades in rotating machines.

The performance of a turbomachine is governed to a large extent by the boundary layers
developing in a blade row, and the influence of unsteady flow upon performance is still
not understood, especially at off-design operation and at low aspect ratio bladings,
where three-dimensional effects and corner separation might influence the blade
boundary layer even at midspan (Schulz and Gallus /4/). The present paper is concerned
with the mechanism and relevance of wake interactions in an annular compressor cascade.
It describes an investigation of the blade boundary layers and the performance of the
cascade at steady incoming flow and in the presence of rotor-staror interaction. A
simple configuration was chosen to generate viscous wake interaction with negligible
potential flow interaction. A rotating row of cylinders was placed upstream of the
cascade, and measurements were taken at almost identical inlet incidence and other
inflow conditions as those in the steady case (with the rotor being removed). Data is
aquired at four different incidences and only representative results are given in this
paper.

2) EXPERIMENTAL DETAILS

Research Test Rig and Inlet Conditions

The experiments were performed in the annular cascade shown in Fig. I. A tirtmocoi-
pressor set provides a continuous airflow to the test rig. The swilI angle of the flow
is varied by means of 48 adjustable inlet guide vanes (IGV (S)i. Angular Momentim is
conserved while the flow passes through a channel contraction to level out the wakes of
the IGV. The test cascade (8) consists of 24 untwisted blades, mounted in the hob ftip
clearance 0.8 percent of blade height), with a hub to tip ratio of 0.75 and a tip
diameter of 428 mm. The aspect ratio is 0.86 and the solidity at midspast is 0.7%. The
blade profiles are radially stacked at their center of gravity and the blade, metal
angles at inlet and exit are 44' and IS", respectrively (measured from xsal; Iother
geometrical parameters are shown in Fig. 2.
Two sets of tests have been performed. One with a steady and uniform incomiug flow,
where the rotor (labeled (7) in Fig. I) has been removed. In the other set of measure-
ments. rotor-stator viscous wake interaction was generated by a rotor with cylinders
(simnlating blades) located at 57 percent of thoivd or 7 d iameters of the cylinder
upstream of the cascade. The rotor incorporates 24 rods with a diameter of 5.) Tm. The
rotational speed was kept constant for all investigations at 1000 RPM. Fig. 2 shows
the ge -otry of the cascade. All dimensions are in millimeters and the velocity
triangle is drawn for an inlet angle of or i,.2*. Rotating cylinders were chosen to
achieve nearly identical inlet conditions as those in the fase without rttor. at
constant rotational speed of the rolor hill different inlet angl s. Thug -iold not have
been achieved with a rotor incorporatoing blades.

The inlet angle and velocity distribution are shown in Fig. 3. These wele taken at 5
percent chord upstream. The points of operation are identified by the time averaged yaw
angle M, measured at midspan. The incidence angle is almost identical fur both cases,
with and without rotor. Even thonugh the velocity profile differs slightly tin the huh
wall, the boundary layer thickness is almost identical in both cases, as shown in
Fig. 4. The phase-lock averaged velocity at asrade inlet has been measured with a hot-
wire probe. f ig. S shows the variat ion if the I ital velocits, the turbulence intensity
and the incidence variation with time in the absolutl frame ,f ieference for an inlet
angle of a , 49.2' at midspan. Also indicated is the time averaged incidene angle 1.
Velocity defects AC/C of 15 percent and incidence changes from Au -2' to Au 8'

were observed at a, - 9.2', The maximom turbulence intensity (inside the wake) was
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13 percent and the mean turbulence intensity was 7 percent, which is much higher
compared to 1.2 percent turbulence intensity measured in the no-rotor case.

Measurement Techniques

Plow Visualization. The flows on the blade and hub surface have been visualized
using dye injection, oil film and titanium-dioxide. Dye injection and oil film tech-
niques have been described in detail by Schulz and Gallus /4/. All flow visualization
studies have been filmed in motion with a video camera equipment.

Five-Hole Probe Measurements. Detailed radial and circumferential measurements were
carried out with a five-hole probe at the cascade exit plane (35 percent of chord
downstream of the blade trailing edge). The probe head diameter is 2.6 mm and the
uncertainty of the measurements was about + 2 percent in Cp-values and + I degree in
flow angle. Due to the high flow angle variation in the exit plane (plane 31, here the
probe had to be yawed at every measuring position. Measurements were taken at 22 radial
and 21 circumferential positions. A description of the probe and its calibration is
given by Bohn and Simon /5/.

Surface Mounted Hot-Film Anemometers. The development of the stator suction and
pressure surface boundary layers was investigated using an array of DABTEC surface
mounted constant temperature hot-film anemometers. Since the blades of the compressor
cascade are untwisted, the multi element gauge was mounted on an elongated blade, which
can be traversed radially to move the sensors to different spanwise positions. There
are 21 sensors placed along the blade suction side and 14 along the pressure side
(Fig. 6).

The similarity between the velocity and temperature profiles, the latter generated by
the hot-film anemometer, leads to a relationship between the rate of heat transfer to
the fluid (E) and the wall shear stress of the form

El - A
4  

- k o1.
1  

(I)

where the constant A represents the heat lost to the substrate /6/. Since the calibra-
tion of an array would have been both difficult and extremely time consuming, it was
decided to adopt a similar procedure to that described in reference /7/. It is assumed
that the constant A in the above equation can be approximated by the bridge voltage
measured under zero flow conditions Uo. Furthermore, reducing the data to the form of
(t12/Ool) should suppress the effects of different values of the constant of propor-
tionality k. given the assumption that the rates of heat transfer to th air and
substrate are similar functions of the same variables. In practice, a further simpli-
fication was iotroduced whereby the data acquired were in the form of voltages.

Hot-Wire Measurements. The suction side boundary layers have been measured using a
hot-wire probe. Since the boundary layers are very thin, only a single wire probe could
be ued. Thus the probe an only sense the value of the total velocity, and the flow
direction could not be determined. The hot wire probe incorporates an additional prong
which causes the traversing unit to stop if the prong touches the blade, thus posi-
tioning the probe at exactly 0.15 mm away from the surface. As described in more detail
by Schulz and Gallus /4/, care has to be exercised in obtaining accurate data from a
hot-wire probe in a highly turbulent flow. In general, the time averaged flow velocity
will be masored too high and the velocity fluctuation too small, if the local turbu-
lence level exceeds 30 percent (Dengel and Vagt /8/). This is particularly valid for
separated flows in the presence of backflow vents. Hence measurements in these regions
should be uiizwed as qualitative. When turbulence level is below 20 percent and the
radial vlo:ity is small (like in the midspan region of the passage), the error in
total velocity is about # 2 percent.

Data Analysis and Processin;

The use of phase-luck averaging to process periodic data out of raw signals obtained in
rotating machinery is a well established technique requiring little further expla-
.al ion. The data from the high response hot-film and hot-wire anemometers were acquired
and recorded in digital form via an analog-digital converter with a sampling rate of
89 kHz. The systpm was operated in the external trigger mode so that data could be
synchronized w;th the rotor. Two hundred samples were taken along one cylinder passage
and averaged 128 times (N - 1281. Also real time data were stored to derive turbulent
quantities (RMS-values). All data were ptocessed to physical units after the tests.

The ensemble averaged, time averaged and RMS-values are defined as follows:

N T N

1 u(r.
t  

(2) 5 .u _ 1 ) 7- u n.tl (3)
N tTj N _ntl f -0 n-1

N

URNS {I) . 1 7 u (n.} - a M)2 (4) Tu Ill - uRNS It) / 11 (5)

n1
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where U is a function of x/c and represents instantaneous values, phase-locked to a
constant angular position (t/T) of the rotor. The analog digital converter used has a
12 bit resolution. The accuracy in conversion therefore is 0.024 percent of the
measured value. Lakshminarayana and Poncet /9/ derived a relation for the random error
occurring in an ensemble averaging data reduction process, which includes the turbu-
lence intensity and the number of ensemble averages (N). The error in the present tests
is estimated to be 1.4 percent in mean pressure and in mean velocity data.

3) RESULTS AND DISCtTSSTnN

Surface Flow Visualization

The oil film method has been applied to the blade suction surface to detect regions of
separated flow qualitatively. A comparison of the surface flow on the blade suction
side with and without the rotor is shown in Fig. 7 for all incidences under investi-
gation.
Three major changes can be observed. First. the three-dimensional laminar separation
bubble (LSB), found in the case without the rotor, disappears at all incidences at the
suction and the pressure side (not shown here). Because of its elimination, the flow
along the blade becomes more two-dimensional upstream of the turbulent separation in
the rotor case. Secondly, the regions of turbulent separated flow in the vicinity of
the end walls decrease in the rotor case, especially at smaller inlet angles (or blade
loading). Third, the midspan boundary layer seems to separate earlier at the trailing
edge in the rotor case.

The disappearance of the laminar separation bubble with free-stream turbulence levels
higher than 3 percent has also been observed by Hoheisel and Kiock /10/ in turbine
cascades. In their investigation the location of boundary layer transition was weakly
dependent on the turbulence level, even though prediction of Dunham /11/ showed a much
higher influence.
Walker /12/ points out that the periodic disturbances, arising from the passage of
rotor wakes have a major influence on the transition process, but they will only have
an effect on the location of the transition point when their scale is large compared
with the boundary layer instability length or if their amplitude is high. However, an
earlier transition of the suction surface boundary layer due to the rotor wakes would
account for the here observed turbulent separation of the boundary layer near midspan.
The effect the rotor wakes have on the transition process will be discussed in more
detail with the results from the hot-film measurements.

Fig. 8 shows streamlines at the hub and the blade suction side, with and without rotor,
at m. = 44.2". It can be seen that due to the presence of the rotor, not only on the
blade but even more significantly on the wall, the separated region is reduced. This
might partly result from the different hub boundary layers at the cascade inlet (Fig.
4). The well known formula given by Squire and Winter /13/ may be applied for dis-
cussion.

2_ = -2eSC/3z (6)

Since for the rotor case aC/az is smaller inside the hub boundary layer but larger

right at the wall, the secondary flow could be different with respect to the no-rotor
case. This would infloence the migration of low momentum fluid towards the hub suction
side corner region and hence the corner separation. Since Fig. 8 shows no evidence of
diminished secondary flow on the hub, it is felt that the flow oscillation and the
increase in turbulence level due to the rotor are responsible for the reduced corner
stall.
Measurements by Takei and Masuda /14/ in a two-dimensional diffuser revealed that an
enforced velocity oscillation significantly reduces the extent of a separated region.
The oscillation enhances the formation of vortical structures in the separated shear
layer and thus reenergizes the retarded flow near the wall. In their investigation
Takei and Masuda could relate the reduction in separated flow directly to the amplitude
of the velocity fluctuation.
It has been observed by Castro and Haque /15/ that an increase in free-stream turbu-
lence level has a favourite effect on a turbulent boundary layer, which is close to
separation. The high free-stream turbulence causes more random fluctuation and hence
more entrainment at the edge of the boundary layer. This does increase the wall shear
stress and postpones the separation.
It is not clear from the experiments described in this paper if the higher random it
the periodic fluctuations uf the flow is responsible for the decrease in corner stall.
It is intended to repeat these tests without rotor but with grids giving the same mean
free-stream turbulence as the rotor (about 7 percent (compare Fig. 5)).

Determination of the Blade Boundary Layer Transition Behaviour

Hot-Film Measurements at Steady Incoming _Flow. Fig. 9 shows the normalized random
fluctuation of the surface mounted hot-films versus chord and inlet angle for the no-
rotor case. Indicated with a bar is the laminar separation bubble (LSB) found in the
oil flow visualization (Fig. 7). The location of the bubble corresponds with a sharp
increase in random fluctuation. This is due to the high turbulent spot production rate
inside the laminar separation bubble, where the flow undergoes transition and then
reattaches turbulent downstream.
This can be seen more clearly from the real-time traces shown in Fig. 10. The left hand
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side set of traces is taken at an inlet angle of m = 44.2' on the blade suction side.
At x/L = 0.295 the trace shows spikes arising from turbulent spots in an otherwise
laminar boundary layer. These spots coalesce and at x/l. - 0.432 the signal reveals the
high random fluctuation of an intermittant boundary layer. This corresponds with the
local peak in the RMS-distribution in Fig. 9. At x/L - 0.523 the boundary layer is
already reattached and nearly fully turbulent, but still showing some downwards spikes
indicating laminar intermittancy. At x/L = 0.614 the transition process is completed
and the flow fully turbulent. Further downstream the turbulence level increases again
(Fig. 9), which is due to the development of the turbulent boundary layer under an
adverse pressure gradient. When the flow commences turbulent detachment at the trailing
edge (compare Fig. 7), the RMS-values exceed the ones found inside the laminar separa-
tion bubble, but the point where the flow leaves the blade surface cannot be identified
clearly.

On the blade suction side the laminar separation bubble and hence the transition region
moves upstream with increasing inlet angle (Figs. 7 and 9). This is brought about by
the increased loading and the earlier onset of diffusion at higher angles of attack.
At steady incoming flow the effect of incidence upon the transition process on a blade
row is primarily related to the extent to which the velocity (or pressure) distribution
is modified by a change of incidence. Fig. II presents predicted midspan Mach number
distributions, obtained using the method of Lucking /16/, for a range of angles of
attack. Even though this inviscid calculation does not take into account the blockage
caused by the separated corner regions, it does predict the loading of the suction
surface and the unloading of the pressure surface boundary layer with increasing inlet
angle.
On the pressure surface the laminar separation bubble moves downstream with increased
loading, and at inlet angles above 49' it disappears (Fig. 7). The hot film measure-
ments though show, that the pressure surface boundary layer undergoes natural tran-
sition, which is clear from the local maximum in the RMS-distribution (Fig. 9) and the
real-time traces (Fig. 10, right hand side column). Due to limitation of the multi
sensor probe the last hot-film sensor on the pressure side is mounted at x/I. - 0.667,
and it can be seen that the boundary layer is still kept transitional at this location
by the moderate diffusion of the flow at these incidences (Fig. II).

Hot-Film Measurements with Cylinder Rotor. The oscillation of a flow and its turbu-
lence level have a significant effect on the transition process of the blade boundary
layers. In oscillating flow, the manner in which transition occured was found to depend
on the value of the "non steady Reynolds number" (Miller and Fejer /17/1)

Re.. = L AU/2wv (71

in which the characteristic length. 1. , 2w Uo/w, is the distance traveled by a fluid
particle in the free-stream during one cycle of the imposed oscillation, and the
characteristic velocity AU, is the amplitude of the oscillation. When Re,. exceeds a
certain value, transition begins with turbulent bursts appearing periodically at the
frequency of the free-stream oscillation. For zero pressure gradient this value is
about 26.000. but Walker /12/ observed that in adverse pressure gradient Re,,.,., can
be as low as 1000. In the experiments described in this paper, the value ot Re. was
about 6.600. and the turbulent bursts where exspected to occur periodically with blade
passing frequency (BPf).
Fig. 12 presents real-time traces of the hot-film signals along the blade suction
surface at an inlet angle of a. = 44.2". Also shown are the RMS-values and the Cp-
distribution versus chord. At the leading edge (x/L 0.023) the lower wall shear
stress caused by the velocity deficit in the cylinder wake is clearly visible, but
already at x/L = 0.114 one can see turbulent spikes occuring with BPf. The sequence of
the real time traces in Fig. 12 is very much alike the one of the transitional boundary
layer shown in Fig. 10, except that the turbulent spikes do not appear randomly bit
with BPf. Beyond x/L = 0.705 there is no periodicity recognizable, but only random
fluctuations, which are much higher than those without rotor (compare Fig. 10).
The ensemble averaged srgnals n Fig. 13 give valueable information about the physical
phenomena occuring in the transient suction surface boundary layer. The normalized
difference in voltage 16 - U is a measure for the periodical and U.. for the random
fluctuation of the wall shear stress time averaged at a particularly rotor position. As
already discussed in Fig. 12, the velocity defect inside the cylinder wakes (W) cause a
lower wall shear stress at the leading edge (x/L = 0.023). The random fluctuation
(U...) of the wall shear stress are high when a rotor wake is passing due to turbulent
velocities inside the wakes. They are nearly zero in the free-stream between two wakes
(F), an indication of an otherwise laminar boundary layer at the leading edge.
At x/L = 0.114 the trace of the periodic fluctuation seems to be inverted compared to
the one at the leading edge. Turbulent spot production underneath the wake gives rise
to higher wall shear stresses when a rotor wake is passing and hence an increase in 1).
Since there is a large content of randomness in this process, U.. is also high at
these time intervals (W). The near-zero values of the RMS-traces indicate the extent
(in time) of the quiescent state.
Turbulence and intermittancy grow as the turbulent patches move downstream (x/ -
0.205). As the flow develops further on the suction surface, natural transition iccurs
in the free-stream between two wakes (F), so that at 38.6 percent chord, the RMS-values
no longer approach zero for any part of the wake passing cycle, and the periodic
variation of the ensembled signal shows large fluctuation.
At x/L - 0.477 transition is nearly completed underneath the wake (W), but in the free-
stream (F) the flow is still in a transient state, and intermittantly occuring laminar
flow causes a drop in U. In a transitional boundary layer the change of state results
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in a change of heat transfer rate from the hot-film which is much greater than the
fluctuations observed in turbulent boundary layers. This is made clear by the RMS-value
distribution at this location, which also reveals that the laminar flow must occur
randomly at these time intervals.
At 70.5 percent chord the transition process is completed and for a.m. reasons the mean
RMS-values and the periodic fluctuation are much less than in the transient boundary
layer.

By evaluating the hot-film traces along the blade suction and pressure side in the
above described manner, the start and the end of the transition process could be
determined for all points of operation under investigation, i.e. for different blade
loadings. Fig. 14 presents a summary of all boundary layer investigations described in
this paper.
In the case without rotor the transition process occurs via a laminar separation bubble
(LSB) which moves upstream on the blade suction side and downstream on the pressore
side with increasing inlet angle. At higher loading the pressure surface boundary layer
undergoes natural transition due to the nearly constant static pressures at these
points of operation (dig. 11).
With rotor, the laminar separation bubble disappears and transition starts (ST) shortly
downstream the leading edge nearly independent of blade loading. Turbulent spits are
produced underneath the wake forcing the boundary layer to commence transition ahead of
the location seen in the steady case. The transition length though differs on the blade
suction and pressure side due to different local pressure gradients and wake decay. The
transition length on the suction side is greater, and the end of transition (FT) is
further downstream than in the steady case. This is brought about by becalmed regions
in between wakes (Pfeil et al. /2/) and the stabilization of the flow which occurs
during the accelerating phase of the velocity fluctuation caused by the rotor wake
passage. This has also been observed by Walker /12/.
In an extensive investigation of the unsteady pressure- and flow field along the blade
surface (Schulz et al. /19/), it was found that on the pressure surface the wakes decay
much more rapid than on the suction surface. Hence this stabilieing effect is reduced.
and on the pressure surface the transition process is completed ahead of the position
in the steady case.

The location where turbulent -eparaLicn CTS) occurs on tne blade surtaces has been
determined by the results from the surface mounted hot-films, the flow visualization
and the hot wire measurements described in the next section. No turbulent separation
occurs on the blade pressure surface at any loading and in neither case with and
without rotor. At steaiy iiLufkiu6 flow the suction surface boundary layer at midspan
commences turbulent separation at the trailing edge for inlet angles o, greater than
49'. This is brought about by the hub corner stall which extends up to and even beyond
midspan at these blade loadings (Fig. 7).
With rotor, turbulent separation was found at the trailing edge at all incidences
(Fig. 7). This is a result of the early transition and the subsequent development of
the turbulent boundary layer. Even though the high free-stream turbulence in the
presence of the rotor has a favourable effect on boundary layers near separation, the
reattached turbulent boundary layer in the steady case can withstand the adverse
pressure gradient more successfully. The effect of the hub corner -tall. however
reduced, is felt at the high inlet angles also in the case with rotor (Fig. 14).

Predictions of the blade surface boundary layer development have been made using an
integral method described by Truckenbrodt /20/ anO Siholz /21/. Criteria by Dunham /11/
and Scholz /21/ are used to predict boundary layei transition and turbulent separatiin,
respectively. The Mach number distribution from the iviscid flow calcuilation (Fig. IlI
and the measured static pressure d,<tributior were used is input data. The predicted
locations of transition (dashed and dotted lines) and turbulent eparation (dashu:l
lines) are indicated in Fig. 14. For the no-rotor case the code gives an accurar
prediction of the location of transition and the transition behaviour (laminar -epa-
ration bubble) on the blade surfaces. When using the calculated Mach number distri-
bution as input, it also predicts turbulent separation, however too far upstream for
at < 49" and too far downstream for 02 ' 496. It should be noted that the boiundary
layer equations, because there is no upstream influence, tend to predict early sepata-
tion in regions of very rapid diffusion. it also cannot account for the three-dimen-
sional effects which occur at the high inlet angles.
In the rotor case the predicted location of turbulent sepnaltion remains unchanged
since the criterion /21/ does not account for different turbulence level. The crt teria
for boundary layer transition /I/ however does, and the predicted location m1ve
upstream. This criteria is based upon correlations of steady flow effects. However,
given that it is the turbulence in the wakes which appears to cause transitiun, the use
of steady flow correlations might be justified.

Hot-Wire Measurements

The passage flow as well as the blade boundary layers have been measured using a single
wire hot-wire probe. Hot-wire anemometry is a well known technique I( ,;wrves bouindary
layers, and it has been established /1/ that it ean detect separated flow as well as
boundary layer transition reliably. The boundary layer measurements have been reorted
in more detail in earlier papers, i.e. for the steady case (Schulz and Gallus /i! and
for the rotor case references /18/ and /19/. The development of the midspan momentum
thickness 6, along the blade suction surface for both the ntor ind the no-rotoir case
ace compared in Fig. 15. At the first 40 percent of chord the houndaiv layer is verv
thin and accurate measurements are difficult. The hump between il percent and 55
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percent of chord, due to the laminar separation bubble in the steady case, has dis-
appeaxed in the presence of the rotor. At about 75 percent of chord, the subsequent
development of the turbulent boundary layer after the early start of transition with
rotor results in a higher momentum thickness. It is assumed that this will give higher
profile losses despite the disappearance of the laminar separation bobble.

Loss Measurements

While the previously discussed measurements were mainly concerned with the development
of the midspan boundary layer, the loss measurements consider profile and endwall
losses. Fmphasis is placed upon to evaluate the effects, rotor-stator interactions have
upon the overall performance of a compressor blade row. To achieve this object ive.
detailed flow field measurements in the exit plane of the cascade with pneumatic five-
hole probes have been performed. Contour plots of the total pressure loss at the
cascade exit plane are shown in Fig. 16. The loss coefficient is defined as the
difference between the local stagnation pressure and the inlet stagnation pressure at
midspan, normalized by the midspan dynamic head at inlet. The contour plots taken in
the presence of the totor are compared with measurements at steady incoming flow. Due
to the rotor, there is a slight positive total pressure gradient towards the casing it
the cascade inlet. The region of zero loss, therefore, seems to be more confined in the
upper part of the passage.

Several observations can be made by comparing the loss contours for the two cases shos
in Fig. 16: The flow field near the tip, including separation and tip clearance flu.v
remains nearly unchanged. The maximum losses as wel l as the extent ot losses in the
hub-blade suction side corner are reduced for the rotor case. As observed in the flow
visualication (Fig. 7 and Fig. 8), the turnpr separation is reduced due to rutur-stator
interaction effects, i.e. flow oeillat ion and high free-stream turbulence level, and
this has a ,ajor effect on the loss development along the hub endwall. The blade ilse
is more distinguishable in the case with rotor. As already discussed in Fig. 15, the
'arly on';et of transition and the subsequent development if the turbulent boondary
layer produces higher momentrm thicknesoes at the blade trailig edge. This has a rajor
effect on the profile losses which increase despite the disappi -. al.. ii ih. lamin.
spar-at Ion bbble.
The variation of the mass-averaged loss coeffic'ient at midspan and the overall too
'oeffic cot w ith inc ideuoce are, shown in i Jg. 17. As exspected the midspae losses
itcri in the presence of the rott, except at the high loading where the hi to rn'
stall e\tetds beyond midspan. This increase is about 30 p, rcent , which is in agreesent
with invest igat ions by il 'berman t-1 at . /22/, Cyrus 123/ and fvans /2'/. The over ill
losses (9) decrease as much as 40 percent due to the decreased hub corner si al, escept
It the negative incidence, where the separation is small for both cases (Fig, 7i.
Iigher profile losses and lower endwall tosses result in nearly the same values uIN as
in the casp without rotor. These results suggest that cotor-stator interaction c-in fe
henificial for the overall performance if a compressor blade row, but this deptcds on
blade loading and blade aspPct ratio. While in high pressure stages the eudwi t I I,,e,
givern most of the tri,, prIoduct ion, t hi number out loiss sitt-r in front stages are
profile losses. Rotor-stater interaction, therefore, might generate opposilte effcts in,
high pressure and low pressure stages.

14) CONCI 'SIONs

The influence f rntor-otator interactiin on rhe developm ent of the blade uit -fi-e
tr iaida r layPr s, erd wall corner sepa, ., I in an;d the I ssu- i in arinuli ri ompr sor

u ide have been evt I iiated .
At Ill -ItI glis of it lack 'rnder Invest igat Ion, the Iiminar sepi rat rn bibbIles observrt it
orlads irid ilnifo m incoming flow h ve itt ap pe..,red dotle ta the p. ' -rt( of the ritoi
Tti, rii';r ill t decrt ed thrt''-dimensionality In the iflow field ,n the blitd' nps t rrm
,rf tuit.l. r t separat ion.
The forrmt tin if t Ybulent spots onoitlerneath I rriitr wakP firlr i i sinsl i n 0I ia i st a tt
Ir-,idI(-illIy itIpstr iam of the lt ,It Irin it w-su threived at sready in mrig flow. Thi'
sobseiluent development if the turbtlent boundary l.tyer reait ts I n higher momentuti
ihickneses atI the triling edge.
The transition length is a fonct ion of blaide passig r frequency, tutrbuloIence level , local
pr's' -I gradtent and w.ike dt.pth. The tians Itlt i li.t-rrth increa-e tin the svtio, side.
,riamparrd with the itiuady I ia- , tire ii) the ot.i I I 'at iin of the t low. which rutit-r

r ro ing/p tph' i- ve ut i thasi' rif the vetloi ty flit, ra I -t I ; 1-aursid I- the tu r W.,k'
pussage. In the rotor ct;e, the end i f rI 

t  
on I , I tht'rIft ,I fi ti. futhe r down-

s I tram l #-n ihIitg( b the ii t os I f trait it i1n has etis d towa it Ih' I.'id uro edge. On the
pr,.;.ur ;urface Thi wakes del .v moit h rt,' rIpld thrin on the suct inn otfce.and this
sl bili/i ng effect is tdiced . In the prsr t f the T it, Ihe ti';It it t Im prcess 

o 
in

the pressare siturfac. stlarts -inl Is Is1- iomple''d Ih.,d of the pisrt oiis found in the
sit ly ease.
W'th the roitor ipstr,'.m. the hub rttner -taill ind h e- the- I sse' uir th I htt bine
;igtI fi , r T It y det e e-,.d This to mo, tly due tt liti wak- ,ld the hlgh t i rhrltlnt IleveI
and partly liir i the absence 'if the tumirrar '-epair.it Irirt Irrbble. It is, Iot caiii'd by the
IhItr I n the n liitl, ll rr bound;r Ioi r .I Ih- 

I
ras - idi' InahI rti -I tlti' flow vrotrllt 'it t n

on ihe hub dres nit ho -tiny IhInge in '. eIatud ar flu. I uhiuh mITight infltuence the
Ls re'i a t 'id r i I,1
Fvem thouigh the ' s- -it midtp In -rr''ti' tip tr 10 percent dit' to the eatly inset uf
trin t;il tirn int t I i r t l trIlnir',dv b tundilri y tar. 1.,.,\,1 1 i i. er, it t'i., -n- ire ti1ss oto

decret' h nearly 'rO potert titpenirreg ri itiirenocci. This tot iutull -ainsid by



decreased corner separat on. The profile losses increase and the endwall losses
decrease. Therefore blade loading and blade aspect ratio are important parameters when
evaluating the effect of rotor-stator interaction.
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DISCUSSION

F.Leboeuf, Ecole Centrale de Lyon, France
How does the velocity angle change in the vicinity of the hub, in presence of a rotor and how

could the decrease of the corner stall be connected to the increase of upstream secondary vorticity.

Author's response
This is a very crucial question, and as being pointed out in the paper, an enormous effort was

put into trying to establish the same inlet conditions with and without a rotor upstream of the test
section. As shown on fig 3 and fig 4, this has been achieved to a very reasonable degree of accuracy.
The inlet boundary layer thickness is the same in both cases, and the slight difference in boundary
layer profile are confined to the region close to the hub.

These differences, though, do not have any effect on the secondary flow inside the passage
(as shown on fig 8 of the paper) and therefore it is felt that the decrease in corner stell can be
directly related to the increase of turbulence level and the flow oscillation induced by the rotor

J.Chauvin - LBEI,France
Using the author's experimental data that were communicated in advance, a 3-D steady flow

method has been used for the study of the mid-span region. Qualitatively, the disappearence of the
laminar bubble and the increase of the turbulent separation zone was shown by these calculations.Using
information from unsteady flat plate measurements (Michel, WERA,France) the modification of the
transition zone on the suction side of the blades could also been explained.

Author's response
It is very encouraging that thes experimental data have been compared to the results of a

numerical code. It is also very encouraging that the code shows the same trends. In order to give
additional input to modeling transition in the presence of wakes, the data will be analyzed in even more
detail.

S.C.P.Cook - Rolls-Royce, Derby, U.K.
Regarding the hot film sensor results, was any attempt made to analyse the data in the

frequency domain?

Author' s response
This analysis was made, the results are on file and available to everyone who is interested in

it, although these results are not published.

Fast Fourier transformation was applied to the hot-film signals and the blade passing
frequency as well as the Tollmien-Schlichting instabilities, inherent to the flow, could be traced.
Analysis of the data is not finished yet and some more work will be done with respect to the physical
reasoning of the prolongated transition region on the suction side of the blades, in the case with
rotor.



22-i

METHODS FOR MAKING UNSTEADY AERODYNAMIC PRESSURE

MEASURMENTS IN A ROTATING TURBINE STAGE

R.W. Ainsworth, J.L. Allen and A.J. Dietz

Department of Engineering Science
Oxford University

Parks Road
Oxford

OXI 3PJ
UK

ABSTRACT
A new method for obtaining detailed unsteady pressure measurements in a rotating turbine stage is
described. The novelty of the technique is based on the use of miniature semiconductor pressure
sensors attached directly to the surface where the measurement is required, permitting simultaneousl[

a high surface density of instrumentation together with a high frequency response.

In reviewing typical semi-conductor transducer behaviour, attention is drawn to some of the traditional
constraints encountered with these devices, In describing the development of the new technolog
employed here, the methods used to circumvent these traditional constraints are outlined.

I. INTRODUCTION AND BACKGROUND

In the continuing strive towards obtaining experimental data at conditions resembling as closely as

possible those found in the high pressure turbine section of modern gas turbines, there is a
corresponding need to increase the sophistication of the enabling instrumentation In the area of heat
transfer and pressure field measurement, there is currently great interest in fully three dimensional
rotating unsteady experiments conducted at engine values of the relevant important non-dimensional
groups. Globally, and currently, there are three research groups conducting transient experiements
capable of these measurements: those at Calspan (Dunn et al 11.2.3.41), those at MIT (Epstein Guenette
et al [5.6,71), and those in Oxford (Ainsworth et al 18,91). It is in relation to the latter experiments

that the developments in unsteady pressure measurement described in this paper are apposite.

Here, the aim of the experiment is to further the understanding of the physics of the flow in a three
dimensional geometry under rotating conditions, as well as providing highly detailed heat transfer and

pressure field information for comparison with CFD calculations of the flow (so called code validationl.
The choice of blade profile in thin project has the advantage of allowing comparison with the earlier
two dimensional unsteady data of Doorly 10,11,12,131, being the three dimensional blade profile from
which this profile was defined (at mid-heighti. In addition, considerable further aerodynamic studies

have been conducted on it In two dimensional cascade 1141. In Doorly's work, the unsteady nature of
the nozzle guide vane wake rotor blade Interaction was represented b) using a rotating bar wake
generator ahead of a cascade of stationary rotor blades. A major aim of the Oxford rotor experim'nt
will be to investigate the validity of the two dimensional bar wake unsteady simulation. in determining
behaviour in an essentially three dimensional environment



The conditions and mode of operation of the new rotor facility are of paramount importance in

discussing the high surface density - high frequency response pressure sensors which have been

developed. In essence (81 an Isentropic Light Piston tunnel (Figure I) is used to compress air. to

a pre-determined pressure and temperature level. Prior to this compression process, the rotating

turbine assembly (Figure 2) is accelerated from rest to a speed of 6000 r.p.m. using an air motor, and

at the selected instant, the compressed air is allowed to pass through the turbine, further accelerating

it through the design point (table I), to an ultimate speed of 900 r.p.m. (see Figure 3). An important
feature of the experiment is to acquire data at the 'correct' incidence, and within a tolerance of iv of

incidence, nozzle guide vane-rotor blade events may be captured at a sampling rate of 200 kHz, in the

time available with 4Kbytes of memor per channel.In terms of static pressure field instrumentation on

the rotor blades themselves. the project called for one hundred measurement sensors to be mounted in
as high a spatial density as possible, and capable of producing accurate data under the conditions o)f

operation. The device chosen in this application was the piezo-resistive semi-conductor pressure sensor.
a sensor well capable of meeting frequency response and with the newly developed technolog., vpatinl

density targets. but traditionally exhibiting some disadvantages too. These considerations are discussed

in the next section.

2. PROPOSED INSTRUMENTATION

2.1 Method of Implementaton

The project started by identifying an available commercial transducer which came closest to meeting

the specifications in terms of size, construction, frequency responseand base-strain sensitivit. This

was found to be the Kulite LQ-047 microline flat pack series transducer, specifically designed for

turbine blade mounting, in terms of thin section (0.635mm), low sensitivity to radial acceleration

(.00004 '/FS/g for a 25psi transducer i and high frequency response (>200 kHzl). It was subsequently

realised that if the semi-conductor chip itself could be mounted directly onto the blade surface itself.

with no accompanying mounting shim and minature printed circuit board for lead-outs, a considerable

increase in sensor surface density could be achieved, and transducers could be mounted in thinner

sections of the blade.

The proposed method was as follows:

Pockets for the sensor were firstly machined in a bare turbine blade, and the blade was subsequently

coated with a vitreous enamel. The F300 Agemaspark spark erosion machine was capable of erolding

holes as small as 75vm with an accuracy of reproduction of up to * 10pm depending on the range

selected and a best surface finish of 0.3pm. The enamel coating was applied as a %iscous liquid slip

(frit materials plus mill additions), ground to a specific fineness and suspended in water. rhe coating

was approximately 50Om thick and was dried in a warm cabinet to 1200C for 30 minutes. After drying

the coating was fired at 940'C for I5 minutes followed by air drxing. Application of the wiring and a
second coating of enamel followed. Finally the leads were exposed and the sensors were installed and

connected by Kulite (Figure 4).

In looking at a physical and an electrical model of the sensor (Figure 5). the sensing element itself is
constructed by firstly micro-machining grooves into a 125pm thick silicon diaphragm and attaching it to

a strain isolating pillar, with a vacuum filled cavity between the active part of the diaphragm and the

pillar. P type piezo-resistive elements are formed over the grooves by diffusing an impurity element
into the silicon through a photolithographic mask. All materials exhibit a piezo-resistive effect, a

change in electrical resistivity with applied stress, and in a semi-conductor this effect can be very

large. For a semi-conductor the resistivity pis inversely proportional to the product of the number of

charge charries N, and their average mobility v-, p) = I/(eNpave ) The effect of an applied stress is
to change both the number of carriers and their average mobility. Subsequentl. as pressure is applied,

the thinnest part of the diaphragm deflects (where the piezo-resistive elements are located). and b

connecting the resistors in a Wheatstone bridge network, the change in balance of the bridge due to

change in values of the resistors can be monitored as a changing output voltage when a constant

excitation voltage is applied.

This is the basis of operation. but there are a few more sophisticated features which have to come in

to play to make a semi-conductor sensor an accurate transducer for aerodynamic purposes. The

resistances are arranged on the diaphragm such that on each half of the bridge, one gauge is in

tension and the other in compression as the diaphragm deflects, maintaining a linear output from the
sensor over a wide range of deflections. A major constraint in operation would lie in the temperature

sensitive nature of the piezo-resistive elements, if nothing were done about it. For a semiconductor

device, each resistive element can be considered to have a TCR (temperature coefficient of resistance)

and a TCGF (temperature coefficient of gauge factor). If no temperature effects were present. one
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would expect a certain change in electrical output for a given )resure change (the gauge factor being
change in resitance per mechanical strain). However, with the temperature effects indicated above
occurring, not only will the balance point of the bridge shift with temperature but the overall gauge
sensitivity will change too. This is normally compensated for by the addition of a span and null shift
compensating resistors (Figure 6) but in the case of the new 'chip-on' technology outlined here, this
would add a lot of external components and an alterative means of compensation was sought. It was
realised that by measuring bridge output voltage and bridge current consumed as both functions of
temperature and pressure, the gauge TCRs and TCGFs could be established. Subsequently with the

sensor in use. by monitoring both current input and voltage output, the transducer output could be
software corrected to allow for any temperature sensitive effects

There was some choice of available semi-conductor sensors from Kulite. ranging from under Imm

square to 1.5mm square. Ultimately the chosen element (Figure 7) was 1.2mm square.

=Z Mechania Congtrant

A primary consideration in determining whether the proposed method of mounting bare chips directly
onto a turbine blade would work or not lay in checking the retention of the aerodynamic profile of the
blade when the vitreous enamel was applied. In fact, this was found to be good (Figure 8). After
installation of the pressure sensor, the blade profile was restored by adding a layer of a silastomer

over the chip surface, producing a surface flush with the rest of the blade. Any deleterious effects on
transducer frequency response would have to be evaluated (section 3.3 1. Additional mechanical
constraints lay in the level of centrifugal acceleration which would be experienced by the sensor
diaphragm which was calculated as 20

0
OOg at 8400 r.p.m (tangential acceleration was negligible in

comparison), and the level of stress in the blade, resulting in base strain on the sensor base. As part
of his research programme on the mechanical design of the Oxford rotor facilit), Sheard [IS] conducted
a finite element analysis of the blade at design condit" ns (Figure 9) and calculated that the levels of

base strain would be of order 200 iVE at the blade mid-height section.

.3 Pfrosmme f Testia

Whilst the initial examination of the proposed technique looked promising, it had high-lighted the need
for an experimental programme of work to investigate the operating envelope under which this
technology could be used. Specifically, the effects of base strain sensitivity, centrifugal acceleration or
g sensitivity, frequency response, temperature sensitivity and calibration stability were all phenomena to
be investigated. The results shown below are the first preliminary results to be given.

3. SEMI-CONDUCTOR TRANSDUCER PERFORMANCE

The test programme consisted of four main experiments conducted in separate facilities using speciall)
constructed test specimens. The first experiment made use of a purpose built calibration facility in
which all the specimens could be tested. One such specimen (Figure 10) was built for base strain
sensitivity calibration in a tensile testing machine, with 10 transducers of throe differing types attached
Twelve other sensors were mounted on three separate discs for g sensitivity tests in a spinning rig. A
number of specimens, such as the one shown in Figure II, were constructed for work on wiring
location, insulation and the chip mounting technique. Further specimens were aimed at experiments
conducted in a shock tube to determine the frequency response of the sensors and any degrading
effects of adding silastomers over the diaphragm surface. The four main experiments and associated

facilities are outlined below,

_3A Cllbiruon

3.1.1 Aim The aim of the calibration tests is to characterize the temperature response of the transducer
in a form which will allow active temperature compensation during the digital processing of pressure
measurement results. If the pressure response of the transducer is linear, with a unique slope and
intercept at each temperature, its temperature response will be fully described by the temperature
sensitivity of these two variables. The sensitivity of the slope Is known as Span Sensitivity or
sometimes as the Temperature Coefficient of Gauge Factor and the sensitivity of the intercept is
known as the Null Shift. An accurate measurement of the transducer's bridge temperature will also be
required for the active compensation technique. This can be done by measuring the voltage drop across
a sense resistor in series with the bridge. The temperature sensitivity of this sense resistor voltage
drop is a measure of the Temperature Coefficient of Resistance (T.C.R.) of the chip.
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3.1.2. CalIbilon Facility A computer controlled calibration facility was constructed to permit precision
testing of the transducers over a wide range of pressures and temperatures (Figure 12. The heart of

the rig. lay in the use of a Druck DPI 501 digital pressure controller linked to a pressure vessel inside
an environmental chamber. The DPI 501 . controlled by an IBM PC AT through an IEEE interface, could
control pressure to an accuracy of -.007% FS. the sensing element being a large vibrating cylinder
pressure transducer manufactured by Schlumberger. The environmental chamber (Unilab Thermoduct) is

also controlled by a digital interface, and can cycle between - 70o C and + 25'P C. Up to ten
transducers at a time can be mounted in the test chamber and their outputs monitored on HP 3478A
digital voltmeters, again capable of being controlled and read down the IEEE interface.

The procedure used in obtaining the three required calibration results outlined above may be illustrated
by following the calibration of a sample transducer. The voltage drop across the sense resistor
IV. ) and the transducer output voltage (Vout) were measured over the transducer's rated pressure
range (0 to FSD) over a range of temperatures from -50 o C to OOC. The transducer wa. stabilized at
each temperature and then calibrated over a minimum of two cycles, from 0 to FSD and back, with at

least 6 pressures between. At each pressure, 6 measurements were taken at 30 second intervals to
check that the voltages were stable. A plot of the calibration of the sample transducer is given in
Figure 13a showing the output voltage over a pressure range for a number of temperatures. A similar
plot for the calibration of the transducer's sense resistor voltage (Vsense) is given in Figure 13b.

3.1.3 Vaense It can be seen from Figure 14b that Vsense is relatively insensitive to pressure. Hence an
average value may be calculated at each temperature. A plot of this is given in Figure 14 and by using

a least squares line fit the intercept Yvs and slope [ivs may be determined. From these measurements
the TCR may be calculated using the equation:

T.C.R. = -Vin Ovs Rs x 1oo

r (vs RBR
where Vin is the IOV input voltage. Rs the value of the sensing resistor and RBR the -vsisture
accross the transducer at a reference temperature, nominally 15°C Fo, I" transducer under
consideration , the T.C.R. was calculated as 17.8 %/0°

5
C and most of the transducers measured showed

T.C.Rs of this order. The linearity of the Vsense plot and its insensitivity to pressure changes sho,

that the measurement of the voltage across a sense resistor is a feasible way of recording bridge
temperature.

3.1.4 Span Sensitivity. The span sensitivity may be expressed as a change in the Full Scale Deflection
with temperature i.e., % FSD/100

5
C . with IW

0
C again being the reference temperature. The use of a

sense resistor with a transducer powered by a constant voltage source will reduce the span sensitiit%
of the transducer providing its T.C.R. is less than Its initial span sensitivity [161. The sense resistor
acts as a voltage divider, increasing the bridge voltage as the bridge resistance increases with
temperature, compensating for the decreasing span sensitivity. With the transducers tested a sense
resistor which matched the bridge resistance was found to give good results Any temperature
sensitivity still remaining in the span may then be removed in the active compensation. For the sample
transducer, the compensation sensitivit was -6.8 %FSD/IOOOC (Figure 15). The line fit gives reasonable
correlation and a parabolic fit would give even better results in the software compensation. remoing
mos

t 
of the systematic temperature sensitivity.

3.1.5 Null Shift. The sense resistor has no passive compensating effect on the null shift and rather than
introducing further parallel resistors , active software compensation was chosen The plot of null shift
with temperature for the sample transducer is given in Figure 1ih The linearit of the plot shosrs that
the null shift should be easily compensated.

. hs Sken laSt

The tensile specimen was constructed using the same technique that was to be applied to the blades
The specimen was manufactured from Inco 718, machined with pockets to take the transducers and
coated with vitreous enamel in the usual way. The specimen was mounted in a Instron tensile testing
machine and tested to a base strain of 800 pr with 200 pI being the expected strain level on the
blademidheight section at design rotational speed (Section 2.2t. A plot of the tensile test results for
one chip, aligned In the tensile specimen with its strain sensitive element parallel to the load giving
a worst case result, is shown in Figure 17. Two load cycles were performed with the specimen being
reversed in the clamps for the second cycle to cancel any bending moment introduced by misalignment
nf the grips, The base strain sensitivity calculated from this plot is -.1O0164 XFS/t

2a exac PAonsas

In order to make detailed measurements of the static pressure field during the valid data acquisition
window, a frequency response flat to y OOkHz was desirable. Tests were set up in a shock tube in

order to determine the response of the transducer to a step input.
The transucers were mounted in two positions;
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a) A side-port to avoid damage to the silicon diaphragm caused by impact damage from the n; Ion

bursting diaphragm.
b) An end-port where a greater likelihood of damage was possible.

The problem with position a) was that of the finite time taken to traverse the silicon diaphragm and

the corresponsing degradation of step input. In practice, little difference was observed between the two

mounting positions, and transducers with (Figure 19 and without silastomer (Figure 18) covering their

diaphragms were tested. Results .." the time response, which clearly show the diaphragm natural

frequency, and by transposing to the frequency domain, of the power spectral density (Figure 20 1

showed that the amount of silastomer used was having a small effect on the useable frequency range.

2A ftrformrance Un tatng Conditions

A spinning rig (Figure 21 ) was used to evaluate the performance of the sensors under rotating

conditions. Up to four sensors could be mounted on a small circular disc (Figure 22) which could

itself be fitted into a large diameter spinning disc. The spinning disc was rotated by an air motor

under computer control, with signals being extracted from the rotating frame using a slip-ring. The

whole assembly was housed in a pressure chamber, permitting variation of pressure From SOOPa to 350

kPa. For the initial tests, no signal conditioning was used. The output from the transducers was taken

straight through the slipring and recorded by a CIL 6380 A/D convertor. A sample plot of the

transducer output over the speed range from 0 to the design speed of 8000 rpm at 500 Pa is given in

Figure 23. This is again a worst case result with the strain sensitive elements aligned in the radial

direction, The plot is linear and so rotational effects will be able to be included in the active software

compensation. A plot comparing the transduc, r signal under rotation to the stationar) signal is given

in Figure 24. There is no rotational induced noise in the signal.

4. CONCLUSION

A method for mounting semi-conductor sensors directly onto a turbine blade surface has been outlined.

The potential advantage in the. technique lies in increasing the spatial density of measurement points

whilst retaining the benefits of high frequency response that these small semi-conductor devices

possess. The first preliminary measured performance of these devices indicate that the* can be used

with reliability and confidence, though many more tests will be required to complete the programme

Other potential applications beyond blade static pressure measurement are current]h under investigation

including the use of this technology to construct wedge and pyramid two and three dimensional

aerodynamic probes.
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DIS,(IiSSION

B. H. Becker, Siemens AG, Germany
When the airflow starts, the blade begin to vibrate. How can the effects of accelerating

forces and pressure forces induced by blade vibration be identified?

Author's response .
No calibration of transverse acceleration (perpendicular to the diaphragm) effects were

conducted. the blade tested was a low aspect ratio, solid blade and therefore very stiff. Hence the

transverse acceleration of the chip is expected to be very small.Results from a finite analysis of the
dynamics of the blade confirm this assumption. However, the method car, be extended to less stiff blades

and acceleration forces could be accounted for, if required.

A suggested method for determining the effect of vibration would be to record the output from

two chips located close to eachother on a single blade with one chip having beer rendered insensitive to
pressure (taped over). The variation in the two signals would ther, give an estimate of the vibration

effects.

Th Schroder, MTU, Munich, Germany
The pressure transducers presented are a very promising tool for the investigation of

unsteady boundary layer phenomena. There are two important questions in order to determine the
possibility of using this sensor on a real test rig:

(I) What is the maximum possible environmental temperature for the sensors?

Author' s response:
The sensors have been tested up to temperatures of l00". This is not a maximum limit however

and the sensors themselves are rated to a maximum temperature of 240 0C. Further high temperature tests
are programmed in order to investigate the performance of the sensors over a greater range of
temperatures.Further development is currently underway at Kuhlite on a sensor capable of temperatures
over twice their current maximum.

(2) Is it possible to run these sensors in compressor or turbine rigs under long time (say

several hours) of operation?

Author's response
The transducer mounting technique has been demonstrated or, both compressor and turbine sample

blades with success. The only limitation on long term operation would be the drift in the calibration
and this would have to be checked.

Semiconductor transducers have been successfully used for testing periods over 100 hours.
There is no reason why the technique presented in the paper would not perform similarly.

P.J.Hansen - Office of Naval Research. USA

What is the actual active area of the pressure measurement transducer.

Author's response :
The active area of the transducer is approximately 80% of the chip's surface area. This

percentage will depend on the diaphragm design, including the edge clamoing and etch patterns ana as
such will vary from chip to chip. The actual chip sizes having been tested vary from I m square to 1.5
- square.

W.O'Brien, Virginia Polytechnic Institute, U.S.A.
The experimental results presented correspond to isothermal conditions. Could tests be made in

a rapidly varying temperature environment

Author's response :
The testing up to date has concerned equilibrium temperature changes of the chip and blade. The

effect of a rapidly tarving temperature enyironment will depend on the heat transfer and resulting

tempe-ature of the chip itself. This will be moderated by the silastruner covering the chip and the
thermal inertia of the chip itself.
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MEASUREMENT OF VELOCITY PROFILES AND REYNOLDS STRESSES
ON AN OSCILLATING AIRFOIL

by

J. DE RUYCK, B. HAZARIKA, C.HIRSCH

Dept. of Fluid Mechanics
Vrije Universiteit Brussel
Pleinlaan 2, 1050 Brussels

Belgium

ABSTRACT

This work describes the flow around a 3inusoidally oscillating NACA 0012 airfoil in presence of leading
edge separation bubble and with leading edge stall, including laminar-turbulent transition.

The airfoil oscillates about an axis at 25% chord from the leading edge, with a nominal reduced frequency
of 0.3 arid Reynolds number of 300,000. The experiments are made at 4* to !1', 5o to 15'

, 
6' to 16' and 8'

to 18' angle of attack, covering flow conditions from no stall to full leading edge stall. It Is found
that the most probable cause of leading edge stall is due to the leading edge separation bubble burst and
it occurs as soon as the static stall limit is exceeded. The leading edge stall is not due to the rapid
upstream movement of the trailing edge separation.

The velocity vectors and the Reynolds stress tensors are measured using a slanted rotating single sensor
hot-wire. The complete suction side boundary layer profile and the near wake is surveyed at 5* to 15'
oscillation where no interaction is observed between the leading edge and the trailing edge flows, and at
8' to 18

0 
in full stall conditions.

INTRODUCTION

Rapid advancees In the capacity of computers and the development of numerical methods to solve the full
Navler-Stokes equations have pushed the computation of unsteady flows far ahead of the existing
experimental data, with which the computed results could be validated. Most of the previous experiments on
unsteady flow past airfoils were either of a qualitative nature (flow-visualization) or were aimed at
finding the overall effect of the flow such as pressure coefficient, pitching moment coefficient, normal
force coefficient etc.

Extensive measurements of mean velocity vectors and Reynolds stress tensors in the 2-dimensional unsteady
boundary layer over an oscillating airfoil and in the wake behind the airfoil were carried out by De Ruyck
and Hirsch [1-63, using a slanted single sensor hot-wire. The method has been quite successful in mapping
the flow in the investigated region, giving a clear picture of the flow, including flow reversal and vortex
formation. These experiments were conducted using an NACA 0012 airfoil with a tripping wire to promote
transition of the boundary layer. The present experiments are the extensions of these measurements. They
were conducted without tripping wire, to take a closer look at the formation of the leading edge separation
" hhle and the events leading to the turbulent separation downstream of the bubble. The measurements near
the trailing edge and in the wake of the airfoil were conducted with and without tripping wire. These
experiments throw new light on the Uns'.-,y Kutta Condition for airfoil operating under stalled condition.

PREVIOUS WORK

A number of excellent reviews were published by various authors on the sui>ject of unsteady flows 17,8,93.
The general picture which emerges from these reviews is that further investigations are required in

(1) measurements of the mean and the turbulent quantities in unsteady flows for validation of analytical
methods.
(li) the extent and duration of the leading edge separation bubble.
(iI) the extent of trailing edge separation and the effect of the leading edge separation bubble on the
trailing edge separation.
(iv) the effect of the separation bubble and leading edge stall on the unsteady Kutta condition.

EXPERIMENTAL TECHNIQUES AND APPARATUS

The experiments were conducted In aT open-clrcult blow-down wind tunnel I., 0e Department of Fluid
Mechanics of VUB. Brussels. The test-section is Im x 2m, and the tests were conducted at the nominal wlnd
speed of 11.32 m/s and the free stream turbulence intensity less than 0.2 %. The test model consists of an
airfoil and two end plates (figure I). The airfoil is a NACA 0012 airfoil section with 60.4 cm chord and
94 cm span. The lower end plate Is used as a platform to mount the traverse mechanism. The reduced
frequency and the Reynolds number based on the chord of the airfoil and the nominal wInd speed were 0.309
and 300,000 respectively. The profile shape near the leading edge was accurately measured close to the mid
span. The largest deviation of the profile from the standard NACA 0012 profilp was found to b, less than
0.01% chord.

A 45* slanted single sensor hot-wire Is used for all the velocity and turbulence measurements (DANTEC 5
micron gold plated hot-wire type 55P02). The periodic sampling was triggered by a pressure transducer for
the cases where a sharp change of wall pressure signal was available (during test cases when leading edge
stall occurs). The triggering of the periodic sampling was accomplished by an optical device when the

....................................................... .. .
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pressure signal was erratic or Insuffiznt.

Detection of separation bubble and leading edge stall

Since the separation bubble exists in a very thin region close to the solid surface and the effect of
unsteady flow is to make it thinner [10), the rotating single slanted hot-wire technique could not be used
to investigate the separation bubble. A combined analysis of pressure signals and fixed hot-wire signals
was used to identify the duration for which a station was in the separation region. The signals contain
542 data points per period, and are ensemble averaged over 100 periods.

Figure 2 shows a sample of ensemble averaged traces, with the corresponding rms values over approximately 2
cycles of oscillation. These rms values of pressure and hot wire signal are used to detect the transition
and the high turbulence areas. Since the normal velocities are very small close to the wall, the averaged
single wire signal can be used to estimate the velocity. Although the flow direction cannot be determined
without ambiguity, these signals allow to determine the reversed flow areas and the data on figure 2 can be
interpreted as follows.

The period between A and B is a significantly laminar flow period with fluctuations in the hot-wire signal
less than the resolution of the acquisition. The fluctuation in the pressure in this region is due to
drift in the transducer. At time B, the transition to turbulence crosses the measuring station, while
moving upstream. In reality the transition is already upstream of it at time B, since the wire is 1.5 mm
away from the wall. Indeed, slightly ahaed of B, a dip in the mean wall pressure signal (pt.m) is
observed, with a small peak In the pressure rms (pt,f). From all the experiments, these dips appear to
correspond with the passage of a transition or separation point. From B to C, the transition point moves
further upstream, the boundary layer is growing (decreasing velocity, increasing turbulence). At point C
there is an important drop in the ensemble averaged hot-wire output to point 0, accompanied by: (i) slight
increase in the rms value of hot-wire signal, (ii) a large reduction in the ensemble averaged pressure
signal and most important of all (iII) sudden increase in the pressure rms. The application of the high
turbulence correction of De Ruyck [61 yields a velocity quite close to zero at point D. The increase in
the output between point C and D indicates flow reversal (as will appear from the overall results, the flow
is completely separated in the leading edge region, from D to F). During this period the fluctuations
remain high in the hot wire signal and small in the averaged pressure signal. During the period between E
and F. after correcting for high turbulence the mean velocity was found to be negligibly small (same order
of magnitude as the turbulence, smaller than the turbulence in some cases). During this period the
pressure rms is about the half of the peak value.

The Increase in the rms values between F and G is attributed to the cycle to cycle variation, since the
reattachment time was observed not to be perfectly periodic. Since the rate of change of velocity is large
at this time, about 10% to 50% of the measured turbulence is due to the cycle to cycle variation of events.
At other times this effect is negligible.

Figure 3 shows clearly the detection of a separation bubble at 50 to 15* angle of attack, at 3.5% chord
from the leading edge. The traces are taken at different distances from the wail. At the distance I mm
from the surface of the airfoil, during the period A to B a laminar flow is observed. The hot-wirL signal
suddenly reduces during the period from B to C accompanied by an increase in the rms value. After
turbulence correction, the velocity at C yields a value close to zero. This indicates that the separation
point has crossed the position of the sensor and moved upstream of it. The sensor remains In the separated
region from C to D where the backflow velocity first increases then falls to the near zero velocity value.
Between D and E the velocity sharply increases and rms value reduces to zero, indicating that the
separation point has moved downstream of the sensor. The output at 1.5 mm from the surface is similar to
that at I mm in many respect. A laminar portion from F to G, sharp drop during G to H and a sharp increase
In velocity between I to J. However, between H and I the flow is turbulent and the velocity is near zero,
during this time the sensor is in the free shear layer formed on the top of the reverse flow region. At
2.5 mm away from the surface only a slight reduction in the mean velocity along with increase in turbulence
was observed near the point L. This indicates that the sensor during this time was at the outer edge of
the shear layer. A near perfect sinusoidal variation of the output is observed at the position 3.5 = away
from the airfoil surface, slight turbulence which appears near M is probably caused by the cycle to cycle
variation of the separation. In conclusion, the two dips in the I-aest sgnal correspond to flow
reversals, revealing the presence of the bubble with a thickness of jPox:vately 1.h mm.

Velocities and Reynolds stresses :

The 2D velocities and Reynolds stresses are measured with a single rotating slanted hot wire. This
technique is presented in [2,4] and it allows experiments in 2D reversed high turbulent flows. Ensemble
averages were made with 542 samples per period and 100 periods and 48 rotational positions. The low number
of periods is compensated by the nigh amount of .T, ples 2c periods which allows some local time averaging.
The ensemble averaging is done in real time, reducing considerably the required amount of mass storage.

Accuracy :

The rpmollition in the chordwise position was 0.5 mm (0.08% chord). The -esolution In the transverse
position was better than 0.08 mm (0.013% chord). However, the amplitide of vibration of the probe was
found to be 0.1 mm by .slng a pie.o-electric accelerometer fixed near the tip of the probe holder.

Instantaneous cooling velocities are measured with an accuracy of about 1.3% of the nominal wind speed.
Compensations for temperature changes and wire foouling are introduced by taking reference measurements
during the experiments.

The scatter on the results for unstalled condhlions is In general evry small (less Ihan IS on all the
results). In stalled conditions, important scatter is observed, in particular on the turbulent shear
stress. In this region the random error on ensemble average4 velocity varies between 1% and 5S. scatter on
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normal stress profiles varies between 2% to 10% and for the turbulent shear stress the maximum scatter
exceeds 15%. The systematic error for the measurements of the stresses in high turbulent conditions (above
10%) is increased by linearizations during the processing of the data. These errors are estimated at 5 to
10%, and to I to 2% in unstalled conditions.

At reattachment, slight cycle to cycle changes are observed. Due to the strong velocity changes at
reattachment, the error introduced in the corresponding turbulence quantities due to the cycle to cycle
variation is quite important (more then 50% increase in turbulence). At present no way is found to correct
the data for this problem.

LEADING EDGE MEASUREMENTS

The results obtained at the leading edge are shown on figures 4 to 13 The data are represented in a
time-space domain on figures 4 and 5 (chordwise direction), and as instantaneous boundary layer data on
figure 6 to 13.

Time-space contour plots

Figures 4 and 5 show isovelocity lines and isoturbulence lines in a space-phase angle (or time) domain.
Two series of results are shown : results at a fixed di!tance of 1.5 mm from the wall and increasing
angles af incidence (figures 4) and results at a fixed incidence 5* to 15* and different distances from the
wall (figure 5). In all cases, eventual flow reversals have been detected and considered in the
representation of the data. Returned flow areas are left blank for contrast, indicating the bubble area.
The laminar regions correspond with the blank in the turbulence plots.

The events that mcur on a plane parallel to the airfoil surface at 1.5 mm and 46 to 44 oscillation are
shown In figures 4.a. At 4% chord a very low speed area (below 0.1 of the outer speed) and a small
reversed flow area were observed for a part of the oscillating period when the angle of incidence was above
100. Peak values of turbulence 025%) were observed at 5% chord around maximum incidence which is just
downstream of the low speed area. As will be observed below, a larger reversed flow area is present closer
to the wall (the separation bubble) and the dark area in figure 4.a represents the duration and the extent
of the shear layer above that separation bubble. Experiments at closer distances are necessary, preferably
with sensors on the surface, to determine the exact separation and reattachment positions. It can be
argued that th separation bubble extends from about 2% to 5% chord at the maximum incidence in this case.
The turbulence reaches a maximum around or just before the reattachment point and above the bubble. This
Is in accordance with observations in [15j. The pressure rms values reach a maximum inside the separated
area (figure 1,[12,13)). Downstream of the separation bubble, on this plane, the velocity increases up to
9% chord due to the recovering boundary layer. Downstream of this position (9% chord) the velocity
gradually reduces indicating decelerating flow and boundary layer growth. After the lowest angle of attack
(indicating a mild phase lag of about 10) the transition occurs much more downstream, at positions up to
20% distance from the leading edge, and nothing indicates the presence of separation bubbles. A high
turbulence (>15%) appears in the transition area around 15% chord at 90 incidence.

Figure 4.b shows the events at 50 to 150 oscillation, in many respect these figures are similar to th- D'ies
at 'l to 14 with one striking difference - a sudden enlargement of the low velocity region downstream of
the bubble immediately after the maximum Incidence. This Indicates the onset of a bubble burst which can
trigger the leading edge separation. Turbulence peaks are observed at the same time and place. It is also
an onset of asymmetry In the non-stalled results where in general no significant phase lag is observed near
leading edge. The burst onset clearly occurs at decreasing angle of Ettack and it is probable that it
would burst completely if the angle of attack was kept above 140 to 15, which is around the static stall
angle. The laminar region in this case extends to about 15% chord distance at the lowest angle of
incidence, in this case also the appearance of the high turbulence area near 15% chord was noticed around
90 incidence.

At higher angles of attack (60 to 160, figure 4.c) a reversed flow region extending to all the measurement
stations appears. This phenomenon appears near the 5% chord immediately after the airfoil crosses 160
incidence. The reverse flow is not seen upstream of 5% chord at 1.5 mm from the surface, but it is clear
that nearer to the airfoil the reverse flow region will be found even upstream of 2% chord. The reversed
flow region then rapidly spreads in both upstream and downstream drections from 5% chord position. From
the figures 4.a and 4.b, the presence of a bubble around 4% chore rvn be assumed, this bubble eventually
bursts into leading edge separation. Hence, the leading edge separation is not due to interactions with
the trailing edge separation, in contradiction to observations from [14,151. It can be seen that the
slopes of the lines dividing the reverse flow from the forward flow region are positive downstream of 5%
chord (4.c). The dividing lines on the left side of the figures downstream of 5% chord is the reattachment
line. Therefore, the reattachment point rapidly moves downstream as phase angle increases and cause
leadin: edge separation. Only a negative slope of this line will indicate rapid movement upstream of a
downstream separation point, which was not the case. The higgh turbulence areas ()25%) in this case appears
in the separated region and during thu reattachment. The portion of the leading edge that remains laminar
again becomes largest slightly after the minimum incidence. The laminar portion reduces to 13% chord for
6* to 16' (4.) and to 10% for V0 to 180 (not shown). The high turbulence :>15%) areas around 15% chord
are again evident around x

0 
incidence.

Figure 5 shows the results of measurements at various distances from the airfoil surface a, 5 to 150
oscillation. At I mm distance (5.a) more than 2% of the chord (ahead of 3% up to 5%) shows a reversed
flow. At 1.5 mm distance the region appears as a low forward velocity region (5.b) but at 2.5 mm only a
sharp velocity gradient is observed (5.). From the turbulence plots, it appears that the highest
turbulence occurs in the free shear laye above the separation bubble.

The highest turbulence intensity encountered at 4 to 14A and 50 to 150 incidence cases were 36% of the
nominal velocity. If the value of the turbulence intensity Is expressed as a fraction of the highest
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velocity encountered for the particular case, this value reduces to less than 20% and is comparable to the
values reviewed in [11. As discussed earlier, the high values observed for the cases with complete flow
reversal (more than 45% of the nominal velocity) are partly due to the contribution of cycle to cycle
variations at reattachment.

In conclusion it seems that the leading edge stall is triggered by the burst of the leading edge bubble,
after which the complete flow pattern is changed. When periodic stall is present, the separation starts
not at the leading edge, but at about 4% chord distance from it, with rapid propagation in both directions.
The reattachment occurs through a rapid downstream motion of the separation point. In the absence of
separation bubble, the location of the area of transition to turbulence varies considerably with incidence.
The use of sensors on the surface can indicate the exact location and the movement of the transition point.
The present results are further analysed below, in conjunction with experiments over the whole airfoil.

Instantaneous data :

On figures 6 to 13 instantaneous data at the leading edge are shown at some relevant times (out of the 181
available ones). The velocities, .- turbulence intensities obtained with the fixed wire are shown in (d)
and (e) respectively. The figures (f) and (g) show the corresponding chordwise turbulence intensity and
Reynolds shear stresses ao they are obtained from the rotating hot wire. The minimum distance from the
wall is 2 mm for the rotating wire, which is outside of the bubble.

The series of figures starts at increasing angle of attack, when the transition is found around 13% chord
from leading edge (figures 6d, 6f). As the angle of attack increases, a low speed area can be observed
close to the wall near 12% chord from the leading edge (figure 7e). A high turbulence levei in the shear
layer above this low velocity region is observed (figures 7f, 7g). The decrease in velocity in the inner
layer could not be reached by the rotating wire. There may be a bubble close to the wall, as discussed in
the previous section. The low speed area disappears and another one appears around 5% chord from 90 angle
of attack (figure 8). At 100 (figure 9) this low speed area is increasing, with a very thin but highly
turbulent shear layer above it. Unfortunately the rotating wire reaches only the outer part of this layer
and only a small portion of the corresponding stress is observed. The Increasing incidence makes the
separation bubble thicker and it was possible to detect the turbulent quantities by the rotating wire In
more of the upstream stations. At 9* incidence (figure 8) the fixed wire measurement shows 10% turbulence
near 7% chord, the rotating wire measurement also shows an increase in turbulence intensity and Reynolds
shear at the station near 8% chordwise position. This upstream movement of the transition point near the
leading edge (d, f and g) is evident in all the figures starting from 6 to 13, after which the transition
point gradually moves downstream. At 10' incidence (figure 9) small values of Reynolds shear stress are
measured at 5.7% chord position. Around the same incidence the fixed wire at I mm from the surfce at 4%
chord shows the presence of the leading edge separation bubble (figure 4a). Therefore, the rotating wire
is measuring the turbulence quantities in the free shear layer when it is just becoming turbulent.

A rapid increase in Reynolds shear strkas as well as chordwise turbulence intensity with the increasing
Incidence at 5.7% chord could be observed till maximum incidence time (figures 9, 10 and 11). The Reynolds
shear stress at the stations downstream of 10% chord for the same figures does not increase considerably.
However, growth of the turbulent layer is evident in all the stations downstream of 5% chord. This growth
can be attributed to the large coherent structures present at the reattachment of the separation bubble.
The large values of Reynolds shear stress are the effect of the large velocity gradients in the free shear
layer over the separation bubble. When the incidence decreases from the maximum value of 15* a tendency
towards bubble burst was observed (figure 5). In the corresponding figure (figure 11, between 5% to 10%
chord) the rotating wire detects a decrease of all the turbulent quantities towards the wall. This region
roughly coincides with the elongated low speed portion in figure 5b. The Reynolds shear stress measured at
5.7% chord nearest to the surface (2 mm) even shows a negative value (figure 11g, note that the values
plotted are minus the Reynolds stresses). The situation at this point is very close to separation (bubble
bursting). The negative Reynolds s

t  
3es observed from the rotating wire data, would indicate a negative

turbulence production : although reliability of this result is poor in such extreme situations, It Is
systematically observed at separatiau in the earlier experiments of De Ruyck and Hirsch [5,61 and it may be
an indication of stall onset. At this time it can be seen that the trailing edge flow is separated up to
about 60% chord, which is too far to cause the leading edge bubble to burst, hence the leading edge stall
onset is not affected oY trailing edge separation in this particular case. Further decrease in incidence
below 130 reduces this tendency of bubble bursting and typical transition behaviour is again observed
(figures 12 and 13). Apart from slight phase lag, the reducing angle of incidence brings about the same
series of events in the reverse of what was seen during thee increasing incidence. The turbulent boundary
layer becomes thinner, the turbulent quantitie3 gradually reduce in salue and become zero station after
station starting with 5.7% chord station. At the lowest Incidence (50) the turbulent transition can be
seen only at stations downstream of 15% chord (not shown).

BOUNDARY LAYER AND WAKE FLOW

Experiments with the rotating wire has been made at 5* to 15
o 

A-gle of attack, without tripping wire,
including leading edge and near wake. In addition to the experiments of De Ruyck and Hirsch [5,6),
experiments were made at the trailing edge and in the near wake at 8

o 
to 18*, which is a deep stall case,

with a tripping wire.

Unntalled flow, 5* to 15 * angle of attack

Figures I and 15 show an overall view of the 5' to 150 case, at maximum angle of attack. The details near
leading edge were already discussed in the previous sectlun, whereas a closer look to the trailing edge is
given in figures 16 and 17.

The figures a, b and . in these cases show velocity vector, chordwise turbulence intensity and Reynolds
shear stress, respectively. If the flow near the leading edge separation bubble is excluded from this part
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of the discussion, the maximum value of the chordwise turbulence Intensity and the Reynolds shear tress
invariably occurs between 5% to 10% chord downstream of the trailing edge in the pressure side of the wake.
Downstream of 10% chord from the trailing edge the values of the turbulence quantities reduce as it should
in the far wake. Without further analysis of the data it Is not possible to say at wh . distance the wake
becomes self preserving and what is the effect of unsteadiness and trailing edge separation on it.
However, the wake behaviour Is close to a steady state wake behaviour. From the figures it is observed
that :

(I) the turbulence intensity is relatively smaller near the centreline of the wake, (ii) the Reynolds shear
stress Is zero close to the centreline (III) the turbulence intensity as well as the Reynolds shear stress
reach a peak in the side where half-rtake width is small (large transverse gradients in velocity).

In the near wake from 5% to 10% chord downstream of the trailing edge, peaks are observed at the pressure
side, and these peaks do not coincide with the maximum values of velocity gradients. These peaks may be
due to the effect of streamwlse curvature in the flow, which is known to Introduce "surprisingly large
changes in the turbulence structure of shear layers" [16]. According to Bradshaw [163, "These changes are
usually an order of magnitude more important than normal pressure gradients and other explicit terms
appearing In the mean-motion equations for curved flows".

The trailing edge separation is detected soon after the incidence exceeds 130 (not showa/. At the onset of
trailing edge separation the chordwise turbulence Intensity close to the surface remains unchanged but the
Reynolds shear stresses drop to near zero values. With the increase of incidence the separation point
moves upstream and the separated portion over the airfoil near trailing edge keeps growing even after the
incidence reduces after the maximum .'lue. More than 20% of the airfoil is separated when the incidence Is
12.5" (figure 15). The activity in this separated portion of the airfoil is relatively quiet, as can be
seen from figure 16. The velocity is reversed but the magnitude is very small: same order of magnitude as
the turbulence intensity. The chordwise turbulence intensity falls to less than 25% of the maximum value
measured at the same chordwise station (which is detected around the separation line). The Reynolds shear
stress in this region is scattered around zero Indicating a very small correlation between u and v. The
results obtained are comparable with the wake results obtained by De Ruyck and Hirsch in (2]. A
qualitative analysis of the velocity vectors near the trailing edge confirms that during increasing
Incidence the velocity vector at the trailing edge Is tangential to the pressure surface. This is In
accordance with the Gelsing and Maskell trailing edge condition [17], which sLates that the stagnation
streamline at the trailing edge will be tangential to the pressure surface for positive (anticlocKwise)
shed vorticity and to the suction surface In the opposite case.

Stalled flow, 8" to 18" angle of attack :

Figures 18 to 25 show results of the measurements near the trailing edge for 8" to 18" incidence and with
the tripping wire present at 10% chord. For a better understanding of the strong inLeraction between
leading edge vortex and the flow at the trailing edge, the corresponding figures of the mean flow field are
reproduced from [5,6] in figures d), vherever possible. It is remembered that these early experiments were
performed without end-plates. The general observations at 50 to 15' incidence can also be made in this
case: the maximum value of the turbulent intensity as well as the Reynolds shear stress occur near 5%
chord downstream of the trailing edge In the pressure side of the wake. Severe flow turning may be the
cause as can be seen In figures 21 to 23.

Tnis series of figures starts with 17" and increasing incidance (figure 18). The trailing edge separation
point in the present case has moved up to 80% chord. The separated region again is a low activity region :
with lower chordwise turbulence intensity, near zero Reynolds shear stress and the reverse flow velocity o'
the same order of magnitude as the turbulent intensity. In figure 18d It can be seen -hat the leading edge
vortex has just started forming at the first measuring ste'ion (15% chord). In the early experiments
without end plates the trailing edge separation point has moved upstream of 60% chord position, instead of
80% in the present case. Due to the leakages at the blade tips, the opposite behaviour would normally be
expeAted (more downwash should delay the separation), which means that the tip leakages affect the flow In
a way which is more significant than just 3 downwash velocity. In general the earlier separation causes a
general phase shift between the cmplete flow behaviour of the experiments with and without end-plates.

At higher incidence the separation point has moved upstream of the 80% chord and the reversed flow velocity
has noticeaoly Increased (figure 19). The chordwise turbulence intensity also slightly ,ncreases, however
the Reynolds shear stresses show considerable scatter without any noticeable Increase in the mean value.
The scatter indicates that under these circumstances the ensemble averaging of 100 data points Is not
sufficient. The rolling down of the leading edge vortex sweeps the trailing edge separation point
Jownstream of 80% chord as the incidence reduces from the maximum value (figures 20, 21). Upstream of this
vortex front a strong reversed flow Is build up (figure 22). The leading edge vortex itself is already
away from the chord line once it leaves the trailing edge and a strong vortex of opposite vorticity forms
In the near wake (figure 23). large peak values of chordwlse turbulence intensity and Reynolds shear
stresses are observed during this process. After the passage of this trailing edge vortex the flow near
the trailing edge and the near wake breaks down completely (figures 24). It was observed that the cycle to
cycle varlat-on of the movement of this separation point was quite large. The scatter in the velocity
vector as well as In the turbulence quantities in figure 23 to 25 is a resut of these non-perlodlcitles.
Figure 25 completes the cycle.

In this experiment, the flow just downstrem of the tr-iling edge was generally found to be parallel to the
non-separated side of the trailing edge. Alt,,. gh there Is a complete breakdown or the flow in the suction
sIJe and formation of a number of large vortices close to the airFoil, the Geising and Maskell trailing
edge condition can be considered as valid close to the trailing edge, since in general the velocity at the
trailing edge remains tangent to the pressure side of the blade. Downstream of the trailing edge however,
the separating streamline is strongly distorted by the trailing edge vortices and a complete analysis of
the data Including the leading edge and trailing edge vortices kill be necessary. In the analysis, the
indication suggested by Polling and Tellonls [18J ]bout non-zero loading in the trailing edge ard In the
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near wake should be taken in to account

COMPARISON WITH PREVIOUS 'ORK

The differences between the present experimental set up and the early experiments of De Ruyck and Hirsch El
to 6) are the presence of end-plates and the absence of a tripplng wire In the 5* to 15, test case.

When comparing the data for the 50 to 150 case the observed differences are not relevant, although a
significant downwash could be expected in the absence of end plates in the early experiments. This ran be
explained by the small size of the gaps between the blade ends and the tunnel walls (3% chord). The
tripping wire was placed at 10% chord distance from the leading edge, whereas the laminar region is
observed up to 15% chord.

Differences are observed at 8
° 

to 180 angle of attack. The gaps at the blade ends enhance the separation,
which may be due to an overall non-two dimensional (but still symmetric suction Side flow. The earlier
separation cauies an overall phase shift. Stronger return flows are also observed when using end-plates.

CONCLUSIONS

In the present work experimental data are obt.lned about leading edge and trailing separations. The
formation of a leading P'ige bubble has been observed, with laminar separation, transition and turbulent
reattachment. The bubble i- very thin and the exact separation point is to be found by measurements very
close to the wall, preferably with flush mounted sensors. lea,2'- edge stall is f,,Ind t- be triggeed by
the bursting of the leading edge bubble, soon after the static stall limit is exceedi. No intel iction
with the trailing edge separation Is observed. Strong turbulence is observed in the shear layer above the
bubble.

The trailing edge separation is a low speed, low turbulence event, with near zero Reynolds shear stresses.
A weak vortex can be formed at high angles of attack. The pssage of the leading edge vortex divturbs the
trailing edge pattern Into a high energy area with strong turbulence. The Geising and Maskell trailing
edge condition Is valid in all cass, as far as the flow 'iose to the trailing edge is considered.

When compared to the early experiments of De Ruyck and Hirsch [I to 6], it is found that the presence
gaps at the blade ends, and the presence of a trlpping wire at 10% chord distance of the leadinp edge has
no significant effcots of the overall flow behaviour in unstalled conditions. At higher angle. 

0
n attack.

differences are observed due to three dimensional effects of the uncovered blade ends in the early
exnpriments. where the separation occurs sooner and less return flow is observed.

The test case 50 to 15* delivers a complete set of dat from leading edge to near wake, includilg Jata

about the leading edge bubble.

Future work should be directed at an extensive analysis ., the obtained data, eventally complemented by

similar data at the other incidences. This should be done In connection wit) numerical solutions.
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DISCUSSION

L.S.Langston, University of Connecticut, U.S.A.
Apparently the authors have used a single hot wire and have shown reverse flow in only one

region, near the leading edge (a difficult thing to do without mean flow measurements, especially wit, a
single hot wire). The results show no reverse flow in the separated regions near the trailing edge. What
is the evidence that these separated regions do not contain reverse flow since a single hot wire was
used and no independent flow direction measurements have been made.

Author's response -
The technique used was described in earlier papers (see ref 4 to 5 of the paper). The reverse

flow was found by using a slanted wire over 3600 , 
in such a way that it always faces both the right and

the wrong flow direction. Both solutions are fully computed. The correct solutions are next found by
expressing continuity in the flow angle, starting from a known direction. This is made possible by the
high density of data, as well in time as in space.

The results obtained in the separated regions at the trailing edge in general show small
velocity magnitude. With the present technique, this amplitude is too small to give a relevant flow
direction (below about 0.3 m/s or 3% of the mainstream velocity). In this case, the region is considered
as a 'dead water' zone, with no distinct 'reversal'. In some situations (see e.g. figure 9 of the paper)
distinct flow reversals can be seen however.

K.Ftrster - University of Stuttgart,W.Germany
Could the author give

a the reduced frequency
* the test Mach Number

Author's response :
The reduced frequency is

=-0.3

20

where "0 is the pulsation (rad/sec), c the chord and 0 the main velocity (0 II m/s)
The Mach Number is very small, 0.03. Hence, the compressibility effects are absent
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Compressor Pariormance Tests in the Comressor Research Facility
by

F. R. Ostdiek, W. W. Copenhaver, D. C. Rabe
Technology Branch, Turbine Engine Division

Wright Research and Developoent Center (UBDC/POTX)
Wright-Patterson Air Force Base, Ohio US& 45433

An advanced compressor test facility, the Compressor Research Facility (CRF), has
be.,. &take±shed at Wright-Patterson Air Force Base. The CRF is designed for exploration
of steady-state and transieit behavior of full-scale, multistage gas turbine engine fans
and compressors. Since construction and check-out of the facility, the CRF test team has
completed its first five years of testing with a variety of test articles. Customers
besides the Air Force have included other Government agencies and industry.

Turbine engine technology is changing rapidly with new mission demands on the engine
resulting in new aerodynamic, stability, and performance demands on each of its
componernts. This paper describes the role of the CR in meeting the challenges inherent
in such a rapidly changing field. The facility characteristics are described along with a
description of the changes, modifications, and enhancements made to the facility il. its
short history.

Several examples of tests performed in the CRF (both steady-state and transient) are
used to demonstrate the impact of the CRF results on engine development.

Finally, the plans for further facility modifications and enhancement are given.
This affords a preview of the impact which this and other test facilities will have on
turbine engine technology.

INTRODUCTION

Propulsion technology for military applications is undergoing a major change from the
engines of past decades. Many organizations are involved and the US Air Force Wright
Research and Development Center (WRDC) is in the forefront of these changer tLrzugh the
Integrated High Performance Turbine Engine Technology (IHPTET) initiative (Reference 1).
In this effort, the Army, Navy, and Defense Advanced Research Projects Agency have joined
the Air Force in an attempt to accelerate the growth of technologies required to
significantly change turbine engine performance. Consideration of the commonly used
figure-of-merit for turbine engine performance, engine thrust-to-weight (T/W) ratio, shows
that we have made considerable advancement in the past. Operational aircraft gas turbine
engines of the '50s used the aerodynamic and structural techniques available at the end of
the piston engine era and were characterized by T/W ratios in the 1-4 range. Figure 1
shows a cross-sectional view of the J79 engine of that era.

After the introduction of the gas turbine as a new engine cycle into the aircraft
propulsion arena, progress was initially made by application of engineering principles to
the specific problems in the engine. This led to researchers performing basic studies of
the aerodynamics of the flows in each of the components, structural optimization using the
available materials of the day, and aerothermodynamic cycle studies to optimize
performance and develop engine designs for particular aircraft missions. Thus, steady
progress was made in the performance and reliability of turbojet engines and turbofans
were introduced. An example of the engines of the '70s is the FI00 shown in Figure 2.
This augmented engine is the most widely used engine in Air Force 'ighter aircraft today
and, when introduced, represented a significant increase in performance and relishility
over the pioneering engines. It is capable of producing nearly 25,000 pounds of thrust
with an installed T/W of nearly 7.4.

Figure 1. J79 Engine Cross-Section Figure 2. Fi00 Engine Cross-Section



The progress attained from the '50s through the '-'s in building more efficient and
durable engines helped define more subtle problems. This included secondary flows,
transient and differential heating effects, cooling of the hot sections, interaction of
multiple spools, and system stability. The stability problem has been and remains a
particularly difficult one as demonstrated by the long and troublesome history of
stagnation stalls. The next generation of air superiority fighters will demand a much
wider installed performance range in terms of thrust, engine speed, and inlet conditions.
The continued interest in short takeoff and vertical landing aircraft (STOVL), with the
varied methods of providing vertical lift, not only widens the performance corridor
wherein the aircraft with its engine is expected to operate stably, but also means that
the engine now becomes a primary part of the aircraft stability/control picture. Rapid
changes in flight regime which will be accomplished during thrust vectoring, thrust
reversing, vertical landings, gun gas ingestion, and high speed aerobatic maneuvers will
significantly increase the demand for a distortion-tolerant engine. The compression
system in these new engines will therefore be required to maintain a high performance
level when faced with rapid excursions in engine speed, inlet flow conditions, and
pressure and temperature profile distortions.

The IHFTET goal of doubling the thrust-to-weight ratio in the next 15 years, demands
that . large part of our research be spent on identifying and developing new materials for
use throughout the engine. Compression systems will have shape restrictions which are
wholly dependent on the structural requirements of new materials and, at the same time,
compressor designs will enter into new aerodynamic regimes because of the higher
temperature capability of the new materials.

Major advances in compression system aerodynamic design have been made in the past 20
years. Dr Arthur Wennerstrom of WRDC's Aero Propulsion and Power Laboratory has been a
major contributor and leader in this area. Figure 3 shows one of Dr Wennerstrom's latest
compressor stages which combines the high-through-flow technology he pioneered in the '

7
0s

and the swept blades in his latest research. Obviously, this rotor represents a radical
change from our present operational engines, and we expect further changes in the future.

Thus, in addition to increased
operability requirements from
changing aircraft missions, we are
faced with the struggle to obtain
increased efficiency through
aerodynamic research and then to
retain that efficiency gain when
aeromechanical requirements drive us
into u nknovn areas. A further
discussion of the revolution of

~' turbine engine technology is
contained in Reference I.

Figure 3. Wennerstrom Swept Rotor

HISTORICAL PERSPECTIVE OF COMPRESSOR TESTING

The turbine engine industry has been plagued with compressor problems lhroughout its
history (Reference 2). A brief review of the history of turbine engine development
indicates that virtually all of our modern turbine engines have had serious compressor
problems, either mechanical or aerodynamic and sometimes both, during their development.
Most of these can be traced to stringent design goals, increased operational performance
requirements, complex multi-mission functional goals and transient performance
requirements which were unknown or not well understood during compressor development. In
addition, the aerothermodynamics of gas turbine engines is exceedingly complex and is
still an emerging and expanding technology. One expects significant problems under those
circumstances. The effect of these problems was manifested in slipped or cancelled
programs and excessive program costs. The archives have several examples of cancelled
weapon systems which can be directly related to compressor development problems. The
records 6how that most compressors and fans go through from two (2) to eight (8) major
redesigns before reaching a mature operational status. Many then go through further
redesigns in an attempt to enhance or improve their performance. The cost of these
redesign efforts can be staggering. A conservative estimate for redesigning a compressor
is $10,000,000 and in some cases could exceed $50,000,000 depending on the development
status of the engine. With this kind of impetus, the turbine engine industry has turned
to component testing to help control expenditures and also to normalize development
schedules.



The evolution of compressor test facilities as a tool in the development of
compressors has been a steady process over the past 50 years. Test facilities at first
responded to relatively unknown requirements since the turbine -ngine was still ii, its
infancy. With continued uQe of the engine, our understanding of the flow processes and
problems increased, and failities were either constructe or converted to meet the test
requirements. The usual output was an airflow-pr, are ratio performance map.

Through the '
7
0s, compressor test facilities were characterized by manual control of

the drive system and support equipment. This allowed adequate test control but also meant
manually monitoring, resetting, and stabilizing as test conditions changed. Thus a
considerable amount of time was spent in moving from one test condition to anothe
Consequently, test periods were usually long and tedious. Data systems were designed to
obtiin steady-state information. The exceptions were strain gages and specialized test
requirements when some transient pressures were recorded for later evaluation. Data
systems had long sampling times and information was recorded on magnetic tapes in raw forr
and saved for l.ter verification and correction. This had two effects. First, the test
operator performed the Lest without precise knowledge of the true aerodynamic operating
point. This resulted in increased test point scatter. Secondly, the reduced data was not
available for days or weeks and usually not until the test was concluded. The researcher
thus missed "targets of opportunity" and areas that should have been investigated.

Many tests were conducted in pairs. This was fostered by the concept of having
separate aerodynamic and structural rigs because the problems were different and
difficult. This generally resulted in separate tests for the two purposes and separate
test teams even when using the same rig. Consequently, minimal coordination between
mechanical and aerodynamic researchers occurred.

In addition to building dedicated test rigs, researchers occasionally obtained
compression system data from engine operation. This testing was restrictive in that
instrumentation access was often limited and operation was only on the engine operating
line unless the test program could tolerate some off-schedule variable geometry rigging,
in-flow bleeds, etc.

Throughout the '50s to '70s, test facilities have been built to meet the perceived
needs of turbine engine development. The response has been hampered by facility
construction lead time. The construction and checkout period from program initiation to
fully operational status is typically 5 to 15 years (12 years for the CRF). However, the
continued t- for good test data still forces new facility construction.

FACILITY OVERVIEW

The CRF supports the exploratory and advanced development programs of the Aero
Propulsion and Power Laboratory required to advance turbine encine technology. The
facility provides the means of obtaining data required for exploration of the steady-state
and transient behavior of full-scale, multistage gas turbine fans and compressors and is
designed to accommodate compressors with inlet flow up to 500 lb/sec and pressure ratios
of 40:1 (Referen.e 2, 10, 11).

The facility is an open-cycle design, in which the test compressor provides motive
power to move air through the facility. The compressor is mounted inside a 20-foot
diameter test chamber vessel. Filtered air is drawn from the atmosphere into the test
chamber plenum through an array of five inlet control valves which provide compressor
inlet pressure regulation for reduced inlet pressure testing. Mounted inside the test
chamber plenum is a flow conditioning barrel with screens and honeycomb to minimize
airflow distortion. A close-coupled discharge valve controls compressor pressure ratio.
Discharge air passes into a collector and through a venturi flow measurement station
before discharging to the atmosphere. Flow can also be measured with the inlet bellmouth.

An overall layout of the facility is shown in Figure 4. The facility actually
involves space in three different buildings. The test building houses the computer and
control rooms, the operations building contains the test chamber and signal conditioning
room, and the electrical power conditioning equipment is located in the third building.

CRF tests are controlled from the facility control room through the CRF computer
system shown in Figure 5. Commands to execute the test program are sent from the control
room through a monitor computer located in the computer room to four control computers,
Modcomp Classics located in the signal conditioning room. The control computers, with
shared memory, control the electrical power conditioning equipment which powers the drive
motors. They also control the services that support the facility and variable geometry
devices on the test compressor. Auxiliary support systems, including hydraulic, test
article lubrication, service air, cooling water, and fire control are controlled by
programmable logic controllers monitored by these control computers. All control systems
have automatic fault detection with preprogrammed facility recovery actions.

The compressor is driven at speeds up to 30,000 RPM through two speed-increasing
gearboxes by either of two 30,000 HP synchronous electric motors. Various compressor
speed/power ranges are available by selecting the appropriate high-speed gearbox and drive
motor combination. Compressor speed is typically controlled to within ten RPM, even
during stall, by controlling the frequency of the electric power supplied from the power
conditioning equipment to the selected drive motor.
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The CPR1 iata acquisition system is shown in Figures 6 and 7. The digital system
acquirtes data from a Preston analog-to-digital converter and multiplexer at a rate which
approaches 50000 samples per second. The system can be configured to handle up to 640
amplifier channels. Data is passed from the analog-to-digital converter to a data

acquisiti on computer (DAC) which acquires the data and controls the data acquisition
process. A second compuiter (AUIX) buffers the data for access by the data reductionI
computer (IBM 43%1l Main [MAINI).

TEST CHAMBE RR 51 rNHI CONTROL

Fj~~iV. F ~CONDITIONING ROOM~ J~ cROOM

- ~e' .I acm"

TEST~~ ~ ~ S:A CODTONN OMUE
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Figure 6. CR1 Data Acquisition System Figure 7. CR1 Data Acquisition System
(Digital) (Ann log)

The M4AIN computer is the heart of the digital data acquisition system and performs
all of the channel calibrations, engineering conversions and performance calculations.
Data is processed on-line by the MAIN computer and then transferred to monitors for
real-time use by the test team. The data is also routed to printers and storage diaks and
tapes. Two important features of the MAIN computer are its ability to perform an
electronic calibration of all digital channels (channel check) and its ability to perform
an automatic five point pressure calibration of the pressure channels.



This data system has been used to measure time-averaged and unsteady pressures and
temperatures during CRF tests. The pressure data acquired during the transient tests can
he categorized as high-response, close-coupled, and time-averaged measurements.
High-response and close-coupled methods were used for unsteady pressure measurement and
time-averaged mA-hods are used for steady and quasi-steady measurement.

Time-averaged data are acquired through real-time digital conversion and stored on
digital tape or disk and are used to define time-averaged steady-state properties. A
time-averaged measurement is defined as an arithmetic average of 30 samples of each
channel sequentially at the maximum rate possible for analog to digital conversion,
typically this requires 200 ms.

Close-coupled measurements are a subset of the time-averaged measurements and are
obtained through real-time digital conversion of signals from the same transducers
utilized for time-averaged measurementL. These transducers are mounted as close as
possible to the test compressor for unsteady tests. A close-coupled scan is defined as a
single sample of all close-coupled chan.els wheroas a time-averaged represents 30 scans.

The high-response system provides for higher frequency response than the
close-coupled system and results it. a more accurate characterization of pressure
fluctuations. The frequency response of the high-response system is highly dependent on
transducer selection and placement on the test article. Han-resporse data are acquired
in analog form and storel on tape through FM recording.

At the start of each test program in the CRF, an exhaustive checkout of the data
system is performed. The channel check and pressure calibration activities ensure the
proper functioning of the digital data system; however, possibilities still exist for
error:. Therefore, end-4 -end checks are performed from the test article to the computer
readcut using known pressures and temperatures. During the test program, a daily check is
made of the data system ard tie test rig at the beginning and end of each test period by
repeating a pre-selected opereting condition of rveed and pressure ratio to determine if
the calculated parametexr such as flow and efficiency have changed. Appropriate
corrective action is taken. Expa-ided discussions of the CRF facility and data systems c _
be found in References 10 and 11.

DIRECT VELOCITY MEASUREMENT

The direct measurement of the velocity can provide insight into the flow behavior
that cannot be achieved in any other way. Flow separation, angle of attack and deviation
angles all must be detected through the direct measurement of the flow velocity vector.
There are methods of calculat.ng the velocity vector f--om pressure probes using multiple
sensors, but generally detailed flow-field measurements are performed witn __ use of hot
wires or laser anemomstry if the test vehicle can accommodate these methods of
measurement

In the CRF, the hot wire is routinely us,.s to measure the bounlary layer in the
bellmouth of test compressors. With the characterization of the boandary layer, the
bellmouth can be used as a second source of mass flow measurement. This measurement also
characterizes the compressor inlet turbulence level. A typical boundary layer measured
during a CRF compressor test is presented in Figures 8 and 9. Thcse data show that the
inlet turbulence level in this CRF test was below .5% while t.,e boundary layer thickness
was less than 25 centimeters at a location .5 diameter duvnstream from where te bell -uth
became a constant area and with a pipe Reynolds nusber of approximately 5 x 10

'00

Figure 8. Boundary Layer Velocity Profile
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Figure 9. Boundary Layer Turbulence Profile
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Laser anemometry has also been used extensively in the CR.F. Through its use,
detailed measurements of the rotor flow fields are aade which were not possible just a few
years ago. Since the early '70s, laser anemometry Las been refined and developed
iniependently and c.ommercially. There are two general techniques currently being used to
investigate compressor flow fields. These include the laser friroe and laser two-focus
te, hniques. A comparison of these two techniques was performed (Refere 7e 8) to assess
their ad _ntages and disadvantages for use in CRF testing.

Comp~.oational and experimsental laser results have been compared oy many researchers
(References 12 to 15). These comparisons are providing new insight into the physics of
compressor flow fields. Future aerodynamic advancements in compresso- performan-e will
stem from laser and transient measurements. Further, the incorporation of on-line
presentation of data in compar' son with computational results will help to guide the lasor
and other work and improve the efficiency of test time. Two representations of laser
two-focus data that are available on-line in the CRF are presented in Ficures 10 and 11.
This representation of the data can be achieved while a subse ment set cf measurements is
being obtained. With tI.is capability the actual test data can be reviewed so laser set up
conditions can be adiusted to meet the flow-field rer-uirements.

--

0.0 -- ESECCf~~G

'7,

Figu~e 10. LTA Data Presentation -- _ _____

in Vector Form 0. 0 PEPCENCV PAfsrSSAGE-.

Figure 11. LTA Passage Measiurement Presentation
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The CRF was first envisioned as an aerodynamic test facility and consequently, nad
minimal aeromechanic capability. Test safety, funding problems and scheduling pressures
made it advisable to perform both aerodynamic and aeromechanical mapping at the same time.
A new 144-channel aeromechanics workstation was designed, installed and has been
operational for several years. This station includes 144 monitor oscilloscopes, digital
storage of gage signals, and 182 channels of FM recording capability. This station can
support four aeromechanicists during test with each having a complete set of spectrum
analysis equipment. In addition, a strain gage monitoring system is being installed at
the present time which will provide a watchdog function and alarm for over-limit stresses
(DC to 16 Khz) for 108 channels. Since this system is computer controlled, the alarms
could be used to command immediate corrective actions through the control computers.

C9TESTS

This section shows the progression in competency of the CRF test team by presenting
sarnple results from several tests. Through these examples, we will show the development
of the facility from a purely steady-state aerodynamic test facility to a facility capable
of transient testing with an aero/mechanical mix of experimentation. In addition, the
capability of the facility to perform advanced laser flow measurements to characterize the
details of the fluid flow will be shown. Table 1 presents an overview of the facility's
test history.

TEST PROGRAM DATE RESULTS

J85 II 1983-84 OPERATIONAL FACILITY

HIGH TIP SPEED COMPRESSOR 1984-85 DESIGN INFORMATION
GE 37 REDESIGN

FAN DISTORTION AND LASER 1985-86 GE 37 DATA BANK
ANEMOMETRY

MULTISTAGE HIGH-PRESSURE 1986-87 STALL AND POST STALL
COMPRESSOR DATA BANK

SWEPT ROTOR 1987-89 NEW TRANSONIC TECHNOLOGY

Table 1. CRF Test Programs

STEADY, HTSC TEST RESULTS

The first test in the facility was performed to obtain the aerodynamic performance of
an advanced transonic research compressor. Limited results from this test pro;r-,. have
been previously rcported (Reference 9). The nondimensionalized compressor performance
obtained for this two-stage compressor is presented in Figure 12. All of the data points
taken for the map were of sufficient quality to be used on this figure. This was a direct
result of performing an extensive end-to-end check audit of the instrumentation system
before the test program plus daily checks to determine if channels had become inoperative.
These channels were then repaired as needed. Even though the data acquired on the test
compressor were essentially all steady state, the test presented the opportunity to
exercise the full data acquisition system of the facility. Over 600 individual channels
of pressures and temperatures were measured during the test. All of these measurements
were available for review in engineering units in near real-time. They were updated on
the computer terminals every o0e to two seconds. This provided the ability to verify the
compressor performance on-line. The consistency of both the compressor and the data
system was verified through the use of the daily performance chcckpoints. A trend of the
efficiency over the complt- est program is shown in Figure 13. This figure shows a
change in the efficiency of approximately .5% near the middle of the test program. This
change was considered to be outside the precision uncertainty of the data system and was
therefore a change in the test system (Reference 9). The drop in efficiency was
attributed to damage sustained by the second stage blades which was discovered upon
post-test teardown. Although this failure mode effected only about 1% of the blade area,
the data system was able to observe a change in the performance of the test compressor.
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STRUCTURAL, TEST RESULTS

During the Fan Durability Assessment (FDA) test nrogran', the CRF demonstrated its
full-scale structural testing capability. During aerodynamic testing, the structural
characteristic of the test compressor had been found to be satisfactory for clean inlet
flow. However, in the FDA test program, the primary objective of the test was to
determine the aeromechanical response of an integrally-bladed disk to inlet flow
distortion. In this program, the 16 blades of the rotor were instrumented with 20 strain
gages with at least one per blade. Essentially, a classical structural test program was
performed. Excessive resonant stresses were observed in the presence of some of the inlet
pressure distortion patterns. These significant resonances were always in the first three
natural modes. Large blade-to-blade response variations occurred ever, though the blades
of the blisk were essentially tuned. This had not been expected prior to the test.
Additional test results are presented in Reference 5. From a facility point of view, this
test program basically emphasized that structural testing could be manpower intensive and
it increased the risk of damage to the test compressor and the facility.

LASER TEST EXPERIENCE

Early in the facility development it was recognized that laser anemometry would play
a key roll in understanding the flow physics of our advanced compressor systems. With a
better understanding of the detailed flow-field behavior, computational fluid dynamics
codes can be improved to provide realistic simulations of advanced compressor designs.
These improved codes can be used to perform parametric analysis of current concepts and
help determine better compressor design techniques.

Laser two-focus and laser fringe anemometry were both investigated (Reference 8) for
use in compressor testing. These comparisons showed that the available laser two-focus
system provided a mechanically more reliable flow measurement system but required more run
time to acquire the test data. The laser fringe anemometer reduced run times and provided
accurate measurements in higher turbulence level flows. However, its major draw back was
its delicate optical system. Initially the laser two-focus system was employed in the
test facility. The laser fringe system is being improved for future use.

Laser two-focus has been used in the CRF to investigate isolated flow phenomena as
well as full flow-field behavior. The passage shock wave end wall boundary layer
interaction in a rotor passage was investigated (References 3 and 11). Figure 14 shows
this test confiouration. A flat window was employed and the laser beam was transmitted
through it at nearly a perpendicular angle. The magnitude and direction of the velocity
component in the axial-circumferential plane was measured. The flow behavior was
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investigated in the blade tip leading
edge region of the rotor passage
where the passage shock wave end wall
boundary layer interaction was
suspected. It was discovered that
the well-ordered core flow was
separated from the end wall boundary
layer by what appears to be a shear
layer where the flow behavior changes
abruptly. This shear layer appears
to be at a constant depth between 12%
and 22% of the axial blade chord. No
evidence of this shear layer was
observed at the leading edge where
measurements were obtained well
within the inlet boundary layer.

Figure 14. Laser Test Configuration

The full flow field of an
advanced swept rotor design has been
successfully measured and the results
are currently being analyzed. This
test again used the laser two-focus
system to obtain flow measurements.
In this rotor, the blade
circumferential lean prevented a view
of the complete flow field if the
laser was directed in a purely radial
direction. Therefore, the beam
penetration was changed during the
test to acquire a complete view of
the flow field. Near the blade tip,
the beam entered the flow along the
radius. When measurements were to be
obtained in the hub region, the beam
entered the flow at approximately 25
degrees to the radius, as seen in
Figure 15. By using these two
entrance angles, nearly all of the
flow field could be observed.
Approximately 2000 data points were
acquired within the blade passage to
characterize the flow field. Figure 15. Laser Beam Near Hub Region

In the future, the laser fringe anemometer will be developed to improve the speed of
data collection. It is anticipated that the laser fringe system will improve the speed to
the point that the design point condition of our advanced compression systems can be
measured on a routine basis. This would require the system to be able to measure the
complete flow field of a rotor in less than one test week. This requirement is leading
the CRF to automatic controls of the system. The optics of the system will be
m-hnicallv improved to Ansure alignment over extended periods of running in a high noise
environment. Adjustments that would be performed by hand in a laboratory environment will
be automatically controlled in the CRF. At the present, this laser fringe system is being
configured and tested on smaller research vehicles so that it can be developed for use in
the CRF.

TRANSIENT TEST EXPERIENCE

To fully characterize the performance of advanced compressor designs, testing must
also include investigations into quasi-steady and unsteady compressor performance.
Details of unsteady compressor phenomena provide information for designers about how a
compressor transitions from a given state of operation to another, as is the case during
compressor stall. When a compressor stalls, engine performance is reduced below a level
that can sustain flight. Because compressor stalling does occur and aircraft have been
consequently lost, the performance of a compressor operating near- and in-stall and the
compressor's ability to recover from stall are extremely important considerations.
Unsteady information as it relates to compressor stalling behavior can be used to develop
designs that are more stall tolerant and more stall recoverable.

Transient compressor performance was investigated during the CRF multistage
compressor stall recoverability test program. This CRF test program was designed to
increase understanding of the details of in-stall operation and recoverability of a
10-stage, high-speed, high-pressure ratio axial-flow compressor. The test demonstrated
the transient data acquisition capabilities of the CRF as well as the test team's ability
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to plan and execute a test program which required the test compressor to be maintained in
rotating-stall for long periods of time. During the program, approximately 10 hours were
spent in rotating-stall. The test program results (Reference 4) indicated that stage
matching may have a direct impact on the recoverability of a compressor from
rotating-stall. The unsteady test results were also used to assist in verification of a
dynamic compression system model as detailed in Reference 6.

Test program results were in the
form of steady, quasi-steady and
transient performance of the test 0.48 49. DESGN SPEED

compressor during the stalling process 0. Oe, 59.7% DESIGN SPEED
and while operating in rotating-stall. U = 87.7% DESIGN SPEED
Steady-state data were obtained while 0.0 74.5% DESIGN SPEED

xw= 78.% DESIGN SPEED
the compressor was operating unstalled ADo
and in rotating-stall for five different w
shaft speeds as presented in Figure 16 o o." mu- covet

(Reference 4). The data shown in a
rotating-stall is a time-averaged 0.<
representation of the quasi-steady 

A-o.o -

rotating-stall performance of the
compressor. Each individual pressure
coefficient data point is comprised of os

an average of 30 scans of the unsteady ono On
pressures within the compressor. Each 0..o o.0 .. 2. .. -. 0. 0.40

point represented in Figure 16 was OVERALL FLOW COEFFICIENT
acquired after a three-minute compressor
stabilization period. Steady-state data Figure 16. Test Compressor Overall Pressure
of this type provides the designer with Characteristics
a steady-state representation of the
test compressor quasi-steady
rotating-stall operating point. This steady-state representation of a compressor in an

unsteady condition, rotating-stall, needs to be refined. It is useful to present results

in a standard map format and at the same time, do further work to understand the details

of the time-varying, rotating-stall cell.

A subset of the time-averaged measurements was the close-coupled pressure
measurements a defined previously. A graphical representation of the two types of

measurements is presented in Figure 17. This figure details how a time-averaged
measurement would be obtained from a time-varying pressure. It also shows what
information is acquired using the close-coupled digital measurement system. The
difference between the two types, close-coupled and time-averaged, was the number of
averages taken to make up the measurement and the rate at which the data were obtained.
During the stall test program, 77 pressure channels with a nominal frequency response of

70 Hz were designated as close-coupled measurement channels. A close-coupled scan was
defined as a single sample of all close-coupled channels simultaneously. All sampled
signals were held until the they could be digitized and subsequently recorded. This
technique eliminated the phase errors that would have been associated with sequential
reading of data from individual channels of close-coupled data. Further details on the
close-coupled data acquisition system are provided in Reference 10.

The close-coupled
.0 D MM digital data acquired for
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Figure 17. Time-Averaged and Time-Varying Data Acquisition alternate fashion to obtain

details of the total ann
static pressures within the compressor while the rotating-stall cell is present within the
compressor. Figure 19 shows the time-resolved total and static pressures at two axial
locations in the compressor. The figure supports the concept that the stall cell is
concentrated in the rear of the compressor as can be seen by the large fluctuations in
both static and total pressure as the stall cell passes, while the front stages react to
the cell passage in the rear with little change in total pressure and a rise in static
pressure.
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I: Figure 19. Test Compressor 78.5% Speed Internal
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Figure 18. Test Compressor In-Stall Time- TIME(SEC)
Resolved Total Pressure Rise

Further details of the extent of the rotating-stall cell were obtained with the
high-response analog data acquisition system described previously. The unsteady pressures
were measured through a transducer/pressure tubing system that allowed for a nominal
frequency response of 200 Hz. A comparison of the high-response and close-coupled methods
of data acquisition is provided in Figure 20 (Reference 10). The data detailed in this
figure were obtained during the transition of the test compressor from steady unstalled
operation to quasi-steady in-stall operation due to exit throttle area reduction. The
comparison is of two compressor exit static pressures at the same axial plane and very
near to each other circumferentially. The transition into rotating-stall is characterized
well by both the close-coupled and high-response systems thereby indicating high
confidence in both measurement systems. As quasi-steady rotating-stall is established,
the figure suggests that the close-coupled system captures the basic trend of the
rotating-stall but not the details of the stall cell itself. To further investigate these
details the high-response data is required.

CLOSE-COUPLED SYSTE
-- HIGH-RESPONSE SYSTEM
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Figure 20. 78.5% Speed Stall Inception Data Acquisition Comparison

High-response data obtained from two impact tube pressure probes positioned at the
compressor exit are shown in Figure 21. The upper most curve details the time-resolved
pressure during rotating-stall operation as measured from an impact probe facing upstream
in the compressor, while the lower most curve is the same information, from a downstream
facing probe. With this high-response information, it is possible to characterize the
percentage of the compressor annulus that is blocked by the stall cell. In the blocked
portion of the compressor annulus, both probes indicate pressures that are nearly equal
while in the unblocked portion of the annulus, the difference is representative of
reestablished through-flow velocity. Annulus blockage areas were found to vary between
60% and 15% for the in-stall throttle level tested.

Transient information of the nature presented here is essential if component tests
are to continue to provide the information and insight necessary for development and
improvement of design code that reliably predict high-speed axial-flow compressor stall
performance and recoverability. In this test program, the CRF has demonstrated the
capability to acquire accurate and reliable transient data in many forms for the
advancement of future designs.
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FUTURE PLANS FOR THE CRF

The CRF has had a substantial impact on turbine engine development in the first five
years of its operation. The test programs have supported exploratory research, generic
system problems and advanced engine development. The facility was first en-i ,an-i as an
automated facility capable of only aerodynamic investigations. During construction, the
automated test function became fully integrated computer control of the test and the
complete facility. After the facility was completed, an aeromechanics workstation with
computer-controlled strain gage monitoring was added to allow aeromechanical
investigations as well.

Many similar modifications and enhancements are planned for the CR1. A second
discharge flow path, designed for 150 lb/sec, has been added and is being used for the
first time. It allows testing of split-flow fans and compressors.

The CRF inlet flow system was designed to maintain the turbulence level at the
compressor inlet at <0.5%. This provides a base to generate controlled pLessure
distortion patterns at the inlet. This has been done for several tests and will be used
more frequently in the future. In addition, a hydrogen-fired heating system will be used
to generate both elevated and distorted inlet temperature profiles. This unit is expected
to be operational later this year and will allow us to bring increased realism to the
aeromechanics testing.

A new aeromechanics effort has been started as part of the IRPTET initiative and is
directed at identifying specific materials vital to engine development and then planning
their development. This effort, the Core Engine Structural Assessment Research (CESAR)
will utilize CR1 aeromechanics testing capabilities in tests designed specifically for
materials development.

New measurement techniques such as laser velocimetry, light probes for blade
movement, and capacitance clearance measurements have been added to the facilities toolbag
in the past few years. Further instrumentation advances for global temperature and stress
measurement are being studied and will be incorporated if feasible. Precise temperature
measurements are required for accurate efficiency calculations for low pressure ratio
rigs. The CRI's temperature reference system will be upgraded to state-of-the-art within
the next year to meet this challenge.

The F100 core test was the first transient test in the CR1. It provided a number of
new insights into compressor in-stall performance and will have a significant impact on
new compressor designs. Serious study of the data obtained in that test provides ample
justification for more transient tests in an effort to meet the stability challenges in
new high performance aircraft.

Engine operational problems are difficult to solve with rig tests even when
appropriate because two to three years is usually required for rig construction,
instrumentation and test. The operational Air Force cannot be grounded for that long.
One solution would be to construct component test rigs during engine development and keep
them up-to-date for quick response to field problems. The financial investment would be
far less than we usually lose through lost and grounded aircraft and the expertise of the
applied research community would be more fully utilized.

Flow-field plots obtained from computational fluid dynamic (CFD) efforts have been
used very effectively as the initial velocity guess in CR1 laser velocimetry studies. The
rapid advancements in CFD will make possible ever more dramatic test techniques. The
recent successful simulation of a core compressor transient behavior is being reported in
another paper in this conference. Techniques such as these will be further exploited in
the future.
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Supercomputing with large memories and higher calculational speeds are helping
researchers in many fields attack problems which only a few years ago were insurmountable.
The CRF has initiated programs directed to near real-time comparison of analytical design
code results with measured test results utilizing the power of parallel processing
computers. With these computing tools, the CRF will be able to perform high-speed
calculations during tests based on both analytical and test results. In addition,
communications between test compressor designers' facilities and the CRF are being
advpnced to allow for rapid same-day transfer of information. Flow-path CFD studies,
digital simulation of the test compressor, and on-line test data will be combined and
presented to the test team and designers in near real-time to synergistically increase the
valie of the test.

The mission of the CRF is twofold; perform test programs which are vital to both the
research and operational part of the Air Force and to devise and demonstrate leading-edge
advancements in the area of test techniques and methodologies.

We started with an aerodynamic test facility and changed to a
aerodynamic/aeromechanical facility with excellent test results and customer acceptance.

Within the first years of the design and construction phase, a decision was made to
go to complete computer control of the test article, facility, test execution, and data
system. This was an extremely fortuitous decision since it put all inputs integral to the
success of the facility into a universal information system. This central data bank
allows (1) rapid transfer of information between test article and facility during tests,
(2) introduction of specialized data bases and algorithms for particular tests, and (3)
introduction of computer simulation and computer-aided decision-making into the on-line
test process.

The composition of the CRF test team has evolved to where the central core of both
scientists and technicians are Government workers with significant on-site contractor
effort for support services, new system detailed design, software maintenance and
enhancement, hardware periodic maintenance, warehousing of parts and supplies, and for
other unusual and non-periodic services. This allows the Air Force to retain
responsibility and control of the daily activities in the facility and thus accrue
intimate knowledge of the technology.

The Air Force has made a large investment in both dollars and manpower towards
operation of the CRF. The total cost for construction, upgrades, operation, and personnel
during its 18-year history is approximately $I0M in terms of '89 dollars. In addition,
the 50 full-time workers represent over 10% of the Aero Propulsion and Power Laboratory's
work force. The magnitude and time span of this commitment indicates a firm resolve by
the Air Force to continue with the CRF activity.

The results of the research tests performed in the CRF during the past five years
have been excellent and have supported the IHPTET initiative. The demonstrated skills and
testing precision compare favorably with other facilities.

Continuing changes in aircraft missions and engine requirements, compressed
schedules, and shrinking finances combine to demand timely and incisive test data for
successful engine development. The IHPTET goal of doubling T/W in the next fifteen years
can only be achieved through careful and judicious use of test facilities like the CR5.

The CRF test team has been continually active in developing and using new measurement
techniques and test techniques in compressor research. More facility enhancements are
planned and the results will be reported in the future for consideration of use by other
researchers.
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DISCUSSION

W. G. ALWANG, Pratt & Whitney Aircraft

1. What digital data rates did you find were suitable for
stall/surge investigations?

2. How did you measure and control clearance during
transient tests?

Author's Reply

1. The maximum digital data rate utilized for the in-stall
test program was 695 samples/second. The type of pressure
fluctuation in rotating-stall characterized by this sample
frequency is shown in Figure 19. This rate is sufficient to
capture the fundamental stall cell characteristics that occur at
around 50 to 60 Hz. To do a more detailed investigation of the
stall cell as shown in Figure 21, it is recommended that sample
rates higher than 700 Hz be utilized. A good comparison of the
differences between analog stall inception data and digitally
sampled data is provided in Figure 20. It shows that 695 Hz
sampling captures +-he event but does miss some of the details.
It should be notel that the instrumentation and connecting
pressure tubes fnemselves often times dictated expected
frequency response. This was the case for the in-stall test
program as wril.

2. Clearance was neither measured or controlled for the
transient test program. Rotating-stall data were obtained after
a two to three minute stabilization time to assure no changes in
clearance occurred while the data were being recorded.

Y. N. CHEN, SULZER BROTHERS LTD., SWITZERLAND

The stall cells of the different stages (Figure 18) are
lined up in the axial direction, confirming the measurements of
Cumpsty, Day, Greitzer, Das and Ziang. According to our
investigation, the boundary between the stalled and the
unstalled region is a shear layer with high vortices. It is
separated into individual vortices. A pair of Karman vortices
with opposite rotational sense are then formed on the two ends
of the stall cell. This model, which is verified in the radial
compressors in our experiments, can be also derived from the MIT
report of P. L. Lavrich (1988). Then, the Karman vortices form
a circular Karman vortex street around the circumference of the
rotor. Since a Karman vortex street induces waves with equal
phase on its two sides, the vortex streets formed in the
different stages are thus coupled with each other. In this way,
the stall cells of the stages are lined up in the axial
direction.

Author's Reply

The transition region between the stall cells and the
unstalled flow is an area of great interest. Time-dependent
pressuro gradients at single points and phase relationships
between separate measurement points are being analyzed. The
results will be used to help characterize the individual cells,
indicate the cell orientation in the compressor and to guide the
design of our measurement system for the next in-stall test.
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R. 0. BULLOCK, CONSULTANT

This is just not a question, but a comment as well. It is
refreshing to learn of the capabilities of the facility
described by Dr Ostdiek. Our ability to understand increases
with our ability to measure and we can look forward to a better
appreciation of the real aerodynamic events that take place in a
compressor. It is interesting among other things, to note that
Figure 18 tends to support the idea that flcw takes place in
parallel channels which arise from the close axial spacing of
rotor and stator blades. This behavior raises a question about
Figure 16. The curves on the stall branches must represent some
sort of average of the widely varying pressures. If this is
true, how were the averages computed and what were the
tangential static pressure gradients behind the compressor?

Author's Reply

The data detailed in Figure 16 represents a time-average of
impact probe measurements of the varying pressures at the
compressor exit as the rotating-stall cells passed. Figure 17
is a good representation of the individual pressure signals and
of the averaging technique which was used for each of the
individual channels. This averaging process was performed for
three circumferentially-spaced rakes, each of which had five
radial measurement points. Finally, the overall compressor exit
pressure was calculated from these 15 time-averaged values.

The exit static pressures at the compressor case were
measured during the test at seven circumferential locations.
This is part of the data being used at the present time to
further characterize the rotating-stall cell and will be
reported in the future.
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SUMMARY

At low flows relative to the design point, multistage axial-flow compressors may enter a globally-stable
operational state involving rotating stall within the blade passages. For continued opeation in a turbine
engine, recovery of the compressor to normal operation is requited. Operation in rotatng stall is generally
characterized by recovery hysteresis; that is, to produce recovery, compressor flow must be allowed to increase
substantially beyond the initial flow level observed with rotating stall.

In turbine engine applications, it is desirable to reduce compressor recovery hysteresis to a minimum.
Stage flow behavior and stage matching at low flows are shown to have major influence on recovery behavior.
Conclusions are supported through the use of an analytical model recently validated with experimental data from
tests of a multistage compressor in the Compressor Research Facility at Wright-Patterson Air Fore Base.

INTRODUC7ION

The compression system of a gas turbine engine must operate with stability and high efficiency over the
range of operation of the engine. While a multistage compremion system can operate stablely with one or more
stages stalled, such operation is inefficient and undesirable.

At high engine speeds, reduction of compression system mass flow will generally lead to surge. While
undesirable, the surge cycle includes periodic operation within the stable pressure-mass flow boundaries of the
compression system, and is therefore recoverable; that is, an increase in mass flow or reduction in pressure
demand will result in a return to normal operation. At lower speeds, sufficient fluid energy input and/or
storage may not be available to sustain surge cycles. Reduced mass flow operation of the compression system
will then take the form of globally-stable operation with at least several stages operating in stall.

This latter type of stalled compression system operation is especially undesirable in the turbine engine,
because recovery to normal operation can be difficult. Since recovery hysteresis is normally evident, reduction
in pressure demand may not be sufficient to produce compression system flow recovery and self-sustaining engine
operation.

It is the purpose of this paper to offer a generalized concept of multistage compressor stall and recovery.
utilizing a stage performance approach. Recent results from an extensive test and modeling program with a
multistage compressor are employed to support an "extended starting" theory of compression system recovery
hysteresis. The effects of some system design features on hysteresis and recovery behavior are examined.

BACKGROUND

Since the early investigations of axial-flow compressor stages and compression systems, the phenomena of
rotating stall and surge have been observed and analyzed [1,21. In an extensive study of compressor operation
with one or more blade rows stalled, Benser [31 reported studies of stage reduceo flow and stalling behavior
employing a mathematical model of a hypothetical 12-stage compressor. He observed that reduced-flow operation
of the compressor led to progressive stall in the inlet stages of the compressor, and abrupt stall in middle and
rear stages. Progressive stall was identified with low hub/tip ratio inlet stages, in which rotating stall
developed at one end of the blade. The stalled region progressed in span and extent as mass flow was reduced,
with consequent reduction in efficiency. Abrupt stall of a stage was identified as the rapid development of
full-span single-cell rotating stall as mass flow was reduced, with resulting flow blockage and severe reduction
in stage efficiency. In recent years, extensive studies of compression system stalling behavior with emphasis
on stall-surge boundaries have been conducted 14,51. Generally, high pressure rise and large plenum volume have
been identified with system surge, and the effect of the shape of the overall compresor characteristic on stall
and recovery has been predicted. The present work primariy addresses the influence of stage behavior snd
interactions on compressor in-stall perfonmmce and recoverability, rather than matters relating to system
perfotnance and stall-surge boundaries.



26-2

STALL, RECOVERY. AND AERODYNAMIC STARTING

The aerodynamic starting transients of multistage compression systems are well- known. In order to obtain

high efficiency and adequate stall margin at the design operating point, design procedures often lead to similar
aerodynamic loadings of the several stages of the compressor at the design speed and flow. At low speeds, this

design philosophy leads to increased aerodynamic loading of the front stages of the compressor, and reduced
loading and choking of the rear stages. During starting (low speed operation) of the compressor, the inlet and
middle stages will be driven into rotating stall, since the necessary initial compression to provide proper
operation of the rear stages is not available. The resulting blockage will drive at least several of the corn-
pressor stages into deep stall, and aerodynamic starting (unstalling of the stages) will riot occur unless appro-
priate action is taken.

To start the compression system, the initial stages must be unstalled. Conventionally. this is accom-
plished by bleed or variable geometry, or both. Bleeding of flow following the stalled stages will increase
flow, eliminating stall and raising the pressure rise of these stages. Increased pressure rise will increase
density, reducing the throughflow velocities in the rear stages. In a properly designed machine, the tage
operating point changes produced by bleed will lead to aerodynamic starting.

In addition to or instead of bleed, variable geometry may be used in the initial stages Inlet guide vanes

and stators may be restaggered to reduce the stalling mass flow of the inlet. T.in pool compressor designs may
also be used to produce improved starting, but these designs and their operation are not addressed in thi,
paper.

The effects of low flow, bleed and variable geoicury may he studied with the aid of ligures 1-4 Refermng
to Figure 1. the pressure coefficient and efficiency behavior for the stages of a hypothetical 12-stage crnpr_-
sor are shown as a function of flow coefficient. Since the stage charactcristcs shown are in coefficiet irn,.
they are theoretically speed independent. Reference point A is representative of stage operation under design
conditions, with adequate stall margin for all stages and high efficiency. At reduced speed. stage operation
will move to the points noted by B, with reduced stall margin in the initial stages and high velocity flow in
the rear stages. This effect occurs 'because of the feed annular areas of each stage and the reduced conipres-
sion performance of the early stages. From continuity considerations, the result is low density and high flows
velocities in the rear stages. Further reduction in mass flow at reduced speed will led it) operation at oitnt
C, with the inital stages in progressive stall. Additional reduction in mass flow will esentually lead t post
stall operation at point D, with sharp reductions in pressure rise and compressor efficiency. The conditions at
operating point D are representative of the stalled stage matching conditions which would exist without inter
vention during starting of a multistage compressor. If a valve were used to reduce the flow as described atove.
the compressor would not restart if the valve were opened to a position associated with an ,rigi1iall unittalled
state; that is, recovery hysteresis would be present.
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An alternate view of the stage stalling process as a func'ion of compressor speed is provided in Figure 2.
In this hypothetical compressor, the stage stalling flow !oefficients are assumed to be equal. The initial
stages of the compressor are assumed to operate with progressive stall characteristics. Middle stages are
assumed to begin stall with progressive behavior, then tre transition to abrupt stalling. Rear stages with high
hub-!o-tip ratios are ,Rsurned to stall only in a .Ill sp.i, abrupt manner. At 80 percent speed, near the oper-
ating condition, slightly reduced flow produc s only . mild, progressive stall in the front stages of the com-

pressor. It is presumed that the compressor and turbine engine could conunue operation under these conditions.
Further reduction in flow would intersect the abrupt stalling boundary of the 9th stage. Because of the severe
blockage produ,:ed by this event, 'he remaining stages of the compressor would be driven deeply into stall, and
the complete comptesso- would be involved.

Whether the resulting global event would be a surge or a stall is conventionally assumed to depend on
system dynamics. At the 80 percent speed, a surge would be the likely result, and recovery would be possible
for the reasons previously discussed. If a stall resulted, the abruptly- stalling stages would exhibit
hysteresis, and aerodynamic recovery of the compressor flow and pressure would be difficult. At the 50 percent
speed condition of Figure 2, operating line flow involves the existence of progressive stall in the initial
stages, and further reduction of flow quickly pushes all initial stages into the progres -e stall region.
Abrupt stall begins at the 5th stage. At this speed, the resulting complete compressor staJl w,.ld very likely
be a globally-stable, rotating stall. Recovery would require a large increase in mass flow, variable geometry,
or bleed.

Although not the primary ,opic of this pape, it is interesting to note the conditions which result from
reduction of flow at the 100 percent speed of the compressor. Large pressure rise in the inlet stages increases
density in the rear stages, causing the initiation of abrupt stall in the last stage when flow is reduced. A
compressor surge would almost certainly be the resulL

The complete compressor char cteristic resulting from tl': assumed stage characteristics is shown in Figure
3. At part speeco, flattened speed tines resulting from piogressive stall in the initial stages can be noted.
For the lower speeds, the line of complete compressor stall corresponds to the reaching of an abrupt stall
condition in a middle stage. A vertical characteristic indicates choking of the flow within the compressor.

The effect of bleed and variabl vane operation on compression system stalling behavior may be stwdied in
Figure 4. Bleed flow raisei; the mass flow and unstalls all stages upstream of the bleem point. The resulting
increased pressure produced by the initial stages may raise the mass flow above the stalling value for down-
stream stages. For Case I, bleed flow is assumed at the exit of stage 4. The inlet stage flow coefficients are
moved far from the stalling vai ie. Stage 5 may or may not be in the stalling region, depending on .. e resulting
overuol Compt .ssor flow.
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Variable vanes lower the stage flow coefficient at stall, and can provide for uosiled initial stage

operation at reduced mass flows. Case 11 in Figure 4 illustrates the effect of a moderate reduction of stalling
flow coefficient by variable geometry on inlet stages 1,2, and 3. While the first three stages remain unstalled
for reducing mass flow, later stages may operate in progressive stall. A overly large reduction in stalling
mass flow for the fitst three stages by means of variable geonetry can extend unstalled initial stage operation
to very low flow coefficients, a situation marked as Case III. As can be seen in Figure 4, stages 5 and beyond
are driven into the abrupt stal' region while stages 1-3 remain unstalled. As previously mentioned, this would
produce severe blockage of the flow for all stages, and lead to complete compressor stall. In a starting situa-
lion, it is conventional to prevent the development of abrupt middle stage stall by proper scheduling of ,ari-
able vanes and bleed in initial stages. This allows the compressor to operate without stall, and to move toward
similar stage loadings as speed increases.

As a final point, it should be noted that abrupt stall of compressor stages normally involves inherent
hysteresis (Figure 5); the rotating stall operating line on the characteristic is stable, and an increase in
mass flow beyond that which the stalling throttling level permits is necessary for recovery (6]. Since pressure
production in stall is reduced, this increased mass flow must come from additional o1iening of a valve, or in the
case of turbine en.,e application, reduction of combusiun emperature below the level which existed at
stalling. If it is not possible to reduce downstream flow restriction sufficiently, then bleed and/or variable
geometry must be applied to achieve aerodynamic starting of the compre.sor. When none of these measures are
effective in a turbine engine, the result is "non-recoverable compressor stall".

in summary, reduced flow even at mid-range speeds in a multistage compressor can result in multiple stage
stalling in a paaern which is generically similar to that of failed starting in a compressor. Scheduling of
variable geometry can affect tlc results. By means f a moA:l of an actual compressor, it is the intention hem
to show that non-recoverable stall problems experienced in some turbine engines ate, in fact, extensions of the
,mpressor starting problem with abrupt stall and resulting interaction in several compressor stages, eoipled
with suppressior, of surge in the compressor. Measures which encourage aerodynamic starting should, if property
applied, produce recovery in such compressors.

COMPRESSOR EXPERIMEN7T AND MATIIEMATICAL MODEL

A recent experiment was conducted to investigate the details of multistage compre sor behavsr in globally-
stable rotaing stall [7]. Sage behavior was extracted from this test, and used to create a stage-by-stage,
mathematical model of the compression system [81 which has been shown to describe system and stage operation for
this compressor with good ldelNy. Tis validated model will be used to illustrate the application of the
abe c ideas to an actual compression system. A% discussed by Benser [3), it is difficult to obtain a complete
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understanding of part-sped stage performance and stalling characteristics through purely exp-4.tal p-
proaches, This difficulty arises because the inherent performance of each stage is not easily obtained when a
multistage compressor is operating in rotating stall, and because compressor surge limits the range of stage
operation that can be studied experimentally. Thus, a validated mccl is ideal for the present study.

Description of Modeling Technique

The theory and construction of the analytical model used in this effort are described in detail in Ref. 9.
This stage-by-stage model uses a control volume representation to simulate steady and dynamic compressor per-
formance including operation in the unstalled, globally-stable stalled (rotating stall), and transient stalled
isurge) regimes. The model can be configured to represent any compression system, given the compressor geometry
and stage characteristics as determined experimentally or estimated-

In the model, the one-dimensional forms of the mass, momentum, and energy conservation equations are solved
at each interior control volume boundary for each computational timestep. The stage forces and shaft work
required to solve the momentum and energy equations are derived from a set of steady-state pressure and tempera-
ture characteristics, respectively, specified over the entire flow range. A typical set of performance charac-
teristics, defined for a single spee. and stage, are shown in Figure 6. As the flow coefficient decreases, both
the pressure and temperature coefficients increase until a stability limit is encountered. The stability or
,taill limit is associated with the flow breakdown process, indicative of stage flow separation. The in-stall
portion of the characteristic represents the flow-weighted, average performance of that stage with the compres-
sor operating in rotating stall. For the present application, the unstalld and in-stall characteristics were
computed from experimental data obtained from the compressor rig represented in this study [ill. Backflow
characteristics are associated with full annulus reversed flow, and are estimated by using the overall shape
suggested by low-speed compressor rig studies and overall transient performance during surge.

The characteristics shown in Figure 6 and discussed in the preceding paragraph represent steady and quasi-
,teady stage performance. During a transient event such as surge or the transition into rotating stall, the

characteristics in the rotating stall region are not applicable. When a compressor flow field becomes unstable,
there is a time lag between the onset of the instability and the establishment of the fully-developed rotating
stall pattern 14]. Thus, in the rotating stall region of the stage characteristics, stage dynamic stalling
response must be specified. This is accomplished by applying a first-order time lag on the stage forces. This
tw:chnique has been successfully used in many analytical representations, including those described in Refs. 4,
5, and 6

Model simulation of a dynamic event is accomplished through the specification of boundary conditions as
linear functions of time. In the present application, all dynamic simulations were initiated through the use of
a throttling function. The throttling function is based on the concept of a mass flow function, and as such,
changes in the throttling function simulate changes in exit nozzle area. If the model throttling function is
sutficienlN dccreased, ihe comptessor stall limit will be reached and a post-stall event will be simulated.

Application and Model Results

The 10-stage, high-speed, axial-flow compressor rig modeled in this effort was tested in the Compressor
Research Facility (CRF) at Wright Patterson Air Force Base, Ohio. The test was conducted to obtain detailed
performance data describing the behavior of each of the ten stages with the test compressor operating over a
range of conditions, with emphasis on rotating stall [7]. Data were obtained at different in-stall operating
conditions by varying compressor shaft speed, discharge throttle, and variable geometry settings. Descriptions
of the test facility and capabilities can be found in Refs. 10 and It. A complete description of the test
compressor, compressor instrumentation, specialized test prucedures, and data acquisition is contained in Ref.
II
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Figure 7 shows the model control volume arrangement and a cross section of the experimental compressor rig.
Thirty-eight control volumes were used to represent the inlet ducting, compressor, and discharge volume. 'Me
number and size of control volumes are specified by the user and governed by the geomeury of the represented
compressor. Each compressor stage is represented by an individual control volume.

The in-stall data obtained from the CRF compressor test provided the means to validate the model on an
interstage basis. The validation prcess for the current work involved comparisons between model output and
experitmental data obtained from the CR1F rig test. A description of the validation efforts is found in Ref. 8.
Model-predicted overall and interstage steady and transient behavior agreed well with the experimentally mea-

sured performance.
For the present study, model stmulations were employed to examine unstalled and in-stall stage behavior and

interaction during compressor part-speed operation at 60.0, 78.5, and 82.0 percent design corrected speed-
Shown in Figure 8 is a model simulation of the large recovery hysteresis exhibited by the test compressor at
78.5% speed, the experimentally-determined rotating stall/surge boundary speed. The simulation was a result of
setting the model throttling function to levels consistent with the experimental boundary conditions. As indi-
cated in Figure 8, compressor recovery from rotating stall does not occur as the "throttle" is opened well
beyond its initial stall inception value.

Model predictions of overall compressor performance during a rotating stall event st the indicated speeds
are shown in Figure 9. For 60.0% and 78.5% speeds, the model was supplied with boundary conditions that were
consistent with the experimental conditions. At 82.0% speed, the test compressor exhibited surge when the flow
field became unstable. For the purpose of analyzing stage behavior in rotating stall at that speed, the surge
behavior was suppressed; i.e. the force lagging constant was increased until the sodel predicted rotating stall
performance. This allowed for a more complete understanding of stage stalling charactz-istics at speeds where
this behavior under most conditions would be masked by compressor surge.
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Figures 10 and 11 show model predictions of overall compressor performance in the form of compressor maps
(pessure ratio and efficiency versus mass flow). Indicated on the plots is the initial steady unstalled per-
formrance and the final average in-stall performance for each of the dynamic simulations shown in r;7gure 9. Note
the extremely low efficiencies associated with the reduced performance levels, which are inidkative of compres-
sor operation in rotating stall.

An examination of individual stage unstalled and in-stall performance offers insight into the influence of
stage matching on compressor rotating stall behavior and recoverability. The model-predicted performance of
selected stages at the three compressor shaft speeds examined ir. this study is shown in Figures 12, 13, and 14.
In all three figures, stage one is representative of the tront stage behavior, and stages five and nine are
representative of the middle and rear stage behavior, respectively.

As shown in Figure 12, at (0.C% compressor speed, the front and midje stages exhibit a progressive
stalling characteristic, and the rear stages exhibit an abrupt characteristic. At the higher speeds (Figures 13
and 14), the middle and rear stages exhibit a very abrupt stalling characteristic. Additionally, at all three
speeds, the front stages are operated relatively far from their stall limits.

DISCUSSION OF RESULTS

The model-generated stalling behavior of the 10-stage compressor test ri& showed the classical features of
a failed compressor starting situation discussed at the beginning of the paper; progressive stall in the initial
stages, abrupt stall in latter stages, and recovery hysteresis. When surge was suppressed, this behavior was
seen even at a speed of 82 percent of maximum, well above the starting speed range Apparently, if surge does
not occur, a multistage compression system can exhibit recovery hysteresis characteristic of starting well into
the normal operating speed range. When installed in an engine, the low efficiency of the stalled compressor
would lead to spool-down even with increasing turbine inlet temperatures. and a non-recoverable stall condi-
tion.

A previous study of methods to improve recoverability in this compressor rig was conducted employing the
model [8]. With the low pressure rise of the initial stages in this rig. it might be expected that bleed applied
to tie initial stages would be ineffective in unstalling later stages so as to permit the compression system to
"restart" and thus recover. In the study, a bleed flow corresponding to 15 percent of the unstalled mass now



25-S

STAGE PERFORMANCE AT 78.5% SPEED STAGE PERFORMANCE AT 82.0% SPEED

008-• 7i 0-8.

STAGE 5 STAGE S

I-AA

-I -.- J' S STAGE' 1
ASTAGE

STAGES9 STAGE 9

- A -NSTALLE P-R-ANC A UA
A PAFOAAAAWP AANOTAAANCE Y~/.lTAC

s PEnFORmNCW+'sRF E

CAPRE5SOA N AT' STAt A.PRI-EOIN TATINGSTALL

733 3 S C e 0 T.A 7' 37 TI T4 0' o7 7

STAGE low 'OE 7CIENT A,AG 710, COFl1CINT

t,-or, 1I. 1'7d Il- Je icud sUA:. val I, FiTure 1.. Model-predioted st.te Stlnlt

!., ,,. ... ,' aO i,,

of the compressor was simulated at the outlet )f the 4th and 9th stages of the compressor. As shown in Figure
15, bleed at the 5th stage inlet (4th stpgc outlet) did not produce recovery of the 9th stage, while bleed at
the 10th stage inlet (9th stage on"c.) produced recovery of that stage and the entire compressor. In another
study reported in Ref. 8, an i,' rease of the 10th stage flowpath (annular area) of the compressor was simulated
by shifting the stage t characteristic approximately 10 percent in the direction of increasing flow. Throttle
opening which did ftot allow recovery with the original design produced recovery and return to normal operation
in the modifed compressor simulation, as shown in Figure 16. The results from the bleed and increased flowpath
invesdti'i,ns are judged to support the present thesis that compressor operation in globally-stable rotating
S' ". is essentially an extension of low-speed starting behavior.

When aerodynamic starting of the compressor of a turbine engine is achieved and idle speed is reached, it
has been assumed that starting problems are no longer of concern. As shown in Figure 17, we may now deduce from
the above evidence that the zero-bleed, globally-stable stall regime of a multistage compressor can occupy a
wide region to the left and extend to the right of the compressor stall line, and that it may be reached at
speeds well above those normally associated with turbine engine idle if conditions permit. Along the constant
speed lines in this area, recovery requires application of bleed and/or variable geometry at a location that
will benefit the stages involved in abrupt stall. The appropriate location for this bleed and variable geometry
may be well downstream of the usual starting positions, depending on stage matching. Since the stalling pat-
terns and recovery measures are similar to those seen in starting, the region is called an "extended starting"
region. It is interesting to note that the entire process may be seen to have some similarities to the
unstarting and restarting process for a supersonic diffuser.

It remains to speculate what conditions can lead to the situation of globally-stable rotating stall at mid
range speeds. For this particular compressor rig, it was observed that downstream volume had no effect on the
stall-surge boundary [71, contrary to the usual theory. The causes of this result remain under investigation,
but it is speculated that the small discharge flow area of the last stage of this rig may have prevented acous-
tic communication of the compressor with the downstream plenum, effectively suppressing surge. As shown in Ref.
11, the compressor exhibits a vertical speed line at the speeds in question, indicating an internal choked
condition. It is clear, however, that the matter of multistage compressor non-recoverable stall is at least
divided into two areas; the design and system conditions which may suppress surge at mid-range speeds, and
provisions for recovery if stable stall should occur.
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It is also evident that the stage loading and flow coefficient distribution in a given compressor design
influences both stalling and recovery. Considering recovery at mid-range speeds alone, it would appear that
more uniform stage loadings, and lower design flow coefficients in latter stages favor recovery. As has been
noted by others [3] and observed here, redistribution of stage pressure rise may simply move the stall problem
to other stages, where provisions for recovery may not be present. The phenomenon is seen to be an inherent
property of multistage compressors where flow compressibility is present.

CONCUJSIONS

The stall recovery problem in a multistage compressors at mid-range speeds has been shown to be an exten-
sion of the low-speed starting problem. To the extent that stall can occur and surge can be suppressed in a
compression system, any multistage compressor may be subject to operation in the "extended starting" state.

Methods which provide for aerodynamic starting at low speeds will produce recovery at higher speeds if
properly applied.

Stability, globally-steady stall, and surge are seen to be related to the details of stage design and
matching in multistage compressors, as well as system considerations. To fully represent and study the phenome-
na, mathematical models must include representations of stage performance including compressibility effects, and
experiments must include the entire multistage environment.
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R. BULLOCK, Consultant, US

This is only comments. As indicated by the Author, this problem arose in
the past when single spool compressors having pressure ratios of 8 to 16
were wanted. The problem was made by the use of variable stators or two
spool units, although intra-stage bleed was sometimes used during develop-
ment. Higher pressure ratios in the single spools has naturally re-
introduced the difficulty. Our improved abilities to cope with problems
should provide a solution that does not impair etticiency. I don't
believe that simple one-dimensional analysis of the flow will -jive us
an accurate enough answer. Fig 18 of A 25 suggests that compressor
flow during stall has large circumferential gradients, and the resultin
flow must be determined by the circumferential static pressure gradlents
at the exit. To atLain uniform pressures, e.g. the good flow must
increase which further retards the stalled flow.

Author's reply:

The authors agree with the comments, and especially appreciate the
insights offered by Mr. Bullock in this discussion.

A. SEHRA, Textron Lycoming, US

When you opened the rear stages, did you notice a reduction in the
surge margin at high speed ?

Author's reply:

No model runs were made above 82% speed. Given the controlling effect
of the rear stages on stall at high speed, this design change would
doubtless affect stall margin in the modeled compressor at high speed.

Y.N. CHEN, Sulzer Ciothers Ltd. Switzerland

The deep stall has a very large hysteresis, in combination with a very
long range of recovery.
Some deep stall is initiated by light stall with very small pressure
drop. In an investigation of Prof. Breugelmans, a very long range
of the light stall with small multicells (7.8 or 9) was achieved.
The geometry of the blading of his rotor may serve as a guidance for
keeping the light stall to extend to very low flow rate. Then,
the deep stall can be shifted to this low flow rate.
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Author's reply

The results reported by Prof. Breugelmans from his rotating stall
experiments will be studied to see if any particular design features
of the rig can be associated with extended stall development. In
the present paper, results reported for the 10 stage compressor rig test
did in fact show "light" or progressive stall in the initial stages of
the compressor. The observed hysteresis was ascrociated with abrlip-
stalling in the middle and dowstream stages. It is interesting to considel
design changes which might produce more progressive stall behavior in the
middle stages without affecting overall compressor performance.

PAPER A 26 by 0' BRIEN (continuation)

Ph. RAMETTE, SPE, France

Have you studied the influence of the volume between the compressor
and the throttle on the stall limit, both a theoretical or an
experimental manner ?

Author's reply:

In the referenced experiment, four different downstream volumes were
attached to the compressor to study the effect on the stall-surge boundary.
In the experiment, no effect of volume was noted. We have not yet
studied this result with the model, but we plan to in the future.

Immmnmi,,lnmnnl l iJmmii
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